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Preface 


Fatigue  is  un  important  cousidf  ration  in  structural  design  and  monitoring  of  continued  airworthiness  of  military  aircraft.  During 
a  previous  AGARD  Meeting,  held  in  Bath  in  1991.  a  need  was  identified  to  review  the  efficacies  of  the  several  methods  that  are 
used  for  assessment  of  fatigue  damage  and  crack  growth  in  airframe  components  by  comparing  their  predictions  against  full- 
scale  test  and  service  experiences,  to  thereby  categorize  the  degree  of  conservatism  inherent  in  each  method.  The  latter 
consideration  is  essential  to  sound  management  of  fatigue  consumption.  Towards  that  end.  the  Structures  and  Materials  Panel 
(SMP)  within  AGARD  organized  a  Workshop  in  the  Fall  of  1993,  tilled  “An  Assessment  of  Fatigue  Damage  and  Crack  Growth 
Pr»*diction  Techniques”. 

The  Workshop  provided  a  forum  for  an  in-depth  discussion  of  the  correlation  between  in-service  e.xpericnec  and  results  from 
analytical  predictive  models,  specimen  level  tests,  component  tests  and  full-scale  tests.  Additionally,  the  Workshop  made 
possible  an  examination  of  the  operating  standards  that  different  countries  adopt  with  respect  to  various  elenienis  in  the  design 
process  such  as  load  spectrum.  e.xc6edancc  diagram,  algorithm  for  calculating  fatigue  damage,  and  in-service  monitoring 
protocol  —  all  coniributing  to  refinement  of  the  requirements  of  an  aircraft  monitoring  system. 
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l.a  fatigue  est  une  consideration  imporiante  pour  la  conception  structuralect  le  suivi  permanent  dc  l  aptiiude  au  vol  des  aeroneis 
militaires,  Lors  dune  reunion  de  lAGARD  a  Bath  en  1 991 .  Ic  Panel  A(jARD  SMP  a  ideniifie  le  besom  de  revoir  relficacilc  des 
differenies  meihodes  uiilisees  pour  revaluation  de  l  endommagement  en  fatigue  et  la  propagation  des  fissures  dans  les  elements 
dc  cellule,  en  comparant  les  previsions  obtenues  par  ces  meihodes  aux  resultats  des  essais  en  vraie  grandeur  et  aux  donnees 
d’cxploiialion.  afin  de  calcgoriser  le  degre  conservatoire  pr(»pre  iichaquc  methode.  Cette  derniere  consideration  est  esseniielle 
pour  la  bonne  gesiion  de  lendurance  en  fatigue.  Dans  cette  optique,  k  Panel  A(iARI>  des  sirucliires  et  inateriaux  tSMP)  a 
organise  un  atelier  sur '  revaluation  de  l  endommagement  en  fatigu'  et  les  techniques  de  prediction  de  la  propagation  des 
fissures”  enautomne  1991 

1.  atelier  a  servi  de  forum  pour  des  discussions  approfondiesde  la  correlation  quiexisteent  re  lefonciionnenienienserv  ice  et  les 
rcsultal.;  oblenus  dcs  modeles  predictifs  analyiiques,  des  essais  sur  eehaniillon,  des  essais  dc  composaiiis  el  dcs  cssais  en  vraie 
grandeur.  En  outre,  I’aiclier  a  permis  letude  dcs  normes  d'exploitation  adoptees  par  les  dilferenis  pavs  en  ee  qui  eoneerne  les 
divers  elements  du  processus  de  conception  tels  que  Ic  spectre  de  charge,  le  schema  d'excedeiii.  I'algonthme  de  eakul  de 
I'cndommagemeni  cn  fatigue  el  le  prolocole  dc  controle  en  service  —  autant  d’aspeets  qui  c«>neourent  a  I  optimisation  de  la 
specification  d  un  sysicme  de  controle  d’aeronef. 
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cri:ni  IS  snpporu'sl  by  lull  sciik’  lulicuc  l■slln).,  |„  scsotul 
liloliinos,  A  soc'oiul  fiiliy’iiu  Icsl  of  Ihu  JAS  .1')  is  phiiiia'd  lo  at 
Icasi  fou:  lik'limos, 

A  piosoiilaiion  was  mailc  hy  Or  J,\V,  1, incola,  on  behalf  of  Mr 
-I  M,  (  ocliian  ml,  from  l.ockheoil  Aeronaiilieal  Sysienis.on  a 
li.iciiire  haseil  lisk  assessnienl  of  ihe  C'-|4|  transport  winp 
loint  at  \\',S  This  winj!  joint  suffered  both  multi-element 
and  multi-site  I'atiitue  damage,  The  aireraft  was  desittned  to 
ptoside  .'I'.iniO  Ilipht  hours  and  the  force  is  eurrentiv  aeerag- 
iny  .f-f.tltlO  hours.  Or  Lincoln  explained  thiit  it  is  nirt 
inconceivable  ti'  expeet  this  aireraft  to  provide  reliable  ser- 
s  ice  ssell  into  the  :  I  st  eetttury  and  stated  that  the  current  tools 
ol  sinietnral  analysis  must  eo  beyond  the  specifics  of  strenjtth, 

•  lui.ibility  ,iiul  fracture  meehanies  into  the  realm  of  statistics 
.m,l  reh.ibility  Lhe  acceptable  sinele  llieht  risk  after  structural 
member  failure,  as  atlopteil  by  the  L'SAb  Scientific  Advisory 
H'l.ird  (S.AH)  tor  this  evaluation,  seas  I O  X  ID  A  |yr  l.incoln 
mentioned  that  the  intact  structural  risk  shouUI  be  no  (treater 
risk  assessment  prosided  valuable  input 
mio  the  decision  process  for  implementinii  actions  in  a  timely 
m. inner  lo  proiect  Ihe  salely  of  the  force, 

I  he  .isses-mcni  ol  an  m-serviee  moniionni;  process  to  main- 
'  no  st-uciu,-al  inteerilv  ssas  described  by  Mr  R,J.  Cazes  of 
!  'ass.iuli-  Xs ,  tiion,  I  he  pnK'ess  uses  a  test-calibrated  .Miner's 
.  imul.iin.e  .l.im.iee  l.iss  (.Miner's  relative  law)  to  establish 

1 1  .1-.  V  initi.iiion  tnlloweil  bs  damaee  tolerance  evaluation.  The 


Ihe  number  of  buffet  events  weie  monitored  and  allowed  safe 
completion  of  the  flijthl  test  projtram.  '  “ 

A  comparison  of  US  and  LIK  approaches  to  fali(!iie  elearancc 
of  Ihe  Harrier  II  aireraft  was  presented  bv  Mr  KS,  Perry  of  the 
Military  Aireraft  Division  of  Hrilish  Aerospace  Defenee  Ltd. 
The  UK  rei|uiremcnls  for  fatigue  clearance  include  analysis 
using  the  nominal  stress  Miner's  cumulative  damage  rule 
together  with  an  S-N  eijuation  for  bolted  joints  derived  at  the 
Royal  Aeronautical  nstahlishmeni  (R/\I-,)  hy  R.H.  Ileywood. 
Ihe  US  method  used  by  McDonnell  Aircraft  Company 
(MCAIR)  is  based  on  a  stress  cnncentralion  factor.'design 
limit  stress  (KtDLS)  approach.  This  method  is  based  on  local 
strain  analysis  using  Neuber's  rule.  The  two  methods  are  dif- 
lerent  in  that  the  nominal  stress  approach  cannot  account  for 
notch  residuiti  stresses  wheretts  the  KtDl-S  approach 
accounts  for  this.  However,  the  paper  debates  whether  this  is 
important.  In  fact  the  results  from  a  comparison  lead  lo  a  con¬ 
clusion  that  there  is  little  lo  choose  hetw-een  the  two  melhotls, 

A  paper,  entitled  "Fatigue  Design,  Test  and  In-Service  Fxper- 
ience  of  the  HAe  Hawk  by  Mr  J.  O'Hara  of  British  Aerospace 
Defence  Ltd.  was  presented  by  .Mr  Alan  Mumble  who 
described  design  of  the  Hawk  to  AP  0711  safe  life  rei|uire- 
ments  for  a  fiOdO  hour  life  w  ith  sca.tler  factor  of  .'5.  A  full-scale 
fatigue  test  lias  been  usesf  to  lead  the  fleet.  Incidents  arising  on 
the  test  are  handled  by  severtd  tipproaches  including  S-N  and 
fracture  mechanics  analyses  with  modifications  and  Air  roii- 


■  iPPriM.ii  IS  supported  b\  in-llighi  integrated  calculations 
s.’tisiileiinc  lo.isi  sienal  precision,  elimination  of  low  ampli- 
u..ls  s.iiMi.oris  .iinl  cscle  e-iunling  methods.  Use  is  made  of 
ibvi.ls  .is.til.ibli.-  I  leelrie  Flight  Uoiiirol  Systems  (FFCS)  to 
■•■I.iin  tv.il  lorces  on  Ihe  aircr.ifi  in  use,  I  his  on-board  moni- 
'■'.•luc  ri.-s,  .Ik-J  th.it  the  Mirage  21100  .iirerafl  was  being  used 
re  -sscrvls  than  considered  during  design.  The  structure 
II  I'  I'cvn  'ij*'sei|uetiiK  sirerigihened  in  aircraft  in  current  pro- 
'!  i.iion 

nif  role  ol  taiigue  an.ilvsis  tor  the  design  of  military  aircraft 
-•»  is  dc'cnr-ed  bs  Dr  K  Boehmann  in  a  paper  bv  himself  and 
S(r  D  VXcisgi-r'vr  ol  Deutsche  Aerospace  Mililarv  Aircraft 
'If-V-Ai  f>r  ftochriiann  stated  that,  despite  manv  reserva- 
•»'is  exs'iessest  in  numerous  publications,  the  .Miner's 
•iniiil,.ttse  daiTi.iee  rule  is  still  used  at  DASA  and  wiilely  used 
ri  I  iirojH  due  lo  lu  simple  and  iinisersal  applicat'ililv.  Studies 
bas,  rvse.ilcd  ih  it  ilie  cause  of  fatigue  cracks  developed  dur- 
:ic  [orriaslo  tull  scale  fatigue  testing  were  due  lo  the  lack  of 
issar.ies  ,n  siicss  It  was  concluded  that  a  change  in 

tcsicn  ph  )o„,pln  from  ■s.ifc  file"  to  "damage  tolerance" 
>  ".dd  ns.i  h.oc  aulomaiicallv  improved  efficiency  of  the  anal- 
>'  s  I>i  B.whmaiinindieated  that  it  is  doubtful  ilMiner's  rule 
S'll  S  'Cjsl.iced  bv  more  sophisticated  niethiHls  for  safe  life 


line  inspections,  Althoiigli  ftitigiie  analyses  are  based  on  the 
Miner's  rule  approach,  the  key  to  good  fatigue  (damage  toler¬ 
ant)  design  is  the  choice  ol  maicrials  possessing  good 
resistance  to  crack  growth. 

Reduction  of  fatigue  load  experience  as  part  of  the  fatigue 
management  program  for  F'-lft  aircraft  of  the  RNt^F  was 
presented  hy  Mr  D.J.  Spiekhout  of  Nl.R.  The  loads  monitor- 
ing  program  for  this  aircraft  uses  an  electronic  device  captiblc 
ol  analyzing  a  calibrated  strain  gage  on  one  of  the  major  carry- 
through  bulkheads  of  the  fuselage.  This  is  done  on  a  sample  of 
the  fleet  and,  by  using  a  large  centralized  data  base  system, 

individual  airplane  tracking  is  performed.  The  fatigue  damage 

fser  flight  is  calculated  in  terms  of  crack  growth  through  the 
use  of  a  Crack  .Severity  Iiuie.x  '  (CSI)  using  a  crack  closure 
model.  The  RNI./\F  F-  Ifis  are  llow  n  more  severely  than  other 
fleets  of  F-  Ifis  and  attempts  arc  made  lo  reduce  crack  growth 
damage  through  reductions  in  stress  per  G  hy  take  off  store 
configuration  manipulation.  'Fhus.  reductions  in  fatigue  load 
experience  arc  tichieved  on  individual  aireraft. 

An  oveiview  of  the  F-lfi  service  life  approach  hy  Mr  J.W. 
Morrow  of  Lockheed  Ft  Worth  was  presented  hy  Dr  J.W,  Lin¬ 
coln.  The  F-lfi  was  the  first  aircraft  designed  to  the-USAF 
fracture  requirements  from  its  inception  to  an  HOOD  hour  life 
with  a  factor  of  two.  The  safe  life  approach,  abandoned  in  the 


D.iii.  ie---  !->!er.ince  management  ol  Ihe  .\-2‘)  vertical  tail  in  Ihe  ^ds.did  not  account  for  initial  flaws  and  had  shown  poor 

t’lL -i-n,. V  , -I 'cvi-re  buffet  loails  wav  ileveribetl  bv  Mr  j  Harter  correlation  between  lest  and  service.  The  presentation 

Dw  I  S.\f  f  ,n  tip  ateeleraiion  levels  of  tin  Os  at  Ifi  Hz  <-'<’''vrcd  all  aspects  of  Ihe  slructuralintegrily  program  with  an 

wi  le  experieneesf  during  initial  flight  testing  of  the  aireraft,  intrtxiuclion  to  the  F-lfi  airframe,  design/prcdiclion  appro- 

\!:b.><ich  the  aircraft  was  not  miti.ilfv  designeil  according  to  aches,  test  policy  eomparisons,  fracture  control  plan,  force 

.fari.ice  'olcianee  pnnciples,  it  was  possihle  lo  appiv  these  management  approach  and  a  considerable  list  of  lessons 

rrim  iplcs  to  manage  the  safelv  of  the  aircraft  through  com-  l<-’arned  from  w  hich  subsequent  programs  have  gained  consid- 

r'k'i.'ii  It!  the  n.ghi  test  progr.im  A  crack  growth  prediction  erable  benefit. 


i-MsIvI  iMflDfiROi  was  developed  and  three-dimensional 
-  r  Ilk  grow  III  analysis  performed  at  a  cnlieai  liKaiion  near  the 
r,»  i  ol  lilt-  fin  between  flight  d.tys  I  he  minimum  crack  grovi-ih 
idc  111  Hrms  ,.f  tHiflci  events  was  deletmined  from  a  o.DI  X 
o  o,  tni  fi  corner  s . .lek  at  the  critical  hole  l  ime  in  buffet  and 


In  reviewing  the  ID  excellent  papers  presented  during  the 
Workshop  and  listening  to  subsequent  discussions,  it  became 
afiundantly  clear  that,  even  after  l.^D  years  of  fatigue  analysis 
methodology  development,  the  hope  for  a  universal  approach 
lo  future  fatigue  life  prediction  is  not  in  sight  in  the  forcsce- 


T*4 


able  future.  Many  still  feel  comfortable  with  the  Miners 
cumulaiise  damage  rule  approach,  perhaps  on  account  of  its 
simplicity.even  though  it  has  been  demonstrated  to  be  uncon- 
scrsaiive  in  its  predictions,  in  some  cases  by  an  order  of 
magnitude.  This  fact  surprises  Dr  Schiitz  and  me  but  is  ada 
mantly  defended  b\  current  users.  Other  researchers, 
recognizing  that  K/tal  fatigue  life  is  a  crack  propagation  pro¬ 
cess  from  the  first  load  application,  are  plowing  new  ground 
by  developing  total  fatigue  life  crack  growth  mixlels  that 
include  cracks  initiating  from  microstructural  inclusions. 
Such  models  appear  to  offer  a  prediction  capability  within  a 
factor  of  2.  It  was  noted  during  discussion  that  the  damage  tol¬ 
erance  philosophy  is  used  world  wide  for  commercial 
transport  certification  and  for  aircraft  designed  for  the  US 
Air  Force.  It  wasgeneralK  thought  that  the  safe  life  approach 
was  confined  to  military  aircraft  designed  in  Europe  Ihis  of 
course  is  not  the  case  in  Sweden  nor  is  it  the  case  in  the 
Netherlands  for  life  management  of  military  aircraft.  How¬ 
ever.  Miner's  rule  analysis  appeared  to  be  generally  favored  by 
aitetalt  dcrnvM*  ‘i*.  inbei  c\ittirtfi«  vCi  Kutoptr, 
Significantly  though,  considerable  effort  appears  to  l>e 
exerted  in  these  countries  and  others  to  make  sure  material 
fiv 

strength,  a  property  characteristic  of  damage  tolerant  stnjc- 
tures.  The  need  for  paying  attention  to  geometric  details, 
manufacturing  quality  and  lull-scale  fatigue  testing  —  ingre¬ 
dients  of  giH)d  fatigue  quality  —  is  also  a  common  refrain 
among  all  groups.  This  has  not  always  been  the  case  in  the 
past.  As  mentioned  earlier  the  crack  closure  concept  appears 


to  be  emerging  as  the  most  popular  for  variable  amplitude 
crude  growth  pre^lictums  to  support  the  rapidly  growing 
damage  tolerance  philosophy.  Still.  1  have  confidence  in  some 
of  the  simpler  models  such  as  the  Generalized  Willenborg 
model.  As  a  mcml'Hrr  of  the  Certification  Service  for  the  FAA 
4)Re  thing  is  clear,  clarified  even  further  by  Workshop  2,  irre- 
spectiyx?  of  the  fatigue  method  used  whether  safe  l>‘c.  or 
damage  tolerance  whether  Miner's  rule  or  KtDLS.  whether 
crack  closure  or  (ieneralized  Willenborg  model,  all  fatigue 
analysis  methodology  used  to  certify  an  aircraft  tvpe  must  be 
validated  hy  test. 

.Another  personal  obsersation:  as  we  look  at  recent  develi»p- 
ments  in  static  and  nitating  engine  components,  rotoreraft 
dynamic  components,  new  commuter  aireratt.  bridges,  nuc¬ 
lear  reactors,  aging  tanker'*,  tractors  —  and  on-and-on.  u  i . 
inexitable  that  damage  roleranee  will  emerge  as  ihe  safest 
and  or  the  most  e-  ‘st-elfectiye  means  ti>r  maintaining  structu¬ 
ral  integniv  However,  this  statement  assumes  that  an 
uyfraAniciviTc  ev a  .U.t  feriV/TiAiftg  •••  .p*.e\‘i.Tis  AaTiTig 
initial  manutaetunng  or  according  to  a  maintenance  program 
Nevertheless,  particularly  in  airframe  ctvmpiMients.  because 

multi  site  tiamage  and  multi  element  damage,  we  will  need  to 
combine  all  three  philosc»phies:  sale  life,  fail  safe  and  damage 
tolerance. 

In  I  he  interim,  arc  we  not  all  toriuiiaic  ihai  "there  is  more  than 
one  way  to  s<»|vc  an  engineering  problem". 
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SUM^RY 

The  development  process  for  a  new  aircraft  requires  the 
suecessful  completion  of  a  number  of  tasks  established 
to  ensure  that  the  su'uciure  of  an  aircrtift  will  meet  its 
design  objectives.  In  addition,  for  aircraft  that  have 
been  deployed,  there  are  a  number  of  tasks  tliat  must  be 
accomplished  to  ensure  its  operatioiud  success  l-or 
both  milil.ary  and  commercial  aircraft,  tlie  tasks  to  be 
performed  are  largely  dictated  by  acquisiiioii  or 
certification  agency  requirements.  I'here  is 
considerable  historical  evidence  to  prove  dial  when  the 
requirements  were  lacking  in  some  respect,  die 
structural  iniegniy  of  the  resulting  aircraft  was  also 
found  to  be  lacking.  M.uiy  of  the  problems  w  iili  aircraft 
suuctures  can  be  traced  back  to  a  failure  to  ii'iJersiaiid 
die  direat  to  dieir  integrity.  In  addition,  many  of 
sUJCtutal  iHoWciHs  c;«i ! ¥  tdesntiVai  »ith  atr  twrei)isMv 
as.sessment  of  die  operational  usage  and  wcglit  growth 
of  the  aircraft  I'igliler  and  attack  aircraft,  in  p,irticular, 
have  demonsU'aied  significantly  more  severe  average 
usage  and  more  viuiabihty  in  usage  than  predicted 
during  its  design.  It  is  die  purpose  of  diis  paper  to 
explore  the  prtK'esscs  ditii  are  used  to  ensure  a  safe  and 
operationally  economic  structural  design  for  tut  aircralt 
liie  USAI'  AirertUt  Structural  Integrity  I’rogrimi  (ASH’) 
is  used  to  illustrate  die  vtuious  aspects  of  die  process. 
Tile  current  approach  used  for  the  ASM’  by  die  I  anted 
.States  Air  rorec  is  discussed  along  with  a  discussion  of 
problems  encountered  in  practice  In  addition,  some 
recommendations  for  improvement  of  the  integrity 
[.iia.ttss  .nc  iiiclu.led 

INTRODUCnoN 

Aircraft  str  uctural  integrity  is  die  characteristic  of  an 
u.Tjil.iiiv  di,it  cii, dries  it  to  v%  all  a.iiid  di'.  iiMiis 
environment  and  usage  imposed  during  service,  t  he 
need  for  formaliring  an  aircraft  smuciural  integrity  in 
the  Air  I'orce  was  first  recogni/ed  in  l‘f5,S  when  there 
were  a  series  of  catastrophic  wing  failures  on  l)-47s  that 
were  caused  by  faiigue.  Hie  Air  I  orce  (’hie!  of  Stall'. 
Gen  Curtis  Ix’May,  approved  the  nnlialion  ol  the 
progriuii  ill  a  .May  ld5X  n!'■lllorandunl  I  le  issued  a 
policy  directive  on  lb  November  l‘)5S  liiat  required  ,i 
coinmimieni  from  the  major  conniiaiids  .A  complete 
history  of  the  origin  of  the  progriun  may  be  found  in 
reference  I.  'Pic  objectives  of  the  suuclural  iniegrity 
program  were  to  comrol  structural  failure  of  operational 


aircraft,  deiennine  metiiixls  of  accurately  predicting 
aircraft  service  life,  and  provide  a  design  and  test 
approach  that  will  avoid  structural  fatigue  problems  in 
future  weapon  systems.  'Iliese  objectives  still  constitute 
die  basis  of  the  present  DSAl-  AircTaft  Structural 
Integrity  Frogram  (.ASH’). 

Hie  original  A.SIl’  used  a  reliability  based  .ipproach  to 
establish  the  operational  life  1  his  was  referred  to  as 
the  "safe  life  approach  "  flie  safe  life  approach  relied 
upon  the  results  of  the  laboratory  "laligue  lest "  of  a  lull- 
scale  article  to  die  spectrmii  of  loading  that  simulated 
the  service  operaliomd  eiiviroiimeiii  of  the  aircraft  The 
“safe  life"  of  the  airplane  was  established  by  dividing 
die  numiiet  of  sUeeCssfoily  test  simul.iicj  lligtii  liouts 
by  a  f.iclor  (e  g  ,  four  was  coiinnoiily  used  by  the 
1  SAI  )  file  imeni  of  the  factor  was  to  account  lor 
inKlvto  .VMcle  viwrtxKii  iw  matefai*  and 
imuiuhicuirnig  qu.ilily  and  was  thought  to  be  siilliciem 
111  preclude  structural  lailure  in  serv  ice  aircralt 
alliibuiable  to  niaierials,  or  manufacluriiig  quality  I  Ins 
concept  was  die  basis  fo;  all  new  designs  during  the 
I'ffiO's  It  was  also  the  concept  used  to  establish  the 
".safe  life"  for  earlier  designs  when  these  aircraft  were 
subjected  to  a  fatigue  test  Hie  approach  appemed  to  be 
successful  as  exemplified  by  systems  such  as  the  ('-141 
the  ('-141  has  generally  had  an  excellent  safely  and 
overall  service  record,  ahliougli  some  ol  the  nialen.ils 
chosen  and  some  ol  the  sirucliiral  details  used  in  this 
aircraft  have  caused  service  problems  in  its  later  file 

Ihci,.  ■*,.ie.h,'Wcvet,'.oii.t  e.iss  -  Juinv'gdie  I’uxi  , 
where  serv  ice  experience  was  iiiisaiislaclory  and  the 
"sale  lile"  appro.ich  became  suspect  t  'alasirophic  loss 
ol  .III  1-111  III  l%h  demonsiraled  the  "sale  life  '  method 
li.id  not  precluded  the  use  of  low  ductility  materials 

id'cl.lflllg  ,lt  ill  Jl  ■'tlcs.'.i.,,  (  ml  .ev^ui.  Ildy  ,  dii>  dv  .M^tl 

was  iiiloleram  to  in.’inulacliiring  and  serv  ice  induced 
defects  fins  was  cvnleiiccJ.  also,  by  failures  in  cold 
piool  lest  Since  the  program  was  iniiialcd  aliei  the 
l*)(ih  ticcideni,  there  have  been  over  ten  sigiiilicam 
laihires  in  cold  prool  lesi  in  aircraft  that  were 
consider. ibly  sl.orl  ol  then  test  denionsiralcd  sale  lilc 
Some  of  ihese  wcie  loiiiid  to  be  the  lesull  of  small 
delects  iiidiicc.J  by  manilenaiice  aclu  ns  Other  losses 
le  g  ,  I  -“i.  It-s2  and  i  -3Si  and  incidents  of  serious 
cracking  (e  g  .  K('-13S)  during  this  period  coiifiiincd 
tins  shoricoinnig.  Ihe  ability  to  inspect  these  e.nly 
"sale  life"  aircratl  was  significantly  impacted  by  this 
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intolerance  to  defects  and  cracks,  In  many  applicatiorrs, 
It  wa.s  fotiiid  to  be  extremely  difficult  to  inspect  the 
aircntfl.  Since  inspccltihiliiy  of  the  aircraft  was  not 
required  as  a  part  of  tins  approach,  many  details  were 
found  to  be  outside  the  lypO's  inspection  cap.atiilily 
Kelativciv  small  cracks  and  defcei.s  could  retidily  escape 
detection  witlt  drtuiiaitc  consequences.  In  tliese 
situations,  a  modification  progrtun  w  as  usutdiy  the  only 
viable  alternative, 

Ihc  sltoncomings  of  the  stife  life  process  as  illustrated 
by  tite  cited  service  incidents  dennmdcd  a  fundamenuti 
elKinge  be  m.ade  in  the  approach  to  design,  qualification, 
and  inspection  of  .aircraft.  An  improved  reli.ability 
approach  and  a  dtunage  tolertince  appmaeh  emerged  as 
die  eaitdidttlcs  for  this  cintttge  Ihe  d;un;ige  lolenince 
approach  rccogtti/ed  ;tn  tnrerafi  wtts  subject  to  ;i  w  ide 
range  of  tnttutl  qiiahty  front  the  nianutactnrttig  procesv 
and  from  service  induced  damage  ;ind  it  had  to  be 
mcpectable.  fo  ensure  tlie  design  could  he  operated 
stifely  in  tlie  presence  of  such  anomalies,  die  structure  is 
designed  to  be  tolerant  to  tliese  defects  for  some  period 
of  service  usage  before  there  is  a  need  for  an  inspection 
Ihe  damage  tolerance  approach  can  be  used  to 
detennine  the  period  of  safe  operation,  callcil  c  safety 
limn,  and  reqa  a‘d  i.ispcciion  iniersals  Ihc  aiie 
approach  i'  used  for  existing  designs  as  well  as  new 
Ihe  difference  is  that  inspection  inters als  may  be  more 
easily  controlled  in  a  tiesv  design  I  he  damage 
lolentnce  approach  w  as  used  to  upgrade  the  striicniral 
integrity  of  seser:il  operaliontii  aircraft  (eg.  the  I  -  1 1 1. 
('-.''A  and  l•■-4)  ni  the  eiuly  Id70's,  It  infiueiiced  the 
design  of  the  I'- 1 5.  and  was  a  basis  for  the  design 
criteria  lor  the  II- 1 A  Ihe  success  of  these  endeavors 
cotivtiiced  the  Air  l•■orc•e  damage  tolerance  should  he  the 
basts  for  ;dl  future  designs  In  December  of  I'r7,s.  the 
damage  toh-nuice  approach  was  foniially  made  a  p.irt  ol 
ASH’  with  the  publication  of  reference  2  During  the 
I'f70's  and  Ih.so's.  the  ,Air  force  perfoniied  an 
assessiitetn  on  esers  tn.i|or  .nreraft  weapon  sysietii 
using  Ihe  damage  loleraiice  .ipproach  to  develop 
appropriate  inspeclioii/inodilicalion  programs  to 
inanil.nii  operational  safety  As  an  iiiihcalor  ot  success, 
Ihe  failure  rate  for  all  systems  designed  to  ;uid/or 
inaint.nned  to  Uic  diuiiage  tolerance  policy  is  one 
aircraft  lost  due  to  sirnclural  reasons  m  more  than  ten 
million  lligin  hours  I  his  is  signifieantly  less  than  the 
osertill  aircraft  loss  rtiie  Iroin  all  causes  by  two  orders  of 
niagnilinie 

I  he  current  version  of  the  .ASH’  mchides  five  separate 
tasks  dial  cover  all  aspects  of  the  dcselopineni  and 
support  of  till  aircrali  struc  ture  I  licse  l.isks,  some  ol 
winch  are  shown  in  figure  I  are  identified  as  folhiws 

1  IXisign  hifoniiation 

2  Design  Analyses  and  Development  l  esis 

^  I'ull-Scale  lesimg 

4  force  Managenieni  Data  I’ackage 


5  force  Management 

Ihe  pnmrmy  focus  of  Uie  progrrun  is  to  ensure  the 
scrucluraf  safely  of  Air  force  aircraft.  As  indicated 
above,  this  has  been  accomplished  such  that  Uie  pilot  is 
exposed  lo  less  risk  from  aircraft  structural  failure  Uian 
he  normally  accepts  in  other  activities  (e  g,,  driving  an 
automobile).  Much  of  this  success  has  been  attained 
dirough  (Ire  ulili/ation  of  Ifie  results  of  Uie  individual 
tail  number  tracking  progrtuii  Ihis  progrtmi  is  a  main 
feaiure  of  die  A.SII’  Ihis  tracking  capability  has  long 
been  recogiii/ed  as  an  esseniiid  feaiure  of  ’.e  miegriiy 
program  since  experience  has  shown  aircTc'i  are  often 
used  differently  lluui  they  were  designed,  fhere  are 
nirmy  examples  of  this  One  of  these  is  the  l  -lb.  which 
is  being  used  approximately  a  factor  of  eight  times  more 
severely  iliaii  it  svas  designed  It  would  he  impossible 
lo  oper.ile  ihis  aircrali  satcly  wiilioul  Ihe  data  iKtiiig 
derived  Iroiii  the  aircraft  tracking  program  Ihe 
I  -IfsA/ll  tracking  program  has  been  adversely  affected 
by  Ihe  operator  reniov  mg  the  ihglil  data  recorder  and 
replacing  ii  with  a  video  camera  In  spite  of  this 
problem,  there  has  been  sullicieni  data  lo  adequately 
support  this  program  Anodier  program  ..here  the 
tracking  program  has  proved  lo  be  mvalnahle  is  the 
I  -l  .'s  I  he  ciirrcni  usage  on  the  I  I  S  is  approximately 
lour  limes  more  severe  than  that  used  m  design  I  he 
tracking  progr.mi  has  revealed  tins  is  m.milv  allribnlcd 
lo  weight  increases  and  to  operations  at  .Mach  mmibers 
that  ;ire  higher  than  origin. illy  expected  l  lie  iioniial 
load  factor  expeneiice  is  quite  close  to  the  design 
estimates  Ihe  tracking  program  has  been  able  lo 
ideiility  the  extent  ot  operational  usage  where  hnlfel 
lo.iding  on  (he  wing  and  the  vertical  l.nl  has  caused  a 
sigmficam  niaimenance  cost  tor  the  user  I  Ins 
information  was  used  to  design  and  test  inoihficaiions  to 
the  components  Ihe  .A-  Hi  early  oper.ilional  service 
il.iia.  as  derived  liom  the  tracking  program,  showed  the 
usage  was  approximately  three  times  mere  scveie  than 
the  original  design  us.ige  Ihis  was  partly  due  to  an 
iiicreav  in  ilienorm.il  lo.id  l.nloi  spectrum  and  partly 
due  to  tuel  loadings  that  vveic  m  excess  ol  design 
llic'se  usage  changes  were  sncces.liilly  compensated  for 
by  nioijilicalions  to  m  service  aiicral;  and  by  changes  in 
Ihe  production  aircralt 

I  he  recording  device  lli.ii  was  the  standard  m  the  past 
for  die  tr.ickmg  program,  and  is  still  being  used,  is  a 
lape  system  It  lias  Kvii  proven  by  operational 
experience  ihis  device  is  not  tecliiiic.illy  able  to  allain. 
by  a  considerable  inargm,  die  d.iia  c.ipiiire  that  was 
polenlially  imssible  Die  new  nncioprocessor  systems 
have  elininialed  the  past  piohlems  and  Ihe  current 
evulciice  stiows  the  data  capline  is  iie.ir  the  maximnin 
ivoleiili.il 

Ihc  odier  mam  focus  ol  the  piogram  is  to  ensure  the 
aircraft  are  being  o|icraled  in  the  most  economical 
iiiaimer  possible  I  he  .A.SII’  lias  evolved  over  the  years. 
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primarily  through  the  efforts  of  the  Aeronautical 
Systems  Center,  into  a  process  that  develops  aircraft 
that  are  tolerant  to  both  manufacturing  and  service 
induced  damage  throughout  their  design  life  and  usage. 
Cx  xirience  has  shown  it  is  rare  for  an  Air  Force  aircraft 
to  i  e  retired  because  of  structural  degradation  due  to 
fatigue  aacking.  This  type  ol  degradation  normally 
occurs  on  a  single  component  of  the  aircraft  rather  than 
die  entire  airaaft.  Ilie  dtunage  tolentnce  ttpproacli  is 
directed  towards  repair,  modification,  or  retirement  of  a 
component  only  when  in-service  inspections  reveal  one 
of  these  actiotis  should  be  Utken.  there  have  been  m;iny 
cases  of  structural  modification  to  preclude  retirement 
of  the  aircraft.  Examples  of  this  include  the  D-52D, 
C-5A,  KC- 1 35,  F- 1 6,  and  C- 1 30. 

During  the  seventies  and  eighties,  dtmi.ige  tolerance 
assessments  were  perfonned  on  all  major  weapon 
systems  to  update  their  Force  .Structural  .Maintenance 
Plans  (F.SMP)  and  their  tracking  progrtuns  These 
assessments  are  discussed  at  length  in  reference  3  It  is 
believed  die  dmnage  tolerance  approach  tncorptiraied  tit 
the  integrity  process  in  the  seveiittes  ts  siil!  the 
conierstone  for  protecting  the  safety  of  aging  aircralt 
•Service  experience  has  demonstrated  this  Since  diese 
assessments  have  been  successful  in  matnlaiiiing  sttfe 
and  economic  operations,  it  has  been  extremely  dilfieuli 
to  m.ainiain  die  level  of  funding  for  the  ASIP  dial  is 
needed  to  ensure  die  continued  success  of  the  progrimi 

Another  problem  is  the  constraints  placed  on  the  ASH* 
managers  by  progriuii  nianagciiieiii  Program 
nitinagenieni  laces  pressures  of  schedule  and  cost  that 
docs  not  always  peniiil  adcctuaie  atlenitoti  to  itiiegritv 
concents  such  as  corrosion  control  Also,  these  ASIP 
mtuiagers  tne  so  burdened  with  detail  maniienancc 
problems  they  have  little  time  to  devote  to  die 
consideration  of  broader  issues  for  dieir  turcrafi  An 
ex.-uiiple  of  a  broader  issue  is  die  deteniiination  of  w  hen 
to  expect  the  onset  of  widespread  fatigue  dtmiage  such 
as  that  revealed  in  the  inner  to  outer  wing  joint  of  the 
('-141  Another  cxiuiiple  is  the  unanticipated  cracking 
111  the  A-71)  wings  that  led  to  a  structural  failure  in 
December  of  PhSS  Still  another  example  is  the 
identificaiion  of  iioiidestruciive  nispeclion  capability 
that  will  enable  them  to  inspect  more  accurately  ;uul 
econoniically  in  the  future 

■Pie  op^,'ation;il  usage  ol  i  sSAF  aircraft  is  often  found 
to  be  considerably  different  from  that  used  in  design 
This  vas  pnmtirily  die  result  of  increased  weight  and 
mission  changes.  M.iny  aircraft,  such  as  the  ii-52, 
('-1.30  and  (’-141  are  Hying  in  a  low  level  environmcni 
where  die  diuiiage  from  cyclic  loading  is  approxmiatcly 
ten  limes  worse  than  a  high  altitude  mission  It  was 
found  aircraft  were  being  llowii  iiiucli  more 
aggressively  diaii  that  assumed  lor  the  design  Also,  as 
was  found  in  die  ease  of  the  F  ib.  the  weight  was 


changed  widioui  compensating  changes  to  the  structure 
of  the  aircraft. 

THE  ACQUISITION  I’ROCK.SS 

.System  acquisition  prognuns  in  die  I'J  .S.  Air  Force 
typically  go  through  a  total  of  five  phases.  I  hese  lue: 

Concept  lixploration  tuid  Dermiiioii 

I  )emoiistrationA'  ai  idal  ion 

Engineering  luid  Manufacturing  Development 

Producuon  and  Deployment 

Operations  and  Support 

It  IS  not  essential  dial  all  of  diese  phases  be  included.  In 
some  cases  some  of  the  phases  may  be  combined 
Circunistances  such  as  a  decision  to  procure  an  aircraft 
that  hastilready  been  cerlilied  by  another  agency  would 
ehininate  and/or  coiiibnie  some  of  the  phases  above 

There  is  very  little  strucniral  effort  required  in  the 
Concept  Exploration  and  Deliiiiiion  phase  In  diis 
phase  pa|X.T  studies  ;uc  typically  perfonned  to  explore 
alleniativcs.  Miese  studies  allow  conip.irisoii  of  each 
alternative  on  the  basts  of  cost  and  operational 
effecdveiiess.  This  pluise  would  conclude  with  a 
decision  on  die  need  for  i  roceeding  to  the 
IViiionstratioiiA'ahdalioii  phase 

Die  l)eiiioiistralion/\'alidatioii  ph.ise  is  used  to 
reduce  the  technical  risk  or  cost  uncertainly  The 
program  office  will  often  task  the  coiilraclor  to  build  a 
prototype  and/or  request  tests  and  paper  studies  to 
.iccoiiiplish  these  g<Kils  It  is  anticipated  that  the  early 
ptirt  of  dlls  phase  would  be  used  lor  a  screening  process 
so  that  die  final  stage  of  tins  phase  could  be  used  to 
develop  data  for  the  selected  technologies  It  is  in  tins 
phase  dial  a  structural  technology  is  uaiisiiioiied  from 
die  laboratory  to  die  Engineer  and  Maiiufacturiiig 
Development  (F.MD)  phase  II  a  piotolypc  is  required. 

It  places  an  additional  burden  on  the  structural  engineer 
It  IS  likely  that  sirucinreol  the  prototype  would  be 
ditlereiii  Iroiii  the  structure  ol  the  F.MD  aircralt  because 
the  TMI)  structural  concepts  ni.iv  h.ive  not  matured 
Therclorc.  the  structural  engineer  h.is  die  task  ol 
providing  a  prototype  structure  dial  would  enable  a 
nieamiiglul  aircraft  capability  deiiionsiration 

Die  structural  efiort  in  F.MD  is  completely  defined  m 
rclerence  2.  At  the  successful  completion  ol  tins  phase 
the  aircraft  structure  will  be  approved  for  pmdnctioii 
The  dafa  will  have  been  generated  to  write  the  Slreiigth 
.Suiiinuuy  and  ( Iperalnig  Restrictions  Report  and  to 
fiiiah/c  die  Force  .Structural  Manilciiancc  I’laii  lie.  the 
how,  when,  and  where  to  perlonn  die  structural 
nispcciions  required  to  maniiain  salely  and  economic 
ojicratioiil  llic  nielliodology  will  have  been  developed 
to  perfonii  the  tail  iiuniber  tracking  required  to  obtain 
individual  usage  data 


* 


The  schedule  of  Uiese  phases  is.  of  course,  dependent  on 
many  considerations.  One  of  the  more  imporuint 
considerations  is  the  scope  of  technologies  development 
required  before  EMD.  Anotlier  imporUint  consideration 
is  the  requirement  for  a  prototype.  If  there  is  no 
significant  technology  development  or  prototype 
required  then  the  time  required  for  the 
DemonstrationAfalidation  phase  may  be  as  short  as 
three  years.  A  prototype  could  stretch  this  time  by 
approximately  two  ye.irs.  If  significant  technology 
development  is  required  then  up  to  an  additional  five 
yeais  may  be  required  Iherefore,  a  program  involving 
a  prototype  and  technology  development  may  impose  a 
ten  ye;ir  interval  from  die  suirt  of  Concept  Exploration 
and  Definition  to  EMD  start.  Ihe  EMD  schedule  is 
subject  to  considerable  variation  because  of  effects  of 
airframe  size  and  complexity.  A  spread  of  live  to  nine 
years  from  die  start  of  EMD  to  IOC  (initial  operatiotuil 
capability)  is  not  unreasonable.  In  the  EMD  schedule 
there  are  several  milestones  that  are  crucial  to 
technology  development.  Tlie  milestone  be  ft  re  which 
the  technology  must  be  completely  matured  v.  die  sunt 
of  die  flight  test  program  with  an  80  percent  if  limit 
load  restriction  By  this  point,  the  stress  analysis  will 
he  submitted  and  approved  llierefore  die  fmtil  Ititids 
are  available  and  final  allowables  lor  the  nititerials  inusi 
have  been  esuiblislied.  I  lowever.  bclore  diis  iiiilesioiie 
IS  reached,  the  progrtun  would  have  had  its  Critical 
Design  Review  iCDK).  At  diis  point  in  die 
development  the  contractor  should  have  completed 
approximately  95  percent  of  die  drawings  Unit  is.  die 
final  sizing  should  have  essentially  been  completed  If 
die  material  allowables  tire  not  completed  by  this  time 
die  contractor  (and  correspondingly  the  goveniment)  is 
operating  with  some  risk  to  both  schedule  and  cost 
nierefore,  the  contractor  should  iiiiii  Ins  technology 
development  program  to  be  completed  lie.  lintil 
allowables,  etc  )  by  ilie  l’relininitu->  Design  Review 
(I’DR).  lilts  niilestoiie  would  provide  approximatelv 
nine  to  twelve  nioiillis  alter  shirt  of  I  MI)  to  complete 
die  technology  developmem  Ihis  nine  could  be  used 
as  a  gage  to  csimiaie  the  degree  of  coiiipletion  needed 
at  E.MD  shirt. 

Technology  Transition 

I  o  be  successfat  m  die  developmem  of  a  new  aircr.iti. 
the  structural  mtegrily  elfort  must  begin  before  the 
I'ligliieering  and  Mtiiiufaeiuriiig  Developiiieiii  phase  of 
die  program  In  the  I  'SAh.  the  siriieliiral  aciiv  iiy  shuts 
In  earnest  m  die  Wright  I  aboratorics  even  before  die 
DeiiioiislraiionA'alidalion  phase  However,  it  is 
noniially  die  DemonsiratioiiA'ididatioii  phase  that  is 
ptiriicuhirly  cTideal  lor  the  transition  of  structural 
leehiiology  from  the  laboratory  to  the  aircraft  There 
are  many  examples  of  successful  transitions  of 
technology  from  the  laboratory  to  full-scale 
dewli'firu'tu  Many  t\l  Uww  smxirsso  MU’  JeTiw\l 


from  a  well-conceived  plan  or  ’’road  map”  that  fonned 
the  basis  or  criteria  for  technology  transition.  In 
general,  diese  road  maps  have  included  prognmis 
directed  at  several  levels  of  technology  maturity,  .hese 
levels  are  referred  to  as  basic  research,  exploratory 
development,  advanced  development  and 
manufacturing  technology  development.  Most  of  die 
advanced  development  and  manufacturing  technology 
development  program  effort  is  directed  towards  the 
demonstration  of  the  technology  by  means  of  die 
manufacture  and  testing  of  a  specilic  piece  of  hardware. 

A  key  element  in  die  developnieni  of  die  road  maps  was 
a  knowledge  of  die  threats  to  structural  integrity  from 
the  environment  in  which  die  structure  must  be  able  to 
pertomi  its  function  Tlie  undershindmg  of  diese  direals 
typically  is  derived  frotii  experiences  with  other 
inalenals.  There  are  siiuaUoiis.  however,  where  a  new 
niateritd  may  be  sensitive  to  a  Ihretii  dial  In  die  past  has 
not  been  a  major  factor  Ilie  types  of  direttis  dial  one 
sliould  consider  in  die  developmem  of  a  new  mtiierial  or 
process  are  sliown  in  ligure  2 

A  study  of  diosc  succcsslul  rotid  maps  for  iriuisition 
of  lechnologv  to  full-scale  dcvelopinem  reveals  dial 
dicy  had  certain  factors  m  coiiiinon  iiicse  laciors  may 
be  combined  to  fonii  a  criterion  lor  the  iransitioa 
process  to  be  successful 

I  roiii  a  study  of  die  succcsslul  iriuisinoiis  ol  structural 
technologies  from  the  laboratory  to  lull-scale 
developnieni  it  was  found  dial  live  factors  coiisiiiuted  a 
coniinoii  dircad  among  these  successes  Also,  it  was 
found  dial  these  live  factors  were  essential  to  the 
succcsslul  coiiiplelioii  of  the  tasks  td  the  I  'nited  .Suites 
Air  Torce  Siruclur.il  Integrity  I’rogram  i.XSlI'i  liiese 
live  laciors  are 

Stabilized  iiialcrial  and/or  iiiaieri.il  pioc esses 

I’rodiicihilily 

I’haraclerized  meclianical  properties 

I’rediciabitity  o(  structural  pcilormaiice 

Supporlabilily 

III  diis  listing  lliere  vvas  no  attempt  to  establish  a 
r.inking  of  iniporlance  of  these  l.iclors  A  delicieiicy  in 
any  one  ol  the  faclurs  could  eoiistituie  .i  l.ii.d  delect  A 
description  ol  e.icli  ol  these  live  l.ictors  involved  in  the 
Iraiisiiioii  ol  siriicliiral  technologies  to  lull-scale 
developnieni  is  given  in  relereiice  4  The  relation 
between  die  phases  ol  the  aeqiiisiiioii  process, 
leehiiology  iransilion,  and  the  .ASH’  is  shown  iii  ligure 
.1 

DiSCLbSlOMOUllL  TASKS  Oli  JliJlASII’ 

.Since  structural  laiinre  Iroiii  laligue  was  the  moiivaliiig 
factor  for  the  ASII'  initiative  in  19S.X,  n  is  reasonable 
Ui-U  a  luimhT  ol  r'kineWi  il»-  ASH’  *io  xsoa  ixhsl 


with  the  influence  of  repeated  loads  on  the  structure. 
This  is  shown  by  figure  I .  In  all  five  uisks  of  ASH’, 
there  are  significant  elements  related  to  repeated  lottds. 

Every  element  of  Task  I  of  die  ASIP  is  critical  for  the 
aircraft  to  be  suceessful  in  the  repeated  loads 
environment.  The  ASIP  master  plan  provides  a  living 
document  on  what  is  planned  to  be  accomplished  and 
the  results  of  tests  after  they  are  performed.  The 
preperation  of  this  document  is  typically  started  in  the 
DemonstrationA'alidation  phase  of  acquisition.  Tlie 
first  draft  of  this  document  is  submitted  with  the 
proposal  for  the  Engineering  and  Manufacturing 
Ifevelopmem  phase  and  is  updtited  regularly  iliroughout 
the  development  and  operational  life  of  the  aircraft. 

Task  I  could  be  considered  die  most  imponant  of  die 
tasks  of  ASIP.  The  reason  for  this  is  dial  mistakes  made 
here  in  structural  design  criteria  for  durability  and 
damage  tolerance,  for  example,  could  jeoptirdize  die 
entire  development.  Ilie  stime  is  also  true  for 
esuiblislimcnl  of  the  design  service  life  and  usage  of  the 
aircTiift.  Ihe  burden  for  the  success  in  Task  I  rests 
mainly  wiui  me  acquisition  aumoriiy.  1  ne  operaiing 
command  diat  is  to  use  the  aircrali  also  has  ;i  major 
role.  The  using  cotiitiiaiid  specifies  the  usage 
tttvmitrtticTit  for  wfach  the  i  cxpttTc J  hi 
operate.  'Iliis  is  a  particularly  diHiculi  task  in  dun  if  die 
usage  diey  specify  is  less  severe  diaii  dun  to  be 
cxpi'rienced  in  operational  service  dien  diere  could  be  a 
significant  aonomic  burden  for  structural 
modifications.  One  of  several  examples  of  this  is  the 
case  of  the  A- 10.  In  this  case,  the  initial  fuel  weight 
w.is  based  on  mission  requirements  radier  dian  using 
full  initial  fuel  as  was  experienced  in  service.  If  die 
usage  they  specify  is  loo  severe  or  if  diere  me  missions 
specified  diat  are  not  operationally  flown,  then  die 
weight  of  die  aircraft  could  have  a  adverse  impact  on 
performance  An  obvious  exiuiiple  of  this  is  the  ('-“iA 
A  major  function  in  Task  I  where  die  contractor  is 
involved  IS  the  selection  of  materials  and  processes  Ii 
is  of  utmosi  importance  dial  the  m.alerial  ;uid  process 
selection  be  essenii.ally  complete  by  the  end  of  die 
DemonsiraUonA'alidation  phase  in  order  to  proceed 
with  confidence  in  the  EMI)  phase  and  meet  die  EMI) 
milestones. 

It  is  in  Task  II  of  the  ASIP  tli.at  die  sizing  of  die 
structure  is  accomplished  to  meet  its  operational 
requirements.  'Iliis  is  accomplished  di  rough  numerous 
analy.ses  and  tests.  Iliese  antilyses  and  tests  are  directed 
at  specific  structural  details  dial  could  be  s-.-.l-ject  to  an 
inspection  during  the  operational  life  of  the  aircraft 
These  details  are  called  critical  liKaiions  It  is  one  of 
Ihe  functions  of  Task  II  to  make  an  initial  idenlilicaiicn 
these  locations  It  is  difficult  to  say  that  one  of  die 
elements  of  Task  II  is  any  more  critical  dian  the  other 
However,  the  loads  analysis  is  certainly  a  strong 
candidate  for  this  distinction  Tlie  reason  for  diis.  of 
course,  is  the  severe  impact  of  lui  error  in  loads  on  die 


durability  and  damage  tolerance  capability  of  the 
aircraft  Fiirdier,  some  of  the  important  operational 
huid  cases  involve  high  angles  of  attack  and/or  side  slip. 
Consequently,  diere  is  often  considerable  difficulty  in 
making  an  accurate  load  predictions,  llie  generation  of 
the  design  service  loads  spectra  is  usually  straight 
forward  in  the  case  of  fighter  and  attack  aircraft  Ilial 
is,  aircraft  where  die  effect  of  turbulence  can  be 
ignored  lliere  are  cases,  however,  where  buffet  loads 
may  have  a  significant  impact  on  structural  imcgrity 
and  consequently  can  not  he  ignored  Such  a  case  is  die 
T-l.‘'  that  has  suffered  hulfet  load  damage  on  hoih  die 
wing  and  the  vcriical  lail  A  descripiion  of  how  diis 
was  solved  on  die  T- 1 5  vertical  lail  is  found  in  reference 
5.  In  die  case  of  Nmiber  and  transport  category  aircraft, 
there  is  die  added  problem  dial  the  loads  and 
consequendy  the  phasing  of  die  componenls  of  the 
loads  can  only  be  represenied  hy  dieir  prohahiliiy 
distribution  functions  fins  significantly  complicates 
the  generation  of  die  design  service  loads  dial  me  to  he 
applied  to  Ihe  full-scale  lest  ariicle  method  for 
accounting  for  the  load  phasing  associated  with 
lurnulciice  is  descrined  in  reieieiice  o  I  ins  approacii 
was  used  III  generaling  die  loading  sequence  used  on  the 
('■17  durability  lest  Aller  the  design  service  loads 
.peetta  h.T-  been  gcftctaicd  f-n  ah  aitctall,  the  sttc- 
spectra  for  each  of  die  critical  locations  can  be  densed 
fins  effort  uses  the  results  from  die  stress  analysis 

file  U.SAI-  guidance  for  the  diuiiage  tolerance  analysis 
for  the  nieuillic  structure  is  based  on  an  initial  flaw 
concept.  Hie  initial  flaw  concept  and  the  derivaiioii  of 
currently  used  initial  fiaws  is  discussed  in  relercnce  f 
Idle  guidance  on  the  si/e  ol  die  iinlial  flaws  is  given  in 
reference  7  Ihe  I  'S.M  guidance  for  most  of  die 
durability  tuialyses  is  dial  they  also  be  perfoniied  using 
an  iiiiiiid  Haw  concept  I  he  milial  Haw  used  for  ihese 
analyses  is  based  on  die  Imgesi  defect  that  could  be 
expected  to  be  in  any  given  aircraft  (see  reference  7) 
Consequeiitly,  it  is  sinaller  than  die  diunage  loleraiice 
initial  flaw  size 

It  is  worthy  of  note  dial  many  of  the  elements  of  I  ask  II 
m*"  oriented  towmds  a  fraciurc  iiiechanics  oriented 
diunage  loleraiice  approach  I  loweser.  diere  is,  in  lacl, 
lillle  difference  in  Ihe  scope  of  die  effort  associated 
with  a  safe  life  analysis  li  is  essential  in  both 
approaches  to  perfonii  die  loads  analyses,  stress 
analyses  and  obtain  the  stress  spectra  for  each  critical 
locaiion  I  hese  me  the  time  consuming,  luid 
consequently  the  costly  tasks  It  is  usually  a  small 
difference  in  computer  lime  that  causes  the  difference  in 
analysis  cost  beiween  die  two  approaches 

Under  certain  restrictions.  Ihe  safe  life  approach  tor 
ensuring  safety  can  be  demonstrated  to  be  adequate  In 
most  examples  of  the  use  of  safe  file  on  modeni 
niiliimy  aircraft,  testing  of  die  full-scale  aircraft  is 
accomplished  If  tins  type  ol  testing  is  not 


accomplished,  then  Uie  structural  engineer  is  forced  to 
make  a  judgment  on  the  "effective  stress  concentration 
factor",  or  K|  to  use  in  the  fatigue  analysis.  The  fatigue 
data  displayed  in  reference  8  appc.ars  to  have  an 
effective  stress  concentration  of  about  five.  As  shown 
in  reference  9.  there  is  a  significant  difference  in  the 
computed  life  derived  from  a  change  in  K,  from  five  to 
six.  for  example.  Without  an  adequate  test,  that  is  truly 
rcpre.scntative  of  Uie  expected  niglit-hy-fiight  usage  and 
stress  distributions  in  Uie  airframe,  there  is  no  nieUiod  of 
determining  Uie  m.agnitude  of  Uie  effective  K,  of  Uie 
structure.  Therefore.  Uie  results  of  a  safe  life  analysis 
without  supporting  test  data  are  subject  to  such 
uncertainty  Uiat  Uiey  are  not  usable.  AnoUier  restriction 
on  the  use  of  safe  life  is  Uiat  its  use  should  be  restricted 
to  ninierials  Uiat  arc  reasonably  insensitive  to  Uie 
defects  that  could  have  resulted  from  Uic  manufacturing 
process  or  as  a  result  of  operationiU  service  An 
example  of  Uic  sensitivity  of  a  steel  engine  mount  to 
small  defects  is  described  in  reference  9  The  failure  of 
Uie  safe  life  approach  for  eiuly  II.S.AI'  aircraft  is 
attributed  to  Uie  fact  Uiat  they,  in  most  cases,  did  not 
have  an  adequate  fatigue  test  Hus  was  ilie  case  for  ilie 
r-4  and  Uie  C-13().  as  exiuiiples.  Also,  as  evidenced  by 
aucTtift  such  as  the  K('-I35.  Uic  I'S.Af'  accepted  designs 
with  low  toughness  materials  Uiat  operated  at  stresses 
th.at  made  Uicin  flaw  sensitive.  Tinally.  Uic  structure 
should  be  designed  to  be  inspectable  It  is  impossible  to 
represent  all  of  Uie  potential  environment;il  cllecis  in  a 
laboratory  fatigue  test  It  Is  also  difficult  to  know 
wheUier  Uic  safe  life  scatter  factor  adequately  accounts 
for  Uie  variation  in  quality  of  production  aircraft,  l  or 
Uicse  reasons,  it  is  essential  Uiat  aircraft  be  subjected  to 
inspection  during,  Uie  course  of  tlieir  operational  service 
In  Uie  event  Unit  an  aircraft  has  been  subjected  to  a 
representative  fatigue  lest,  is  coiistructed  with  materials 
at  stress  levels  Unit  would  satisfy  the  damage  tolerance 
guidance,  and  is  inspectable,  Uieii  it  could  be  qualified 
by  Uic  sale  life  priKess.  If  all  of  Uiese  sfipulatioiis  are 
incorporated,  it  is  evident  that  the  materials  and  stresses 
and  configuration  would  he  little  different  from  a  design 
based  on  diuiiage  tolerance  principles 

AnoUier  critical  ellort  m  I  ask  II  is  Uie  design 
developinent  lests.  I  liese  arc  the  coupon,  clement, 
suheomponent,  and  coniponent  tests  Unit  lorin  the 
building  blocks  for  Uie  understanding  of  the  structural 
perforniance  under  environmental  loading  I  he  costs  of 
these  tests  can  be  a  significant  pint  of  tfie  entire 
structuriU  development  program  (  oiisequenlly,  these 
tests  may  fall  victim  to  funding  slicrtfalls  in  the 
progr.am.  Experience  Inis  shown  Unit  a  successfut 
design  development  lest  progr.un  is  the  only  way  to 
ensure  Unit  Uie  risk  is  acceptable  for  the  full-scale  test 
program  n  T.ask  111.  It  should  be  a  program  ohjeettve 
f)  enter  Uie  full-scale  test  progriun  with  low  risk 
I'ailurcs  in  full-scale  testing  can  create  very  serious 
progriun  schedule  disrupiioiis  and  cause  a  fiinincnil 


burden  far  in  excess  of  what  would  have  been  spent  on  a 
sound  design  development  lest  program. 

The  successful  completion  of  Uie  full-scale  testing  in 
Task  III  is  essential  for  keeping  Uie  acquisition  process 
on  schedule.  There  is  never  enough  time  and  money 
available  to  ensure  Unit  there  will  no  risk  of  structural 
failure.  However,  as  indicated  above.  wiUi  proper 
attention  to  the  design  development  testing  in  l  iisk  II, 
the  risk  of  a  major  failure  could  be  made  to  be  low 

It  has  long  been  recogmred  Unit  early  testing  of  Uie  full- 
scale  struciure  was  important.  Although  Uie  eiuly 
airframes  are  generally  not  eonipletely  representative  of 
Uie  final  configurations,  it  is  essential  to  get  eiuly 
iiifomiation  on  deficiencies  so  Uiey  can  be  corrected  in 
production  Hie  ('-5.\  program  is  lui  example  where 
both  the  sialic  and  fatigue  tests  were  perfornied  after  a 
significant  number  ot  production  aircraft  had  been 
produced  Uoth  of  these  tests  resulted  in  serious  liiilures 
that  iKCurred  sigiiiticanily  short  of  the  design 
requirements  Because  of  the  liileiiess  ol  the  tests,  no 
changes  were  iiicorporiiled  m  iniy  of  Uie  production 
aircraft  .As  a  result,  the  aircralt  had  to  operate  under 
severe  restriction  until  the  enure  Heel  could  be 
retrofitted  wiili  new  wings  I  ins.  ol  course,  was  a 
major  expense  to  Uie  goveniinenl 

■As  indicated  in  reference  ,3.  a  precept  of  the  diimage 
tolerance  approach  is  the  saleiy  ol  the  aircralt  .iiid  its 
economic  operation  should  be  iiidepeiideinly  proven 
file  diuiiiige  tolerance  iiiiiilysis.  supported  by  icsimg. 
was  the  basis  for  sale  operiitions  and  the  lull- scale 
durability  test  vviis  Uie  basis  lor  esiablishnig  the 
economic  burden  associiitcd  with  service  usage  liie 
daniage  tolerance  analysis,  supported  by  icsting.  has 
Ix-eii  elfeclive  in  nlenlitvnig  areas  ol  the  aircralt  tliat 
could  potentially  muse  a  salety  problem  li  is  desirable, 
however,  to  ensure  they  have  been  identified  through 
the  full-scale  durability  test  The  spectrum  iiscil  by  the 
t  IS.Al  for  bvith  the  d.nnage  tolerance  and  durability 
analyses  and  testing  is  the  expected  average  usage 
MII.-A-X,S67Ult 'S.Alilretcreiice  Mh.  which  was 
released  22  Angiisi  l‘)7s,  slated  the  lull  scale  durability 
test  slioiild  be  run  lor  a  iminmiini  cl  two  liletnnes 
unless  Uie  ccononiic  hie  was  leiiched  piior  to  two 
lilctinies  file  ecoiioniic  hte  ol  a  sinictiiral  coinpoiiein 
IS  reached  wlicii  Ifiiit  coniponent  is  more  economic  to 
replace  Uian  repair  I  he  economic  hte  ot  .i  coiiiponeiit 
IS  extreniely  dillicull  to  dctcniinie  iiii.ilvticiillv  It  may 
Ik‘.  however,  demonsiraled  in  durability  testing  Hie 
s.ane  guidance  Unit  was  given  in  MII  .-.A-.S.'<(i7liit!.S.AI  j 
was  given  later  in  A1  (iS-,8722 1.A  liclereiice  7)  I  here 
was  no  guidance  given.  Iiowevcr.  on  ilie  ration. ilc  tor  a 
need  lor  testing  tor  more  than  two  litetiines 
Corisequently.  it  has  been  a  progriiiii  decision  to  test 
every  aircralt  lor  two  htetnnes  since  197^1  All  ihe 
known  serv  ice  experience  dcnionstrates  ih.n  an  aircratt. 
alter  snccesstully  passing  a  two  htelinie  fhgln-by  thgin 


durability  test,  will  nut  reach  its  economic  life  in  one 
lifetime  of  service  usage  representative  of  the  test 
spectrum.  There  is  a  question,  however,  whether  a  full- 
scale  durability  test  that  simulates  two  lifetimes  of 
planned  operational  usage  will  adequately  interrogate 
the  structure  to  determine  all  the  areas  in  all  aircraft  that 
could  potentially  cause  a  safety  problem 

Experience  with  operational  aircraft  has  revealed  they 
are  typically  not  flown  to  the  loading  spectrum  for 
which  they  were  designed.  Data  from  flight  load 
recorders  have  shown,  in  general,  that  there  me 
considerable  differences  in  usage  severity  among 
aircraft  with  the  same  designation.  Further,  it  is  often 
found  the  average  aircraft  us,age  is  more  severe  than 
originally  perceived  early  in  the  design  process.  This 
problem  is  aggravated  by  the  fact  the  dtunage  tolerance 
analysis  may  have  not  identified  an  area  which  would 
be  a  concern  if  the  aircraft  usage  was  more  severe  titan 
that  assumed  for  design.  Also,  experience  has  shown 
the  mass  of  an  aircraft  increases  as  a  result  of  additional 
equipment  or  modification  after  an  tiircTafl  enters 
operational  service.  In  .addition,  diere  are  differences 
because  ( I )  pilot  technique  changes  as  they  become 
more  fiunili.ar  with  die  aircraft,  and  (2)  mission  changes 
because  of  new  weapons  and  tactics  llie  ;iircT;dt-lo- 
airatd'i  vtiriabiliiy  conies  from  several  sources  such  x' 
base  to  base  variations  in  distance  to  lest  ranges  and 
training  These  experieiiees  lend  to  degr.ade  the 
capability  of  die  full-sc.alc  durability  test  that  consisted 
of  two  lifetimes  of  aver.age  usage  to  identify  till  die 
areas  of  the  aircraft  dial  could  potentially  cause  a  safety 
problem.  Conscquenily,  the  structural  engineer  should, 
based  on  historical  evidence,  make  some  allowances  for 
increased  usage  seventy  occurring  as  a  result  of  mission 
severity  changes  and  aircraft  to  aircraft  vmiaiions  in 
operational  usage,  fo  ensure  aircrait  durability,  this 
should  be  done  bodi  in  the  design  of  the  aircraft  and  in 
die  test,  file  historical  evidence  of  usage  differences 
derived  from  changes  in  pilot  technique  .and  mi.ssion 
ch.inges  is  generally  not  easily  translatable  to  new 
designs. 

A  procedure  is  described  in  reference  1 1  diat  is  believed 
to  be  useful  for  establishing  die  duration  and/or  die 
severity  of  testing  dial  should  he  perfoniied  in  a  full- 
scale  durability  test  to  ensure  that  all  of  the  significant 
regions  of  die  structure  luive  K'en  identified  li  is  based 
primarily  on  data  dial  is  could  be  derived  from  the 
cxtMM  g  analyn**  »  d  HiMi:’.*  .\i.  exvpti'de 

problem  discussed  in  reference  1 1  indicates  diat  die 
length  of  testing  required  using  an  average  spectrum 
may  be  uneconomical.  1  lowtver,  it  appears  practical  to 
increase  the  severity  of  the  spectrum  to  provide  for  an 
adequate  test  and  to  complete  the  test  in  a  timely 
nitinner. 

Ihe  procedure  also  provides  a  basis  for  the  success  of 
the  test,  ffuring  or  at  die  end  of  the  full-scale  durability 


test,  aaack  may  be  found  diat  initially  appears  to  bc' 
significant  11iis  would  not  automatically  indicate  that 
die  structure  has  failed  to  pass  the  test.  It  would, 
however,  indicate  additional  investigation  should  be 
undertaken.  A  fractographic  examination  should  be 
conducted  to  determine  if  the  crack  growth  was  faster 
than  predicted.  If  it  was  found  to  be  faster  than 
predicted  based  on  die  curlier  analyses  and  tests,  dicn  an 
investigation  should  be  conducted  to  detennine  die  local 
stresses  and  the  fracture  data  (crack  growth  rate)  for  the 
material  used  in  the  full-scale  test  tmticle.  An 
assessment  should  also  be  made  to  determine  die 
implication  on  the  damage  tolerance  derived  inspection 
program.  After  a  study  of  all  avtiilable  information,  a 
judgment  is  then  made  on  the  need  for  aircraft 
modification  or  additional  inspections  to  maintain 
economic  and  safe  operational  aircraft 

It  is  often  found  that  a  region  or  pimt  of  die  aircraft 
needs  to  be  redesigned  based  on  failure  in  die  durability 
test.  Tlicre  may  be  ta'casions  where  die  redesigned  ptat 
is  obviously  robust  enough  such  dial  additiomj  testing 
IS  not  required  However,  in  general,  ihe  redesign 
should  be  subjected  to  die  s.-uiie  rigors  of  testing  as  die 
original  airfnmie.  This  can  ofieii  be  accoiiiplislied  widi 
a  component  test.  However,  diere  ;ne  some  cases  w  here 
diis  IS  not  practical  Hus  retesting  generally  rcsulis  in 
significant  costs  diat  were  not  pint  of  die  original 
funding.  The  prospect  of  retesting  the  aircrafi  should  bc 
adequate  motivation  to  lake  Ihe  necessiny  precautions  to 
ensure  diat  die  risk  is  low  at  die  sum  of  testing 

Anodier  critical  elei'ieiit  in  lask  III  is  die  Ihglil  and 
ground  operation  tests  As  indicated  above,  the 
analytical  dcteniiination  of  loads  is  a  process  dial 
requires  considerable  precision  In  many  cases, 
however,  diis  precision  is  lund  to  achieve  because  of  die 
noiilmeiu’  clumicter  of  die  loading  prixess.  It  is  rare 
(hat  the  loads  arc  calculated  widi  sufficiem  accuracy 
such  (hat  no  changes  :ue  derived  from  die  Ihglit  and 
groniid  operation  testing  It  is  unportaiil  to  get  the 
information  from  diese  load  tests  early  enough  to 
influence  the  full-scale  static  and  durabilily  testing 
The  aircrafi  is  released  to  an  envelope  of  Sll  percent  of 
limit  load  based  on  analysis  only  to  provide  die 
c.'piihililv  lopcTlonii  die  llishi  loads  lesiing 

One  of  die  critical  elcinents  ol  l  ask  IV  is  die 
development  ol  die  force  Siructural  Maimenance  I’lan 
H  •VMk’i  Ihi*  jT*  Mis.  Ihe  wxW.vww  of  rhe 
how.  when  ;uid  where  the  aircrtdt  loe  to  be  ins|>ecled 
aml/or  modified  as  they  proceed  through  dieir 
operational  lives,  l  or  new  aircrafi.  the  guidance  m 
reference  7  is  to  establish  the  stresses  such  that  no 
inspections  ;ne  iiiandalory  to  provide  lliglil  saleiy  Ihis 
means  that  the  stresses  lac  established  such  dial  there 
are  two  lifetimes  of  slow  crack  grow  di  capabiliiy  Iroin 
die  damage  tolerance  initial  Haw  to  crilical  crack 
length.  However,  an  mspetlion  should  be  developed 
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that  covid  be  used  in  the  case  of  usage  severity  or  mass 
increases.  For  most  military  aircraft,  experience  has 
shown  that  there  is  a  considerable  difference  in  usage 
severity  among  the  individual  aircraft  Tlie  accounting 
for  die  actual  usage  of  die  aircraft  is  determined  by  die 
individual  aircraft  tracking  progrtun  and  the 
loads/environment  spectra  survey.  These  two  elements 
work  together  to  obtain  an  estimate  of  the  stress  spectra 
for  a  number  of  conu'ol  points  in  the  structure.  For 
aircraft  that  tu^e  designed  according  to  die  dtunage 
tolerance  philosophy,  die  generated  stress  spectrum  is 
used  to  determine  the  time  at  which  the  damage 
tolerance  initial  flaws  would  grow  to  critical.  Iliis  time 
is  divided  by  a  factor  of  two  to  determine  die  number  of 
flight  hours  that  the  inspccuon  should  be  performed. 

For  aircralt  dial  me  operated  under  a  sale  life  approach, 
die  tracking  program  is  used  to  determine,  for  die 
v.arious  tracking  control  points,  die  life  expended 
relative  to  the  fatigue  test  demonstrated  life 

lliere  are  several  approaches  dial  have  been  used  to 
monitor  die  aircraft  for  inputs  to  die  individual  tracking 
progriuii  and  lor  the  loads/environmeni  spectra  survey 
One  of  dicse  is  the  use  of  strain  gages  to  make  direct 
nicasurenienis  of  strain  and  correspondingly  sircss  on 
die  suueultC-  Aiiodiei  ,i|))Mv(,ieli  1.i  lu  nieusuie  ceu.ini 
functions,  such  as  line.tr  and  angulm  accelerations, 
surlacc  posilions,  and  fuel  states  to  imikc  tin  osiinialc  of 
die  stress  at  any  desired  control  point  of  die  sduclure.  It 
Htrtie  fmi'itf'wof  t  SAF  ’.fmeich  of  nvUf  rj* 
has  tlioir  own  advantages  and  disadvanltigcs  for  a 
particuhu’  location,  ilicrct'ore,  the  choice  will  lie  made 
on  what  appears  to  be  the  best  for  the  particulmtu'ca  to 
be  inoiiilored 

As  the  aircraft  ages,  the  effort  in  t  ask  V  provides  the 
basis  for  making  niodilicalions  to  the  structural  program 
through  the  interpretation  ot  iiispeetion  results  and  the 
rewiUs  wt  die  wdoridtraf  aHCMlf  Wacktwg  tifnjt  wi  \s 
an  aircralt  ages,  it  is  then  exposed  to  tiiultiple  direats  to 
Its  inlegrily.  (Inc  example  of  this  is  crack  growth 
aggravated  by  corrosion.  Another  example  that  is  threat 
id'dincwbr  mwix*  (of  ti  strwtuw  widi 

widespread  fatigue  damtige  The  latter  eximiple  Inis 
been  a  problem  with  several  li.SAI  aircraft  such  as  die 
wings  of  the  KC-I  fS,  C-S.A.  and  ('-141 .  The  problem  is 
th.it  w  idespread  taligiie  damage  can  degrade  the  fad 
.safe  cap'ibility  of  an  aircralt  I'lie  approach  th;it  has 
been  used  to  assess  this  problem  is  based  on 
deteniiination  ol  the  probability  of  failure  given  that  die 
JiSi,fs1e  d,ifll,lgs  tl.i.i  1  ssAifTsd  A  lllstFii  ij  ti/f 
delcniiining  diis  conditional  probability  of  failure  is 
discussed  in  reference  12 

SUMMARY 

'Tht  fmtgfify  firot-Eir  taded  fhv  US,M 

.Structural  Integrity  I’rograni  is  believed  to  contain  all  ol 

the  elements  required  to  ensure  that  aircraft  structure 


designed  widi  this  priKess  will  be  successful  in  meeting 
their  operational  requirements.  It  it  further  believed 
diat  other  approaches  could  be  used  to  achieve 
structural  integrity  'llic  successful  deployment  of 
numerous  aircraft  has  proved  diis  to  be  true.  One  key 
feature,  however,  of  any  approach  is  that  the  structural 
engineer  needs  to  exercise  prudent  judgment  that  will 
contain  the  risk  of  failure  to  an  acceptably  low  level  as 
die  program  proceeds  to  higher  and  higher  levels  of 
funding  requirements  Anodicr  key  feature  of  any 
program  is  to  anticipate  die  threat  to  structuial  iniegrity 
for  a  particular  design  New  diieats  wilt  appem  .as 
increases  in  perfonnance  requirements  place  pressure 
on  decreases  in  weight.  As  die  demiuid  for  perfonnance 
increases  such  diat  the  ihcrmat  loading  is  a  significant 
factor,  there  will  be  a  need  to  use  piobabilistic  iiiediods 
for  the  assessment  of  structural  intcgnty.  Also,  as  the 
perfornumee  increases,  diere  will  be  a  expanded  role  for 
"snum  structures  ”  I'or  die  foreseeable  future,  testing 
will  remain  die  primary  basis  for  acceptance  of  the 
structure.  The  advent  of  composite  structures  has 
teruunly  reinforced  this  posiiion  llie  test  requireincnt 
places  a  discipline  in  the  entire  struclurid  design 
progniin  dial  probably  can  iioi  be  iiclneved  by  ;uiy  other 
mctuis 
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USAF  STRUCTURAL  INTEGRITY  PROGRAM 


Figure  1.  The  Tasks  of  the  Structural  Integrity  Program 


POTENTIAL  THREATS 
TO  STRUCTURAL  INTEGRITY 
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Figure  2.  Identification  of  Threats  to  Structural  Integrity 


TYPICAL  SEQUENCE  OF 
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Figure  3.  The  Acquisition  Process  Milestones  and  Tasks 
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SUMMARY 


In  the  first  sections,  the  retjuirements  to  be  me:  by  hypotheses  for  fatigue  life  prediction  (including  those  for  the 
erack  initiation  and  crack  propagation  phases)  are  discussed  in  detail.  These  requirements  are  shown  to  he  different 
for  "scientific"  and  for  "industrial"  fatigue  life  prediction.  A.spects  with  regard  to  an  assessment  of  fatigue  life  pre¬ 
diction  hypothe.ses  are  discussed. 

The  last  section  pre.sents  the  results  of  a  large  co-operative  programme  between  IAB(i  and  several  automobile 
manufacturers,  in  which  Miner's  Rule  in  several  versions  was  assessed  against  spectrum  tests  with  live  different 
actual  automobile  componenis  namely: 

•  Forged  steel  stub  axle 

•  Forged  steel  stub  axle,  induction  hardened 

•  Sheet  steel  welded  rear  axle  (front  wheel  drive  car) 

•  Cast  aluminium  wheel 

•  Welded  sheet  steel  wheel. 

Since  up  to  80  components  each  were  available,  and  two  different,  but  typical,  automotive  stress-time  histories  were 
employed,  the  asses.sment  was  very  thorough,  avoiding  many  of  the  drawbacks  of  previous  assessments. 

It  is  shown  that 

•  damage  sums  to  failure  were  usually  far  below  1 .0, 

•  they  also  depended  on  the  component  in  question,  the  aluminium  wheel  resulting  in  the  lowest  damage  sums  to 
failure, 

•  the  damage  sums  to  failure  where  always  lower  for  a  mild  spectrum  than  for  a  severe  one 

•  the  influence  of  spectrum  variation  wa.s  predicted  best  -  among  the  hypotheses  tested  -  by  use  of  a  recent 
proposal  of  Zenner  and  Liu. 


I  INTRODUCTION 

The  fatigue  life  under  variable  stress  amplitudes  has 
been  calculated  since  1924  (Palmgren  [  1  ]),  1937 
(I.anger  (21,'  and  194.S  (Miner  (3]).  Langer  suggested  a 
damage  sum  of  I.O  for  the  crack  initiation  phase  and  an 
additional  one  of  1 .0  for  the  crack  propagation  phase: 
Miner  proposed  a  damage  sum  of  >  1 .0  to  crack 
initiation. 

However,  this  was  generally  overkxiked  by  later  users, 
including  Miner  himself  [4|  and  the  total  life  encom¬ 
passing  erack  initiation  and  crack  propagation' ^  was  tor 
many  years  calculated  employing  Miner's  Rule 


Since  about  19.30.  the  accuracy  of  Miner's  Rule  was 
asses.sed  by  unsuitable  two-step-  or  "overload  "-tests,  at 
best  by  bkv'ked  programme  tests  (.3),  and  damage  sums 
between  O.I  and  10  were  obtained.  Quite  surprisingly, 
this  did  not  deter  indusuial  -  including  aeronautical  - 
users  from  still  calculating  the  fatigue  life  of  their  pro¬ 
ducts  to  this  day  by  Miner's  Rule  with  a  damage  sum  of 
1.0.  In  the  same  time  period,  many  attempts  to  improve 
Miner's  Rule  were  made  (for  example  [6|),  but.  in  retro¬ 
spect,  all  were  u!i«iccfs>  .ul. 


In  1%I  Paris  (7]  publis  led  his  crack  propagation  hypo¬ 
thesis 


da 

dN 


=  C  AK" 


*  Here  crack  "iniiialion "  means  a  crack  of  an  "engineenng " 
size  of  some  lenlhs  In  some  millimelres.  From  a 
fundamental  point  of  view,  faligue  is  sometimes 
inleipreted  a.s  crack  propagation  process  exclusively 


which  he  later  (8)  extended  to  variable  amplitudes. 
After  a  period  in  which  simple  linear  [9]  or  retardation 
1 10|  hypotheses  were  proposed  for  the  prediction  of 
crack  propagation  life  under  variable  amplitudes.  Fiber 
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published  his  crack  closure  measurements  [  1 1 1  in  1 968 
and  model  (12]  in  1971.  on  which  all  significant  hypo¬ 
theses  lor  crack  propagation  subsequently  were  based. 

In  the  meantime,  servo  hydraulic  test  machines  bad 
heeome  available  1 1.^],  somewhat  later  with  computer 
conuol  114),  so  that  lor  the  first  time  the  fatigue  life 
prediction  hypotheses,  including  those  to  crack  initia¬ 
tion  and  for  crack  propagation,  could  be  assessed  by 
realistic  tests,  i.e.  tests  with  realistic  stress-lime  histo¬ 
ries.  But  such  assessments  even  ttxlay  are  quite  rare  in 
the  open  literature,  probably  because  they  are  very  ex¬ 
pensive  and  time-consuming,  if  they  are  to  be  meaning¬ 
ful.  see  Chapter  4.  Most  assessments  known  to  the  aut¬ 
hors  employed  specimens,  not  components,  although  in 
the  end  the  objective  is  to  predict  the  fatigue  life  of 
components, 

2  .SCIENTIFIC  AND  ENDUSTRUE  FATIC.UE  LIFE 
PREDICTION 

Although  this  piiper  is  mainly  concerned  with  Miner's 
Rule,  the  following  chapters  contain  general  remarks 
valid  for  all  hypotheses  for  fatigue  life  prediction,  in¬ 
cluding  those  lor  crack  propagation  and  to  crack  ini¬ 
tiation.  "Fatigue  tile"  in  this  paper  therefore  comprises 
the  cTack  initiation  or  the  crack  propagation  life  and 
also  total  life  to  failure.  IX'liberately  most  examples 
given  do  not  concern  aerospace  applications. 

rite  validity  and  limitations  of  fatigue  life  prediction 
hypotheses  can  only  be  assessed  when  all  relevant  input 
parameters  ime  known.  This  is  tvrically  the  case  in  the 
development  phase  where  one  iiiity  use  the  term  "scien¬ 
tific  fatigue  life  prediction"  which  is  characieri/ed  as 
follows: 

•  Fhe  prediction  is  usually  Ciuried  out  for  small 
specimens: 

•  basic  data  (or  materials  constants),  for  example  the  S- 
N  curve(s)  for  a  Miner-type  calculation,  have  been 
detenu ined  with  a  sufficient  number  of  specimens; 

•  the  stress-time  sequences  employed  ime  exactly 
known,  often  no  mean  stress  variations  are  con¬ 
sidered; 

•  in  many  cases  the  stress  level  is  unrealistically  high; 

•  the  critical  section  of  the  specimen  is  known  as  well 
as  the  crack  or  notch  shape. 

•  therefore  the  stress  intensity  factor  or  stress  concen- 
naiion  factor  is  known,  as  is  the  nominal  and  the 
l(K'al  stfess,  if  necessary  for  the  prediction; 

•  if  such  a  prediction  is  to  he  assessed,  the  required 
variable  lunpliiude  tests  are  carried  out  with  identical 
specimens  from  the  same  batch  of  material.  Strictly 
speaking,  the  result  of  the  assessment  is  only  valid 
for  this  batch  of  material,  this  specimen  type,  this 
sU’c'ss-time-history  and  so  on 

An  important  aspect  of  scientific  fatigue  life  prediction 
is.  that  no  damage  is  done  if  the  prediction  fails,  the  pre¬ 


diction  can  always  he  repealed  with  an  "improved " 
hypothesis.  In  fact,  this  happened  with  Miner's  Rule  in 
its  numerous  versions  as  well  as  with  many  crack  propa¬ 
gation  or  ItKal  approach  hypotheses. 

For  industrial  applications  the  story  is  completely 
different  in  many  aspects: 

•  The  fatigue  life  of  components  and  structures  often 
of  considerable  si/e  and  complex  design  has  to  be 
predicted. 

•  The  exact  stress  time  history  in  serv  ice  is  not  known, 
the  stress  level  is  inaccurately  known. 

•  Very  often,  the  basic  data  chinacteri/ing  fatigue 
strength  are  incomplete  or  not  available  with  sufli- 
eient  accuracy.  It  may  well  be  that  only  ^  to  .S  .S-N 
tests,  sometimes  at  one  stress  level  only,  are  available 
for  a  Miner  type  prediction  requiring  assumptions  to 
be  made  with  regard  to  the  slope  of  the  S-N  curve  or 
the  fatigue  limit  or  mean  sU'css  effects.  In  such  a  ca.se 
any  prediction  could  be  off  hy  a  large  factor  even  if 
the  hypothesis  itself  were  perfect. 

liven  if  complete  S-N-  or  da/dn-  vs,  AK-curves  were 
available,  these  arc  valid  only  for  the  one  batch  of 
material  or  components  tested.  In  reality  the  smicture 
of  even  one  individual  aircraft  consists  of  many  bat¬ 
ches  and  the  teas  of  thousand  ol  cars  of  one  type 
manufactured  in  even  one  month  contain  only  nomi¬ 
nally  identical  components  manufactured  hy  several 
different  suppliers  from  many  batches  of  material. 
This  problem  has  notiiing  to  do  with  the  prediction 
hypothesis  itself  and  is  normally  solved  by  staiisticiil 
quality  control  fatigue  tests  with  components  from 
every  incoming  shipments, 
the  unporiance  of  correct  and  reliable  basic  data  has 
been  emphasi/ed  in  a  qualitative  way  by  the  first 
author  since  at  least  1980  1 1  ,S|  Recently  the  large 
effect  of  even  small  vanalions  of.  for  exiunple,  the 
exponent  n  m  the  I’luis  equation  on  the  prediction  has 
been  qutmlified  in  1 16)  where  the  example  of  a  hypo¬ 
thetical  designer  of  lui  offshore  structure  was  pre¬ 
sented  who  h:id  to  assume  or  take  from  bixiks,  tables 
etc.  all  of  the  necessary  input  data  for  a  prediction  of 
crack  propagation.  Not  surprisingly  large  differences 
III  the  calculated  crack  propagation  lives  resulted, 
depending  on  the  iiiiinerical  values  assumed. 

•  I  or  specinicii  oriciited  file  prediction  concepts  such 
as  the  liKal  strain  approiich  further  severe  prohleiiis 
arise  from  iraiisferability  (equivalence)  aspects 
I'sually  small  polished  smixitli  s|x.'cimcns  ,ue  used  to 
detenniiie  base  line  fatigue  data,  but  one  may  well 
ask  lor  the  relevance  of  those  daia  lor  a  real  eonipo- 
neiit  such  as  a  forged  stub  axle  which  has  been  sub¬ 
jected  to  very  dilfcreni  lorging  .md  machining  pro¬ 
cesses  Furthennore,  large  components  such  as  truck 
axles  ofien  show  a  considerable  vitfiability  ol  the  sta¬ 
tic  strength  and  cycli.  properties  as  discussed  in 
some  detail  in  1 17,  I8|  An  adequate  consideration  ol 
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such  tnuisrerahiliiy  aspects  ap|)ears  to  be  essential  for 
such  approaches. 

•  I-’or  crack  propagation  hyiH)thcscs.  transferahility 
problems  may  similarly  (Kciir  with  regard  to  the  de¬ 
pendence  of  the  basic  crack  growth  curves  on  the 
pnxiuct  form  of  the  material.  Kxamples  are  the  typi¬ 
cal  irregular  crack  paths  found  in  Al-I,i  alloys  which 
appea's  to  be  a'xturc-dependeni.  In  [  l^J  limitations 
with  ’egard  to  transferability  hindered  a  realistic 
prediction  of  crack  propagation  and  residual  strength 
of  landing  gear  forgings. 

•  Often  the  critical  sections  of  the  components  are 
usually  not  known  before  the  basic  constant  ampli¬ 
tude  tests.  It  is  also  not  certain  that  these  sections 
critical  under  constant  amplitude  tests  are  identical  to 
tho.se  under  realistic  t  ariahle  amplitudes  [20]. 

•  l-inite  element  calculations,  even  with  very  many 
degrees  of  freedom,  usually  employ  Kx)  coarse 
meshes  to  reliably  llnd  these  critical  sections  in 
complex  components,  even  if  the  usually  multiaxial 
service  loads  were  known  with  suflicient  accuracy.  In 
fact,  if  the  critical  section  and  the  corresponding  (too 
low)  fatigue  life  were  known  early  enough  in  the 
development  phase,  the  component  design  would  be 
improved  and  the  critical  section  would  thus  move 
somewhere  else.  A  grxxl  example  is  given  in  [21  j  of 
the  divergence  of  F.f:,  calculations  and  lest  results, 
where  the  calculation  correctly  predicted  the  critical 
section  of  the  original,  hut  not  of  the  final,  improved 
wing  joint. 

It  is  also  not  generally  true  that  the  component  cracks 
or  faits  where  the  tcK'at  strain  is  highest.  Rather  the 
component  witt  fail  where  the  strain  due  to  the  ser¬ 
vice  loads  is  higher  than  the  ItKal  allowahte  strain, 
which  may  well  be  different  in  different  regions  of  a 
complex  component,  for  example,  at  weldments  and 
which  may  he  strongly  intluenccd  by  environmental 
conditions  (e.g.  corrosion). 

•  Very  often,  assumptions  on  input  parameters  have  to 
be  made  which  control  the  prediction  results  to  a 
large  extent.  An  example  is  the  assumed  initial  crack 
si/c  for  crack  propagation  prediction,  l.arge  efforts 
are,  therefore,  made  to  better  quantify  these  data  by 
use  of  test  and/or  in-servicc  experience  within  an 
lill-S  approach. 

1  he  largest  difference  to  scientific  fatigue  life  predic¬ 
tion.  however,  is  the  consequence  of  ii  wrong  prediction; 
Consider  the  failure  of  an  aircraft  wing  or  of  I  (Kk)  auto¬ 
mobile  axle  spindles  due  to  fatigue.  Therelore  industry 
can  not  rely  o  such  predictions  alone,  but  usuidly 
requires  fatigue  tests,  inspections  and/or  fail  safe  or 
damage  loleriani  design. 


3  VAUDITY  REQUIREMENTS  FOR  FATIOUE  I.IFE 
PREDICTION  HYPOTHESES 
These  requirements  are  different  for  scientific  and  in¬ 
dustrial  fatigue  life  prediction. 

A  "scientific"  hypothesis  should  be  able  to  predict  the 
fatigue  life  under  all  possible  spectra  to  he  expected  in 
service,  i.e.  gust  or  manoeuvre  spectra  for  aircraft,  wave 
spectra  for  oil  rigs,  and  for  all  materials,  specimen 
shape;.,  suess  levels  and  fatigue  lives,  eic.^.  It  should 
do  this  with  high  reliability  i.e.  the  average  (mean) 
prediction  should  be  close  to  the  actual  fatigue  life  in  all 
cases,  and  with  a  small  scatter  (standard  deviation). 
Ideally,  all  predictions  should  be  exact  in  every  case, 
with  a  mean  prediction  of  1 .0  and  a  standard  deviation 
of  rero.  This,  however,  is  neither  possible  nor  neces¬ 
sary  in  view  of  the  many  other  unknowns. 

In  the  literature  a  number  of  quantitative  requirements 
as  to  the  accuracy  of  such  a  hypothesis  can  he  found: 

According  to  Buch  [2.3].  it  is  gixid  if  the  ratio 
for  all  predictions  lies  within  the  range  of  0..S  to  2.0. 

According  to  (iassner  124].  00  percent  of  the  prediction 
results  should  fall  into  a  range  of  1 .0:2.0  on  the  sale 
side.  i.e.  should  always  be  conservative. 

I  he  first  author  stated  in  [2.3]  that  00  <?  of  all  predic¬ 
tions  should  lie  between  0.66  and  I  .‘i  of  the  actual  life, 
w  hich  corresponds  to  a  standard  deviation  of  s  <  1 .3.S. 

Schijve  in  I0S7  |26|  required  all  crack  propagation 
predictions  to  fall  within  0.6  to  1 .3  for  a  "gixxl"  hypo¬ 
thesis  and  between  0,.S  and  2.0  for  an  "acceptable"  one. 
In  1001  [27]  he  stiffened  this  requirement  and  required  a 
crack  propagation  hypothesis  to  k.  nrectly  predict  the 
crack  growth  of  every  indr  dual  .light  in  a  flight  by 
flight  sequence. 

An  Indastrlal  fatigue  life  prediction  hypothesis  would 
be  giHxl  enough  if  it  were  able  to  predict  reliably  the  life 
for  the  prixldcls.  the  fatigue  lives  and  the  spectra  in 
question.  A  truck  manufacturer  for  example  only  needs 
to  predict  the  life  ot  truck  components  etc.  :md  only  at 
the  long  fatigue  lives  corresponding  to  >  .S(K).(KK)  km  or 
>  1 0^  cycles  under  a  typical,  severe  customer  specUTim: 
he  is  not  interested  in  riveted  aluminium  stnictiire  typi¬ 
cal  for  aircraft.  Ihe  prediction  also  should  always  be  on 


In  the  duthcirs'  ('pinion  i(  is  no(  necessary,  hi’wever,  to  he 
able  (o  predict  unrealistie  "overload”  or  (wo  »(ep''  fatigue 
lives,  het  jusc  such  stress  time  hisU'ries  do  not  (Hcur  in 
service  and  an  otherwise  useful  hypothesis  might  he 
rejected  in  this  way.  This  view  is  not  shared  by  other 
experts,  see  for  example  }22| 
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the  conservative  side,  although  not  to  far  to  avoid  over- 
design. 

However,  even  a  perfect  hypothesis  would  only  give  the 
fatigue  life  with  a  probability  of  survival  =  .‘iO  ?! ,  For 
indusuial  application  much  lower  probabilities  of  failure 
have  to  he  eonsidered.  This  aspect  must  either  be  incor¬ 
porated  in  the  fatigue  life  prediction  itself  (as  is  the  case 
for  some  welding  fatigue  standards  12X.  29])  or  it  must 
be  obtained  by  some  other  means.  In  [2X1  and  [29]  an 
.S-N  curve  with  P^  =  97,7  per  cent  is  used,  correspon¬ 
ding  to  the  mean  minus  two  standard  deviations.  The 
Miner  calculations  (with  a  damage  sum  of  I  0)  are  car¬ 
ried  out  with  this  S-N  curve  as  a  basis,  Kven  neglecting 
the  problem  with  what  confidence  these  S-N  curves 
could  have  been  detei  mined  for  the  many  dilferciil  wel¬ 
ding  classes  in  these  standards,  this  approach  is  funda¬ 
mentally  Hawed  in  the  authors'  opinion,  because  ii 
assumes  the  scatter  to  be  equal  under  constant  and  under 
variable  amplitudes.  This,  however,  is  not  generally  true 
|20{,  It  is  a  much  better  solution  to  separate  the  probfetn 
of  the  prediction  hypothesis  from  that  of  the  probability 
by  first  calculating  the  fatigue  life  under  variable  ampli¬ 
tudes  for  P^  =  S0 1, ,  i,e.  based  on  the  mean  S-N  curve, 
;md  afterwards  applying  a  statistically  derived  scatter 
laclor.  This  must  be  chosen  according  to  experience 
with  vartablc  amplitude  tests  on  components,  llaibach 
in  [lO]  gives  some  numerical  examples  with  regard  to 
surface  quality, 

"Whai  is  a  giaid  industrial  fatigue  life  predicuon "  poses 
a  dilemma,  t  )ft  one  hand  all  die  parametefs  iiecessaiy 
lor  the  predictions  are  often  not  known  with  suftictent 
accuracy,  as  discussed  in  Chapter  2.  and  many  other 
iVtails  alsti  ll.flueniv  Ur  resutl  wi  U  F  h<ylcal  (■' 
assume  that  lor  the  same  nypoihesis  the  overall  accu¬ 
racy  of  the  prediction  should  be  much  lower  than  under 
lab'iralory  conditions-,  if  (),,?  to  2,0  is  gtXKl  lor  scientific 
purposes,  probably  1,0  to  X,0  should  be  considered 
gixKl  enough "  forindusinal  prediciions.  However,  no 
prospective  industrial  user  could  live  with  the  staicineiii 

that  |ust  hccabss  ,il  tfib  lilacs  Jlavy  o1  ttic  (ilOdictloli  til.s 

oil  rig  might  last  for  10,  but  maybe  also  for  XO  years.  As 
iiientioiicd  before,  this  is  the  rciison  why  a  fa'igue  life 
fatshcMiw  by  valctflaftiM  atone  can  neve*  be  wr.phvyval 
alone  for  critical  coinpoiieiiis;  fatigue  tests  with  the 
coinponcni  and/or  inspections  and  damage  i  ouit  or 
fall  safe  design  are  necessary, 

4  im;  m 

FATKil  K  I.IKK  PRKUICTION  HVPOTHKSI„S 

After  the  question  "What  is  a  gtxKl  (cni'Ugh)  predte- 
tion  ' '  has  been  settled,  the  hypothesis  in  qtiesiion  must 
be  vtUidated,  I  bis  is  only  possible  by  coinpansiin  w  ith 
the  results  ol  realistic  variable  amplitude  tests,  Ihis  may 
sound  uivial,  but  it  is  here  that  most  errors  are  mauc, 
ouch  by  overly  opuinisuc  inventors  of  hew  hypotheses 
"Realistic”  tests  mean  tests  with  realistic  stress-time 


histories  and  at  realistic  stress  levels  and  lives  to  failure. 
The  former  requirement  can  be  met  easily,  becau.se  for 
many  applications  standardized  stress-time  histories  are 
now  available,  like  “Gauss"  (general),  "Twist"  (transport 
aircraft),  "Falstaff  (tactical  aircraft),  "Helix-F'el 
(helicopters).  "Turbistan"  (gas  turbines),  "f’arios”  (auto¬ 
mobiles),  "Wash"  (offshore  rig)  and  "Wisper "  (wind 
turbines). 

The  second  requirement  is  very  difficult  to  meet,  be¬ 
cause  it  is  very  expensive  and  time-consuming  in  parti¬ 
cular  for  long  fatigue  lives.  For  example,  the  20  or  more 
years'  life  of  an  oil  rig  is  equivalent  to  about  10^  cycles', 
similar  numbers  of  cycles  ikcui  in  trucks  and  cars.  Al¬ 
though  a  considerable  percentage  of  these  numbers  of 
cycles  can  he  omitted  in  test  without  inlluencing  the  re¬ 
sults.  the  "omission  dilemma"  [2 1  ]  has  not  generally 
been  solved.  Based  on  large  number  of  tests,  stress  am¬ 
plitudes  <  .AO  ‘i  of  the  fatigue  limit  as  an  upper  omis¬ 
sion  limit  have  been  suggested  [41.  42). , 

Anyway,  realistic  stress  levels  in  assessment  tests  are 
absolutely  necessary,  bt'cause  w  hile  a  hypothesis  might 
be  gtxHl  at  high  stress  levels  and.  say.  Ilf*  cycles  this 
diK’s  not  neces,sarily  prove  ii  is  gixid  at  more  realistic 
stress  levels  and  cycles  to  failure  [441,  A  recent  example 
can  be  found  in  |  44|.  where  Miner's  Rule  and  a  crack 
propagation  calculation  showed  gixxl  agreement  with 
test  results  under  l  elix/2X  at  very  short  tatigue  lives/ 
high  stresses,  hut  were  uncoiiservative  by  laciors  of  4  to 
7  at  longer,  more  realistic  fatigue  lives 

Some  authors  give  the  impression  thtit  their  hypotheses 
have  been  assessed  and  found  to  be  "gixvd ",  but  close 
nistm-tuui  by  indepenikitl  4vu>surs  s  -ats  yii  be 
incorrect.  An  example  is  tlie  large  SAF.-l*rogramme  [  451 
where  none  of  the  many  hypotheses  presented  cotild  be 
considered  gixx!  by  a  huge  margin.  Another  exiunple 
can  be  found  in  |22|,  where  the  authors  churn  their 
hypothesis  to  be  superior  to  several  others,  becjiuse  it 
also  predicted  the  atiguc  iifc  under  very  sunplc  "over- 

i..ad  and  uiidcl)-',id  ssi^ijcnvss  diiUi  iltllcis 

while  all  hypotheses  lit  generally  well  with  the  lest  re¬ 
sults”.  ( )n  closer  mspecuon.  howevci .  none  ol  the  hypo- 
ffievv-s  wvseved  ■*  .T>  prtod  W  cveb  .tcvctMiMc  bM  fbc  »c?i 
lisiic  sftess  lime  histories  and  the  authors  hypothesis 
was  no  better  than  the  others, 

( Inc  aspect  of  the  assessment  needs  liirthcr  discussion: 
botti  file  colisiaiit  .unplmidc  as  web  as  )he  speeiliiin 
loading  tests  show  scatter  Delennmisiic  lile  prediction 
concepts  deliver  a  predielion  lor  a  selected  probability, 
generally  lor  l\  =  All '! .  because  this  vtilue  has  the 
highest  s'onlideiicc  It  is  sell-evideiii  that  predictions 
should  K-  coinp.ued  to  the  coirespoiiding  experiineiiial 
values  I  e  ,  y  .orl\ -5!!';  Very  often,  however, 
individual  lest  results  ;ue  eoinpiued  to  the  predicted 
value  because  only  lew  viuiablc  lunpliludc  lest  results 


are  available,  in  panieular  ai  long  lives.  Thus  experi¬ 
mental  scatter  and  the  scatter  due  to  the  hypotheses 
themselves  arc  mixed  which  hinders  the  assessment 
with  regard  to  the  requirements  mentioned  in  Chapter  3. 
A  better  solution  would  be  to  evaluate  the  ratio  or  pre¬ 
dicted  vs.  mean  experimental  lives  at  selected  load 
levels  or  fatigue  life  intervals.  Only  if  several  different 
hypotheses  are  checked  and  ranked  against  a  fixed  set  ol 
experimental  data,  both  ways  are  meaningful  An  exam¬ 
ple  is  given  and  discussed  in  the  following  chapter. 

5  KATICUE  LIFE  PREDICTION  FOR  AUTOMOTIVE 
COMPONENTS 

5.1  Dackgrnund 

During  the  eighties,  a  large  lest  programme  was  conduc¬ 
ted  at  lABG  supported  by  several  German  car  manu¬ 
facturers  1.36.  37|.  live  different  components  of  the  sus¬ 
pension  system  were  selected  from  actual  production 
lines  including 

•  a  forged  sled  stub  axle 

•  a  forged  steel  stub  axle  w  ilh  an  induction  hardened 
criiieal  section 

•  a  sheet  steel  welded  rear  axle  from  a  front  wheel 
drive  car 

•  a  cast  .aluminium  wheel 

•  a  welded  sheet  steel  whetT. 

t  hese  components  were  tested  under  constant  iunpliiude 
.and  spectrum  loading  to  provide  a  broad  basis  for  an 
assessment  of  fatigue  life  prediction  according  to  dif¬ 
ferent  versions  of  Miner  s  Rule.  Moreover  typical  life 
ratios  (damage  sums  at  failure)  were  be  determined  for 
these  components  which  have  to  be  designed  for  a  spec¬ 
trum  loading  environment,  since  the  expected  maximum 
loads  are  well  beyond  the  endurance  limit. 

5.2  TestDeUILs 

The  components  were  tested  predominantly  in  a  bending 
mode  sina’  loading  in  the  vertical  as  well  as  the  lateral 
direction  induces  bending  moments  into  the  componenfs 
in  the  buill-in  position.  The  wheels  were  tested  in  a 
special  test  rig  where  the  wheel  fixed  to  a  plate  is  roia- 
tcxl  with  a  constant  frequency  of  2,3  11/  whereas  a  (van- 
able)  bending  moment  is  introduced  by  a  servo  hydrau¬ 
lic  actuator.  Here  the  loading  was  kept  constant  for  4 
sec  per  individual  load  level  which  translates  to  100 
cycles  at  R  =  - 1  for  each  step, 

Besides  eonstani  amplitude  loading  at  R  =  -1  and  panly 
R  =  -0.4  two  different  spectra  were  applied.  1-ig  1 
.Spectrum  1.  lypical  for  customer  usage,  can  he  described 
by  a  straight  line  in  a  log-lin  diagram)  spectrum  II.  be¬ 
ing  dominated  by  higher  load  ranges,  is  lypical  for  race 
or  test  track  driving.  Il  is  simitar  to  a  Gaussian  spec¬ 
trum.  Both  sequences  were  generated  by  a  pseudo¬ 
random  generator  and  rc|x;aied  until  failure.  The  R  ratio 
was  deliberately  set  to  R  =  -1  for  all  of  the  cycles,  i  e 
mean  load  changes  did  not  occur.  The  failure  crilena 


was  Kxal  failure  or  the  occurrenee  of  one  or  several 
large  cracks  (in  the  raiit:v  of  30  to  1(K)  mm)  where  no 
suhslaiitial  further  life  incremenis  could  he  expected, 
lypical  results  showing  the  amount  of  lest  data  are 
plotted  in  I'ig.  2  for  the  sheet  steel  welded  rear  axle  part. 

5.3  Miner  Hypotheses 

Three  versions  of  Miner's  Rule  were  included  in  the 
evaluation  procedure  differing  in  the  handling  of  load 
ranges  below  the  fatigue  limit.  Tig.  3,  designated  as 

•  Miner-original)  MO),  no  damage  below  the  fatigue 
limit 

•  Miner-  mtxlified  aecording  to  llaibach  |3X|  (MH) 
where  a  fictitious  ,S-N  curve  below  the  fatigue  limit 
with  a  reduced  slope  2k- 1  is  assumed 

•  Miner-elementary  (MK),  with  a  fictitious  S-N  curve 
prolonged  below  the  fatigue  limit  i.e.  any  fatigue 
limit  is  neglected 

Tiiially  a  forth  methixl  recently  proposed  by  /ciiner  and 
Liu  |3‘ii  (ZL)  was  included  which  consists  of  a  linear 
Miner  type  prediction  based  on  an  artificial  S-N  curve 
That  S-N  curve  is  conshucied  as  follow  s.  Tig  4:  Since  it 
has  been  observed  that  even  elemeniary  .Miner  predic¬ 
tions  can  produce  unconserv  alive  results,  a  sleeper  slope 
thim  the  original  slope  k  should  be  applied  With  regard 
•'e  crack  propag.alion  phase  which  often  considerably 
ributes  to  total  life,  a  fictitious  slope 
.  =V2  (3. .5  +  k)  is  proposed  which  is  the  average  of  the 
actual  slope  k  and  k  =  ,3..S  which  would  be  lypical  for 
crack  propagation  Based  on  results  from  omission  tests 
|,31.  .32|,  a  cut-off  level,  i.e.  a  new  "laiigue  limit",  is 
considerc'd  which  is  50  '3  of  the  actual  fatigue  limit, 
fhc  artificial  S-N  curve  starts  for  the  maximum  load 
range  of  the  spectrum  at  the  original  S-N  curve.  1  hus 
for  each  overall  stress  level  a  new  artificial  S-N  curve  is 
consiniclcd  and  used  for  prediction,  Il  is  obvious  that 
some  of  the  elements  o;  that  proposal  ;ue  siinihu  to 
previous  methods  16),  nut  more  recent  knowledge  ap¬ 
pears  to  be  incorporated  to  the  new  method  which  is 
easy  lo  implement 

5.4  Results  and  Discussion 

(iassner  curves,  i.e  S-N  curves  lor  spectrum  loading, 
were  predicted  for  each  of  ihe  components  applying  the 
four  '.ersions  of  Miner  type  ihunage  calculations  men 
lioned  above  Examples  are  shown  in  Tigs.  5  ;md  6.  Tor 
each  lest  result  the  life  ratio  I )  =  N,^.„/Npj^,i,  w  as  deter¬ 
mined  which  is  equivalent  to  an  individual  diunage  sum 
1),  for  that  specimen  These  life  ratios  were  compiled 
and  mean  and  standard  deviation  of  their  logarithms 
were  established  for  individual  ;mil  grouped  data  sets. 
Trom  the  standard  deviations,  a  scatter  factor 

•  =  ilc’ri”ed  assuming  a  log  normal 

distribution  for  the  life  ratios.  D|.  Thus  these  scatter 
factors  include  Nith  the  scatter  due  lo  eventually  in¬ 
adequate  hypotheses  and  the  experimental  scatter.  .Since 
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differeni  hypotheses  are  checked  against  a  common  data 
p(X)l.  that  procedure  appears  to  be  tolerable. 

In  Fig.  7  all  prediction  results  are  compiled  in  terms  oi 
the  respective  mean  life  ratios,  D,  and  the  a.ss(x;iated 
scatter  factors.  T  The.se  have  been  obtained  individually 
for  each  of  the  five  components  and  each  of  the  two 
spectra. 

The  most  significant  value  for  an  as.sessment  of  hypo¬ 
theses  is  the  scatter  factor  which  in  this  ca.se  gives  a 
measure  how  gtxxl  the  characteristics  of  the  Cia,ssner 
curve,  i.e.  the  effect  of  the  overall  load  level,  is  predic¬ 
ed.  A  small  scatter  factor  may  well  be  accompanied  hy 
a  relatively  large  error  of  the  overall  position  of  the 
predicted  Gassner  curve.  Fig.  7  indicates  that  none  of 
the  hypotheses  tested  exhibits  a  clear  superiority  above 
the  others  with  respect  to  scatter  factors,  T.  as  an  assess¬ 
ment  criterion.  The  smallest  scatter  values  are  found  for 
the  recent  proposal  of  ZennerA.iu  as  well  as  for  the 
original  and  modified  Miner  predictions,  respectively. 

It  is  interesting  to  note  that  the  influence  of  the  overall 
load  level  is  predicted  most  accurately  by  the  original 
Miner  rule  when  the  maximum  load  ranges  arc  close  to 
the  fatigue  limit.  Fig.  6.  In  tliis  case,  the  method  of 
ZennerA.iu  is  worst  due  to  a  significant  difference  Ix:- 
tween  the  predicted  and  actual  slope  of  the  Gassner 
curves,  respectively. 

In  most  cases  the  predictions  are  unconservative  ranging 
down  to  1)  =  O.O.S.I  for  the  cast  aluminium  wheel,  which 
corresponds  to  an  overestimation  of  fatigue  life  by  a 
factor  of  19, 

.Still  more  important,  however,  die  mean  life  ratios  are 
significantly  different  for  the  two  spccua  when  the 
conventional  M  iner  type  predictions  are  considered  l  or 
specUTim  1  characterising  customer  usage  0  =  0  14 

is  found  on  an  average  using  f^iner  original  whereas  for 
test  track  usage  (specuitm  II)  1),,,^,^,  =  O  .SO  This  means 
that  experimental  experience  collected  on  lest  or  race 
tr;  '  s  cannot  directly  be  used  for  design  for  customer 
usag,  .(  a  relative  Miner  approach.  With  regard  to  that 
criterion  the  ZennerA.iu  proposal  works  best  because 
the  range  of  mean  life  ratios  observed  for  the  two 
spectra  is  significantly  smaller  than  those  found  for  the 
other  hypotheses. 

Up  10  now  predictions  for  individual  test  results  were 
.separately  evaluated  for  each  of  the  components  :uid  the 
two  spectra,  respectively.  Thus  the  overall  load  levels 
which  were  selected  for  the  desenbed  test  programme 
were  considered.  Taking  the  view  of  industrial  applica¬ 
tion.  a  different  criterion  would  perhaps  he  more  signi- 
fieani  where  an  overall  load  level  is  chosen  for  evalua¬ 
tion  which  can  be  called  a  design  load  level,  fhis  load 
level  is  the  maximum  load  range  which  is  expected  for 


the  design  life  excluding,  however,  overloads  resulting 
from  mis  u.sc  or  near-accident  situations.  Here  the  pre¬ 
dictions  are  compared  to  the  respective  mean  experi¬ 
mental  .spectrum  fatigue  lives.  The  mean  life  ratios  and 
associatcM  .scatter  factors  for  that  load  level  are  com¬ 
piled  in  Fig.  S  where  the  lesulLs  for  all  five  components 
are  combined. 

The  most  .striking  conclusion  from  that  figure  is  the 
superiority  of  the  ZennerATu  proposal  when  both 
spectra  are  commonly  evaluated.  Besides  the  lowest 
.scatter  factor  for  the  predictions,  a  mean  life  ratio  near 
unity  is  found. 

It  is  obvious  that  different  cTitcria  may  he  employed  for 
an  as.ses.smenl  of  fatigue  life  prediction  hypotheses 
leading  to  sometimes  contradicting  conclusions.  It  is 
essential,  therefore,  to  clearly  state  the  criteiia  used 
when  such  hypotheses  arc  evaluated  on  the  basis  of 
relevant  experimental  data 

6  CdNCFUDINt;  KKM.\KKS 

For  :ui  assessment  of  fatigue  life  prediction  hypi'thcscs 
several  requirements  have  to  be  fulfilled  which  :uc  not 
easily  met.  .Since  the  conditions,  prerequisites  and 
consequences  of  an  .application  of  fatigue  file  predic¬ 
tions  arc  extremely  varying,  it  is  not  realistic  to  expect 
or  l(H)k  lor  prediction  concepts  which  are  generally 
applicable. 

When  fatigue  life  prediction  is  applied  in  iiidusU'v 
Miner's  Rule  is  still  in  u.sc  partly  due  to  its  simplicity, 
hut  also  due  to  incorporation  ol  basic  fatigue  data  w  hich 
inherently  reflect  many  of  the  faligiie-rcleviuit  features 
such  as  si/e.  surface  finish  etc.  It  is.  however,  cvidciil 
that  the  complex  process  of  laliguc  (crack)  initiation 
and  accumulation  (crack  propagation)  under  variable 
amplitude  liniding  is  ovcrsimplilicxf  by  the  linear  da¬ 
mage  accumulation  rule.  I  his  has  been  confinned  again 
on  the  basis  of  the  large  lest  prognunme  on  aclintl  com¬ 
ponents  from  automotive  suspension  systems  as  shown 
in  the  paper. 
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Cycles  to  faiiuie 


Fig.  2  Fatigue  strength  of  sheet  steel  welded  rear  axle  under 
tonsljuit  amplitude  and  spectrum  bending  loading 


CycH»  cycles 


Fig.  3  Representation  of  S-N  curves  for  dilfereiit  Fig.  4  Representation  of  S-N  curve  according  to 

versions  of  Miner's  Rule  Zenner  and  Liu  [39] 
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Test  results  and  predictions  for  a  welded  rear 
axle  part  under  spectrum  loading 
(MO  =  Miner  original.  MH  =  Miner  mtxl. 
Ilaihach,  MFi  =  Miner  elem,,  ZL  =  Zenner/liu) 


Test  results  and  predictions  for  a  forged  sutel 
stub  axle  under  spectrum  loading 
(MO  =  Miner  original.  Mil  =  Miner  mtxl. 
Ilaihach,  Ml:  =  Miner  elem..  ZL  =  Zenner/I.iu) 


Spectrum  I  Customer  Usage 


Kill 


MEAN  LIFE  RATIO,  D 


[Spectrum  II  Test  Track  Usage 


MEAN  LIFE  RATIO,  D 


T-D,_ /D, 


I'valuation  of  different  Miner  hypotheses  ba.sed  on  individual  test  results  ol  five  automotive  components 
(1  =  stub  axle.  2  =  stub  axle  induct,  hard.,  .1  =  welded  reai  axle,  4  =  cast  ul  wheel.  .S  =  welded  steel  wheel) 
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SUMMARY 

This  paper  reviews  the  capabilities  of  a  plasticity- 
induced  crack-closure  m<xlel  and  life-prediction 
code  to  predict  fatigue  crack  growth  and 
fatigue  lives  of  metallic  materials.  Crack-tip 
constraint  factors,  to  account  for  three-dimensional 
effects,  were  selected  to  correlate  large-crack 
growth  rate  data  as  a  function  of  the  effective- 
slress-intensity  factor  range  (AKeff)  under  constant- 
amplitude  loading.  Some  m^ifications  to  the 
AKeff-  rate  relations  were  needed  in  the  near¬ 
threshold  regime  to  fit  small-crack  growth  rate 
behavior  and  endurance  limits.  The  model  was 
then  used  to  calculate  small-  and  large-crack 
growth  rates,  and  in  some  cases  total  fatigue  lives, 
for  several  aluminum  and  titanium  alloys  under 
constant-  amplitude,  variable-amplitude,  and 
spectrum  loading.  Fatigue  lives  were  calculated 
using  the  crack-growth  relations  and 
microstructural  features  like  those  that  initiated 
cracks.  Results  from  the  tests  and  analyses 
agreed  well. 

LIST  OF  SYMBOLS 

a  Crack  length  in  thickness  (B)  direction 

ai  Initial  defect  or  crack  length  in  B-direction 
b  Defect  or  void  half-height 

B  Specimen  thickness 

c  Crack  length  in  width  (w)  direction 

cj  Initial  defect  or  crack  length  in  w-direction 

R  Boundary  correction  facior 

nmax  Maximum  stress-intensity  factor 

KoL  Overload  stress-intensity  factor 

KuL  Underload  stress-intensity  factor 

N  Number  of  cycles 

Nf  Number  of  cycles  to  failure 

R  Stress  ratio  (Smir/Smax) 

r  Notch  or  hole  radius 

S  Applied  stress 

S'o  Crack-opening  stress 

Smax  Maximum  applied  stress 

Smf  Mean  flight  stress 

Smin  Minimum  applied  stress 

t  Specimen  thickness  for  through  or  corner 

crack;  half-thickness  for  surface  crack 
a  Constraint  factor 

Og  Global  constraint  factor  from  finite- 

element  analysis 

Ac  Crack  extension  in  c-direction 

AK  Stress-intensity  factor  range 

AKgff  Effective  stress-intensity  factor  range 

(AKeff)th  Small-crack  AKeff  threshold 
AKth  Large-crack  AK  threshold 

p  Plastic-zone  size 

Oq  Fbw  stress  (average  of  Oys  and  Ou) 
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Oys  Yield  stress  (0.2  percent  offset) 

Ou  Ultimate  tensile  strength 

b)  Cyclic-plastic-zone  size 


1.  INTRODUCTION 

The  use  of  damage-tolerance  and  durability  design 
concepts  based  on  fatigue-  crack  growth  in  aircraft 
structures  is  well  established  (Ref  1  and  2). 
The  safe-life  approach,  using  standard  fatigue 
analyses,  is  also  used  in  many  designs.  In 
conventional  metallic  materials,  crack-growth 
anomalies  such  as  the  small-crack  effect  and  the 
varbus  crack -tip  shielding  mechanisms  (Ref  3  and 
4)  have  improved  our  understanding  of  the  crack- 
growth  process  but  have  complicated  life-prediction 
methods.  In  the  new  metallic  materials,  such 
as  the  aluminum-lithium  alloys,  crack  shielding  and 
failure  mechanisms  are  more  complex  than  in 
conventional  materials  due  to  crack  growth  along 
tortuous  crack  paths  (Ref  5).  Over  the  past 
decade,  the  intense  experimental  studies  on  small 
or  short  crack  growth  behavior  in  these  metallic 
materials  have  led  to  the  realization  that  fatigue  life 
of  many  materials  is  primarily  ‘crack  growth*  from 
microstructural  features,  such  as  inclusion 
particles,  voids  or  slip-band  formation. 
Concurrently,  the  improved  fracture-mechanics 
analyses  of  some  of  the  crack-tip  shielding 
mechanisms,  such  as  plasticity-  and  roughness- 
induced  crack  closure,  and  analyses  of  surface-  or 
corner-crack  configurations  have  ted  to  more 
accurate  crack  growth  and  fatigue  life  prediction 
methods. 

On  the  basis  of  linear-elastic  fracture  mechanics 
(LEFM),  studies  on  small  cracks  (10  pm  to  1  mm) 
have  shown  that  small  cracks  grow  much  faster 
than  would  be  predicted  from  large  crack  data  (Ref 
3  and  4).  This  behavfor  is  illustrated  in  Figure  1 , 
where  the  crack-growth  rate,  da/dN  or  dc/dN, 
is  pbtled  against  the  linear-elastb  stress-intensity 
factor  range,  AK.  The  solid  (sigmoidal)  curve 
shows  typical  results  for  large  cracks  in  a 
given  material  and  environment  under  constant- 
amplitude  loading  (R  =  Smin/Smax  =  constant). 
The  solid  curve  is  usually  obtained  from  tests  with 
large  cracks.  At  bw  growrth  rates,  the  threshold 
stress-intensity  factor  range,  AKth  is  usually 
obtained  from  bad-reduction  (AK-decreasing)  tests. 
Some  typical  results  for  small  cracks  in  plates  and 
at  notches  are  shown  by  the  dashed  curves. 
These  results  show  that  small  cracks  grow  at  AK 
levels  bebw  the  large-crack  threshold  and  that  they 
also  can  grow  faster  than  large  cracks  at  the  same 
AK  level  above  threshold.  Small-crack  effects  have 
been  shown  to  be  more  prevalent  in  tests  which 
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Fig.  1  Typical  fatigue-crack-growth  rate  data  tor 
small  and  large  cracks. 


have  conf»ressive  loads,  such  as  negative  stress 
ratios  (Rets  6-8). 


During  the  last  decade,  research  on  small-  or  short- 
crack  effects  has  concentrated  on  three  possible 
explanations  for  the  behavior  of  such  cracKs.  Thev 
are  plasticity  effects,  metallurgical  effects  and  cracK 
closure  (Ref  3  and  4).  All  of  these  features 
contribute  to  an  inadequacy  of  LEFM  and  the  use 
of  the  AK-concept  to  correlate  fatigue  crack  growth 
rates. 


Very  early  in  small-crack  research,  the 
phenomenon  of  fatigue-crack  closure  (Ret  12)  was 
recoonized  as  a  possible  explanation  tor  rapid 
small-crack  growth  rales  (see  Ref  13).  Fatigue 
crack  closure  is  caused  by  residual  plastic 
deformations  left  in  the  wake  of  an  advancing 
crack.  Only  that  portion  of  the  load  cycle  foi  which 
the  crack  is  fully  open  is  used  in  computing  an 
effective  stress-intensity  factor  range  (AKeff )  from 
LEFM  solutions.  A  small  crack  initialing  at  an 
inclusion  particle,  a  void  or  a  weak  grain  cbes  not 
have  the  prior  plastic  history  to  develop 
closure.  Thus,  a  small  crack  may  not  be  closed  for 
as  much  of  the  loading  cycle  as  a  larger  crack.  If  a 
small  crack  is  fully  open,  the  stress-intensity 
factor  range  is  fully  effective  and  the  crack-growtn 
rate  will  be  greater  than  steady-state  crack-growth 
rates.  (A  steady-state  crack  is  one  in  which 
the  residual  plastic  deformations  and  crack  closure 
along  the  crack  surfaces  are  fully  developed  and 
stabilized  under  steady-state  loading.)  Small- 
crack  growth  rates  are  also  faster  than  steady-slate 
behavior  because  these  cracks  may  initiate  and 
grow  in  weak  microstructure.  In  contrast  to  small- 
crack  grovirth  behavior,  the  development  of  the 
large-crack  threshold,  as  illustrated  in  Figure  1 ,  has 
also  been  associated  with  a  rise  in  crack-  opening 
load  as  the  applied  load  is  reduced  (Ref  14  and 
15).  Thus,  the  steady-state  crack-growth  behavior 
may  lie  between  the  small-crack  and  large-crack 
threshold  behavior,  as  illustrated  by  the  dash-dot 
curve. 


Some  of  the  earliest  small-crack  experiments  were 
conducted  at  high  stress  levels  which  were 
expected  to  invalidate  LEFM  methods.  Nonlinear 
or  elastn-plastic  fracture  mechanics  concepts,  such 
as  the  J-integral  and  an  empirical  length  parameter 
(Ref  9),  were  developed  to  explain  the 
observed  small-crack  effects.  Recent  research  on 
the  use  of  AJ  as  a  crack-driving  parameter  suggest 
that  plasticity  effects  are  small  for  many  of  the 
early  and  more  recent  small-crack  experiments 
(Ref  10).  Bui  the  influence  of  plasticity  on  small- 
crack  growth  and  the  appropriate  crack-driving 
parameter  is  still  being  debaten. 

Small  cracks  tend  to  initiate  in  metallic  materials  at 
inclusion  particles  or  voids,  in  regions  of  intense 
slip,  or  at  weak  interfaces  and  grains.  In  these 
cases,  metallurgical  similitude  f^see  Ref  11)  breaks 
down  for  these  cracks  (which  means  that  the 
growth  rate  is  no  longer  an  average  taken 
over  many  grains).  Thus,  the  local  crack  growth 
behavior  is  controlled  by  metallurgical  features.  If 
the  material  is  markedly  anisotropic  (differences  in 
modulus  and  yield  stress  in  different 
crystallographic  clirectlons),  the  local  grain 
orientation  will  strongly  influence  the  rate  of  growth. 
Crack  front  irregularities  and  small  particles  or 
inclusions  affect  the  local  stresses  and,  therefore, 
the  crack  growth  response.  In  the  case  of  large 
cracks  (which  have  large  fronts),  all  of  these 
metallurgical  effects  are  averaged  over  many 
grains,  except  in  very  coarse-grained  materials. 
LEFM  and  nonlinear  fracture  mechanics  concepts 
are  only  beginning  to  explore  the  influence  of 
metallurgicar  features  on  stress-intensity  factors, 
strain-energy  densities,  J-integrals  and  other  crack¬ 
driving  parameters. 


The  purpose  of  this  paper  is  to  review  the 
capabilities  of  a  plasticity-  induced  crack-closure 
model  (Ref  16  and  17)  to  correlate  and  to 
predict  small-  and  large-crack  growth  rate  behavior 
in  several  aluminum  and  titanium  alloys  under 
various  load  histories.  Test  results  from  the 
literature  on  aluminum  alloys  2024-T3  (Refs  7,  18 
and  19).  7075-T6  (Ref  20),  LC9cs  (Ref  20)  and 
7475-T7351  (Refs  21  and  22)  and  on  titanium 
alloys  Ti-6AI-4V  (Rei  23  and  24),  IMI-685  (Refs  23- 
25)  and  Ti-17  (Refs  23  and  24)  under  constant- 
amplitude  loading  were  analyzed  with  the  closure 
model  to  establish  an  effective  stress-intensity 
factor  range  against  crack  growth  rate  relation.  The 
effective  stress-intensity  factor  range  against  crack 
growth  rate  relations  were  then  used  in  the  closure 
model  to  predict  large-crack  growth  under  a  single 
spike  overload,  an  overload  and  underload, 
repeated  spike  overloads  every  1000  cycles, 
TWIST  (Ref  26)  and  Mini-TWIST  (Ref  27) 
loading.  Using  the  closure  mcdel  and  some 
microstructural  features,  a  total  fatigue  life 
predictbn  method  is  demonstrated  on  a  titanium 
alloy  under  constant-  amplitude  loading  and  on 
several  aluminum  alloys  under  various 
load  histories.  The  load  histories  considered  were 
the  FALSTAFF  (Ref  28),  Gaussian  (Ref  29), 
TWIST  (Ref  26)  and  Mini-TWIST  (Ref  27).  The 
crack  configurations  used  in  these  analyses  were 
through-crack  configurations,  such  as  center-crack 
and  compact  specimens,  and  three-dimensional 
crack  configurations,  such  as  a  corner  crack  in  a 
bar  and  a  surface  or  corner  crack  at  a  semi-circular 
notch. 


* 


2.  CRACK-CLOSURE  MODEL 


The  crack-closure  rrxxlel  (Rets  16  and  30)  was 
developed  for  a  central  tlirough  crack  in  a  tinite- 
width  specinten  subjected  to  remote  appked  stress 
The  rrtodel  was  later  extended  to  a  through  crack 
emanating  from  a  circular  hole  and  applieo  o  the 
growth  of  small  cracks  (Ret  tS  and  3t)  The  .Tiodel 
was  based  on  the  Ou^ale  nradel  (Ret  32).  but 
modified  to  leove  plastKally  deform^  material  m 
the  wake  of  the  crack.  A  schemata  ot  the  model  is 
shown  in  Figure  2  Here  a  crack  is  g'owir>g  from  a 
hole  in  an  elastic  body  (Region  t )  At  the 
maximum  applied  stress.  Sinax.  t^  material  m  the 
plastK  zone.  p.  (Region  2)  carries  the  stress,  noo 
The  constraint  factor,  a.  accounts  tor  the  mlluerKe 
of  stress  state  on  tensile  yielding  at  the  crack  front 
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opening  stress  is  then  used  to  calculate  the 
effective  stress-intensity  factor  range.  AK^ff  (Ref 
12)  In  turn,  the  crack-growth  rate  is  calculaled 
usx>g  a  AKed-against-crack-growth-rate  retatxxi 

tn  corrductmg  fatigue-crack  ^wth  analyses,  the 
constraint  factor  n  was  used  to  elevate  the  flow 
stress  at  the  crack  tip  to  account  tor  three- 
dimensional  stress  states  At  present,  the 
constraint  factor  is  used  as  a  fitting  parameter  to 
corretate  crack-growth  rate  data  against  .\Keft 
under  constant-amplitude  loading  tor  different 
stress  ratios  However  tests  conducted  under 
single -spike  overloads  seem  to  be  more  sensitive 
to  state-  of-stress  effects  and  may  be  a  more 
appropriate  lest  to  determine  the  constraml  factor 

2.1  Effective  Stress-Intensity  Factor  Rairge 

For  most  damage  tolerance  and  durability 
analyses,  linear-elastic  analyses  have  been  found 
to  be  adequate  However  tor  high  stress- 
intensity  factors  proof  testing  and  low-cycle 
fatigue  conditions,  linear -elastic  analyses  are 
iriadequate  and  nonlinear  crack-growth  parameters 
are  needed  (see  Ref  10)  Herein  the  Imear-elaslic 
effective  stress-intensity  factor  range  developed  by 
Elbei  (Ref  12)  was  us^  and  is  given  by 

AKeff  =  (Smax  '  S'o)  (ic)^  ^  F| 

where  Smax  the  maximum  applied  stress  S  o  is 
the  cracK-open:ng  stress  and  F|  is  the  usual 
boundary-correction  laclor 


Fig  2  Schematic  of  plaslicify-induced  crack-closure 
model  under  cyclic  loading 

The  flow  stress  Oq  is  the  average  between  the  yield 
stress  and  ultimate  tensile  strength  For  plane- 
stress  conditions,  a  is  equal  to  unity  (original 
Dugdale  model),  and  tor  simulated  plane-strain 
coriditions.  a  is  equal  to  3  Although  ttie  strip-yield 
model  does  not  model  the  correct  yield-zone 
pattern  for  plane-strain  conditions,  the  rrxxfel  with  a 
nigh  constraint  factor  is  able  to  produce  crack- 
surface  displacements  and  crack-  opening  stresses 
quite  similar  to  those  calculated  from  an  elastic- 
plastic  finite-element  analysis  of  crack  growth  and 
ebsure  tor  a  tbite-thickness  plale  (see  Ret  33)  As 
the  crack  grows  under  cyclic  loading,  residual- 
plastic  deformed  material  (Region  3)  is  left  on  the 
crack  surfaces  During  unbading.  these  surfaces 
contact  each  other  at  the  minimum  applied 
stress.  The  material  in  the  plastK  zone  and  abng 
the  contacting  surfaces  was  assumed  to  yield  at 
-do  (*n  f^t®  original  model,  the  contacting 
surfaces  were  assumed  to  reduce  the  effectiveness 
of  the  crack  and  reduce  the  constraint  around  the 
crack  front  On  the  basis  of  three- 
dimensional  finite-element  analyses,  however  this 
assumptbn  may  need  to  be  studied  further  but  this 
is  beyond  the  scope  of  the  present  paper )  Using 
the  contact  stresses,  the  crack-opening  stress  is 
cabulated  The  crack-operiing  stress  is  the  applied 
stress  level  at  which  the  crack  surfaces  are 
fully  open  and  is  denoted  as  S'o  The  model  is 
able  to  predict  crack-opening  stresses  as  a  function 
ot  crack  length  and  load  history  The  crack¬ 


2.2  Constraint  Variations 

As  a  crack  grows  in  a  finite  thickness  body  under 
cyclic  bading  (constant  stress  range)  the  plastic- 
zone  size  at  the  crack  front  increases  At 
bw  stress-intensity  factor  levels  plane-strain 
conditions  should  prevail  but  as  the  plastic-zone 
size  becomes  large  compared  to  sheet  tfiickness  a 
k3SS  of  constraint  is  expected  This  constraint  bss 
has  been  associatev.*  with  tlie  transition  from  flat-to- 
slant  crack  growtl  as  illustrated  in  Figure 
3  Schi|ve  (Ref  34)  lias  shown  that  the  transition 
occurs  f't  nearly  the  same  crack-growth  rate  over  a 
wide  range  in  stress  ratios  for  an  aluminum 
alby  Later  Scbiive  (Ref  35)  using  Eioer  s  crack- 


Fig  3  Fatigue  crack  surface  showing  transition 
from  tensile-  to  shear-rrxxfe  crack  grovirth 
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closure  concept,  proposed  that  the  transition 
should  be  controlled  by  AKeff-  '^his  observation 
has  been  used  to  help  select  the  constraint-loss 
regime  (see  Ret  31). 

In  a  related  effort  to  study  constraint  variations 
using  a  three-  dimensional,  elastic-plastic,  finite- 
element  analysis,  some  results  are  included  here  to 
help  resolve  the  constraint-loss  issue  (see  Ref  36). 
The  linile-elenDenl  code,  ZIP30  (Ref  37),  was  used 
to  analyze  center-crack-  tension  and  bend 
specimens  rrrade  of  a  material  with  an  elastic- 
perfectly-  plastic  stress-stra<n  behavior  The 
analyses  were  conducted  on  a  2.5  mm-  thick  sheet 
with  various  half-widths  (w)  and  a  c/w  ratio  of  0  5 
The  crack  front  was  flat  and  straight-through  the 
'hickness  The  finite-element  model  (one-eighth  of 
the  specimen)  had  six  layers  through  the  half- 
thickness  with  the  layer  on  the  centerline  of  the 
specimen  being  0  15B  and  the  layer  on  the  free 
surface  being  0  0258  The  srrrallest  element  size 
around  the  crack  front  was  about  0  03  mm  The 
number  of  elements  was  5706  and  the  number  of 
nodes  was  7203  The  finite-element  model  of  the 
specimen  was  sub|ected  to  monotonic  loading  until 
the  plastic  zone  extended  across  the  net  section 

Because  the  current  model  uses  a  constant  tlow 
stress  in  the  plastic  zone,  a  global  constraint  tactor. 
rig.  was  defined  as  the  average  of  the 
normal  stress  to  tlow  stress  (fiyy  Ioq  )  ratio  in  the 
plastic  zone  Figure  4  shows  a  comparison  of  rig 
as  a  furKttion  ot  the  normalized  applied  K  level  for 
tension  and  berxt  specimens  The  symbols  show 
the  results  from  the  finite-oiement  analyses  tor 
various  specimen  sizes  The  upper  dashed  lines 
show  the  results  urvler  plane-strain  conditions  the 
lower  dashed  line  shows  the  plane-stress  condition 
The  global  constraint  factor  was  nearly  a 
unique  tuncton  of  the  applied  K  level  Some  slight 
differences  were  observed  near  the  plane-stress 
conditions  (high  K  levels)  These  results  show  that 
the  global  constraint  factor  rapidly  drops  as  the  K 
level  .ncreases  (plastic-  zone  size  increases)  and 
approaches  a  value  near  the  plane-stress 
condition  The  soIkJ  line  is  a  simple  tit  to  the  tinite- 
element  results  and  shows  that  the  vonstraint-loss 
regime  may  be  defined  by  a  unique  set  ot  K  values 
urider  monotonx:  loading  and  possibh'  sKeff  under 
cyclic  loading  In  the  current  model  the  constrairit- 


loss  regime  is  defined  by  a  set  of  crack-growth 
rates  because  the  transition  from  flat-to-slant  crack 
growth  seems  to  occur  at  unique  rates.  This 
assumption  also  implies  that  a  unique  set  of  AKeff 
values  defirte  the  constraint-loss  regime. 

2.3  Constant-Amplitude  Loading 

In  Reference  38.  crack-opening  stress  equations 
for  constant-amplitude  loading  were  developed 
from  crack-ctosure  model  calculations  for  a  center- 
crack  tension  specimen.  These  equations  give 
crack  opening  stresses  as  a  function  of  stress  ratio 
(R).  maximum  stress  level  (Smax^Oo  )  and  flta 
constraint  factor  (a).  To  correct  the  previous  crack¬ 
opening  stress  equations  for  extremely  high  crack- 
growth  rates,  a  modification  was  developed  in 
Referertce  17.  The  new  equations  give  crack¬ 
opening  stresses  that  agree  fairly  well  with  results 
fromthie  rrxxlilied  closure  model  These  equations 
are  used  to  develop  the  baseline  AKeff-rate 
relations  that  are  used  in  the  life-prediction  code 
FASTRAN-II  (Ref  39)  to  make  crack-growth  and 
fatigue-life  predictiims.  A  typical  comparison 
between  the  nxxlel  and  the  equations  for  a  crack  in 
a  titanium  alloy  is  shown  in  Figure  5.  This  figure 
shows  crack-opening  stresses  as  a  function  of 
crack  length  for  a  crack  in  an  infinite  plate  at  low  R. 
To  severely  test  the  equations  with  a  rapid  cliange 
in  constraint,  n  was  selected  to  be  2  4  for  rates  less 
than  IE-04  mm/cycie,  and  ri  was  1.2  for  rates 
greater  than  lE-03  mm/cycle  The  solid  curve 
shows  the  calculations  from  the  model  To  use  the 
crack-opening  stress  equations,  the  R  ratio,  the 
Smax'oc  and  the  constraint  factor  must  be 
known  a  prion  In  this  example,  the  constraint 
factor  IS  unknown  as  a  function  ot  crack  length 
Because  rates  are  used  to  control  the  constraint 
factor  in  the  model,  the  crack-growlh  rale  must  be 
known  to  calculate  the  crack-opening  stress  The 
crack-lengih-against-cycles  results  trom  the  model 
were  therefore  used  to  determine  the  rale  for  a 
given  crack  length  Knowing  the  rate,  then  the 
constraint  tactor  is  calculated  trom 

0  =  (12  *  (dt  -  (i2)[ln(dc/dN)  -  In(r2)l/lln(ri )  -  In(r2)l 

for  ri  <  dc'dN  rp  where  rp  and  rip  are  the 
constraint  factors  andri  and  rp  are  the  rales,  at 
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Fig  4  Global  constraint  factors  trom  three- 
dimensional  finite-element  analyses 


Fig  5  Calculated  crack-opening  stresses  trom 
model  and  equations 


the  beginning  and  end  of  the  constraint-loss 
regime,  respectively  For  rates  less  than  ri ,  a  =  ai 
and  for  rates  greater  than  r2.  a  =  a2-  Once  the 
constraint  factor  has  been  determined,  then  the 
crack-  opening  stress  is  calculated  from  the 
equations  (dashed  curve).  For  constant  a  regions, 
the  results  from  the  equations  agreed  well  with 
the  model.  Some  differences  were  observed  in  the 
transition  region  between  a  =  2.4  to  1 .2,  but  the 
maximum  error  in  calculating  AKeff  was  only  4 
percent.  The  small  vertical  lines  indicate  the 
corresponding  life  ratio  (N/Nf),  in  addition  to 
indicating  regions  of  constant  constraint. 

2.4  Spectrum  Loading 

For  variable-amplitude  and  spectrum  loading,  the 
crack-closure  model  must  be  used  to  compute  the 
crack-opening  stress  history.  Some  typical  crack¬ 
opening  stresses  under  the  Mini-tWIST  load 
sequence  for  a  small  surface  crack  in  a  sir.gle- 
edge-notch-tension  (SENT)  specimen  are  shown  in 
Figure  6.  In  the  small-crack  simulation,  an  initial 
defect  size  of  aj  =  3  pm  and  cf  =  9  pm  was  used. 
This  size  corresponds  to  inclusion-particle  sizes 
that  initiate  cracks  in  some  aluminum  alloys  fFie's  7 
and  8).  Variable  constraint  was  selected  for  this 
simulation.  The  constraint  factor  (a)  was  1.8 
for  crack-growth  rates  less  than  7E-04  mm/cycle 
and  1.2  for  rates  greater  than  7E-03  mm/cycle. 


Rg.  6  Calculated  crack-opening  stresses  for  small 
surface  crack  under  spectrum  loading. 


The  figure  shows  crack-opening  stress  (normalized 
by  the  maximum  stress  in  the  spectrum)  plotted 
against  the  ratio  of  applied  cycles  to  cycles-to- 
failure  (N/Nf).  The  predicted  cycles  to  failure,  Nf, 
was  about  800,000  cycles.  These  results  show 
that  the  opening  stresses  start  near  the  minimum 
stress  in  the  spectrum  and  r'se  as  the  crack  grows. 
Crack-opening  stresses  tended  to  level  off  for  N/Nf 
between  0.7  and  0  9.  The  rapid  jump  in  S'o/Smax 
for  an  N/Nf  ratio  of  about  0.92  was  caused  by  the 
change  in  constraint  from  1 .8  to  1 .2  at  the  higher 
crack-growth  rates.  The  surface  crack  became  a 
through  crack  (aA  =  1)  at  an  N/Nf  ratio  of  about  0.9. 

3.  LARGE-CRACK  GROWTH  BEHAVIOR 

To  make  life  predictions,  AKeff  as  a  function  of  the 
crack-growth  rate  must  be  obtained  for  the  material 


of  interest.  Fatigue  crack-growth  rate  data  should 
be  obtained  over  the  widest  possible  range  in  rates 
(from  threshold  to  fracture),  especially  if  spectrum 
load  predictions  are  required.  Data  obtained  on  the 
crack  configuration  of  interest  would  be  helpful  but 
it  is  not  essential.  The  use  of  the  nonlinear  crack- 
tip  parameters  is  only  necessary  if  severe  loading 
(such  as  low  cycle  fatigue  conditions)  are 
of  interest.  Most  damage-tolerant  life  calculations 
can  be  performed  using  the  linear  elastic  stress- 
intensity  factor  analysis  with  crack- 
closure  rnodificatbns. 

3.1  Constant-Amplitude  Loading 

Under  constant-amplitude  loading  the  only 
unknown  in  the  analysis  is  the  constraint  factor,  a. 
The  constraint  factor  is  determined  by  finding 
(by  trial-and-error)  an  a  value  that  will  correlate  the 
constant-amplitude  fatigue-crack-growth-rate  data 
over  a  wide  range  in  stress  ratios,  as  shown  in 
References  30  and  38.  This  correlation  should 
produce  a  unique  relationship  between  AKeff  and 
crack-growth  rate.  In  the  large-crack- 
growth  threshold  regime  for  some  materials,  the 
plasticity-induced  closure  model  may  not  be  able  to 
collapse  the  threshold  (AK-rate)  data  onto  a 
unique  AKeff-ratc  relation  because  of  other  forms 
of  closure.  Roughness-  and  oxide-induced  closure 
(see  Ref  40i  appear  to  be  more  relevant  in 
the  threshola  regime  than  plasticity-induced 
closure.  This  may  help  explain  why  the  constraint 
factors  needed  to  correlate  crack-growth  rate  data 
In  the  near  threshold  regime,  that  is,  plane-strain 
conditions,  are  1.7  to  1  9  for  aluminum  alloys,  1.8 
to  2  for  titanium  alloys  and  2.5  for  steel. 
However,  further  study  is  needed  to  assess  the 
interactions  between  plasticity-,  roughness-  and 
oxide-induced  closure  in  this  regime.  If  the 
plasticity-  induced  closure  model  is  not  able  to  give 
a  unique  AKeff-rate  relation  in  the  threshold  regime, 
then  high  stress  ratio  (R  >  0.7)  data  may  be  used 
to  establish  the  AKeff-rate  relation. 

In  the  following,  the  AKeff-rate  relations  for  one 
aluminum  alloy  and  two  titanium  alloys  will  be 
presented  ana  discussed.  Similar  proc  >dures 
were  used  to  establish  the  relationsnips  for  all 
materials  used  in  this  study.  The  large-crack  results 
for  7075-T6  aluminum  alloy  are  shown  in  Figure  7 
for  data  generated  at  two  different  laboratories  arxf 
at  three  stress  ratios  (Ref  20).  The  data  collapsed 
into  a  narrow  band  with  several  transitions  in  slope 
occurring  at  about  the  same  rate  for  all  stress 
ratios,  ^me  differences  were  observed  in  the 
threshold  regime.  For  these  calculations,  a 
constraint  factor  a  of  1.8  (nearly  equivalent  to 
Irwin's  plane-strain  condition)  was  us^  for  rates 
less  than  7E-04  mm/cycle  (start  of  transition  from 
flat-to-slant  crack  growth)  and  n  equal  to  1 .2  was 
used  for  rates  greater  than  7E-03  mm/cycle  (end  of 
transition  from  flat-to-slant  crack  growth).  For 
intermediate  rales,  n  was  varied  linearly  with  the 
logarithm  of  crack-growth  rale.  The  values  of  a 
were  selected  by  trial-arxf-error.  The  solid  symbols 
(see  upper  left-hand  portion  of  figure)  denote 
measur^  rales  at  the  end  of  transition  from  flal-lo- 
slant  crack  growth  (Refs  20  and  41).  It  has  been 
proposed  in  Reference  31  that  the  flal-lo-slani 
crack-  grovAh  transition  region  may  be  used  to 
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Fig.  7  Effective  stress-intensity  factor  range  against 
rate  for  large  cracks  in  an  aluminum  alloy. 


indicate  a  change  from  nearly  plane-  strain  to 
plane-stress  behavior  and,  consequently,  a  change 
in  constraint.  In  the  low  crack-growth  rate  regime, 
near  and  at  threshold,  some  tests  (Ref  14)  and 
analyses  fRef  15)  have  indicated  that  the  threshold 
develops  because  of  a  rise  in  the  crack-opening- 
stress-to-maximum-stress  ratio  due  to  (he  load¬ 
shedding  procedure.  In  the  threshold  regime  then, 
the  actual  AKeff-  rate  data  would  lie  at  lower  values 
of  AKeff  because  the  rise  in  crack-  opening  stress 
was  not  accounted  for  in  the  current  analysis  For 
the  present  study,  an  estimate  was  made  for  this 
behavior  and  it  is  shown  by  the  solid  line  below 
rates  of  about  2E-6  mm/cycle.  The  baseline 
relation  shown  by  the  solid  line  will  be  used  later  to 
predict  small-crack  growth  rates  and  fatigue  lives 
under  constant-amplitude  loading. 

Figure  8  shows  the  AKeif-rate  data  for  corner 
cracks  in  10  mm-thick  Ti-6AI-  4V  titanium  alloy  (Ref 
23).  In  these  tests,  the  initial  defect  size  was  a  250 
pm-quarler-circular  electrical-discharged  machined 
notch.  The  data  correlated  quite  well  with  a 
constant  constraint  factor  of  1.9.  For  thick 


Rg.  8  Effective  stress-intensity  factor  range  against 
rate  for  small  and  large  cracks  in  a  titanium  alloy. 


materials,  the  loss  of  constraint,  as  shown  for  the 
thin  7075-T6  alloy  (Fig  7),  may  occur  at  higher 
values  of  AKeff  than  those  shown  for  the 
thinner  material.  Consequently,  a  constant 
constraint  factor  was  used  over  the  whole  rate 
range.  The  solid  symbolr.  show  the  results  of  13 
mnvthick  compact  specimens  (Ref  42)  tested  over 
a  wide  range  of  R  ratios  and  down  to  much  lower 
rates  than  the  corner-crack  tests.  The  baseline 
relation  (solid  line),  fit  to  the  comer-crack  results  in 
the  mid-region  and  the  compact  results  in  the  bw- 
rate  regime,  will  be  used  later  to  predict  crack- 
growth  rates  lor  tests  with  spike  overloads  repeated 
every  1000  cycles. 

The  AKeff-rate  results  for  IMI-685  titanium  alloy 
compact  specimens  (Refs  23  and  25)  are  shown  in 
Figure  9.  This  material  was  selected  because 
‘roughness-induced*  closure  was  expected  to  be 
prevalent.  These  data  also  illustrate  two  diffbulties 
with  correlating  test  data  using  the  linear-elastic 
effective  stress-intensity  factor  ranges  and  the 
plasticity-  induced  cbsure  model.  First,  the  high  R 
ratio  results  tend  to  deviate  from  the  low  R  ratio 
results  near  the  end  of  the  tests.  These  specimens 
were  cycled  to  failure  and  the  last  lew  data  points 
were  taken  immediately  before  the  specimen  failed. 
The  maximum  stress  level  for  the  high  R  ratb  test 
was  consberably  higher  than  that  used  lor  the  low 
R  ratb  test;  and  plasticity  effects  would  have  been 
greater  in  the  high  R  test  than  the  low  R. 
resulting  in  higher  rates  lor  a  given  value  of  elastic 
AKeff.  However,  fitting  the  AKeff  relation  to  the  taw 
R  ratio  results  (solid  line)  will  allow  accurate  life 
prediction  lor  both  the  low  and  high  R  ratio 
conditions,  because  the  high  R  ratio  tests  are 
predicted  to  fail  at  a  AKeff  value  of  23 
MRavm  (fracture  toughness  Kc  =  80  MPa'/m). 
Thus,  accurately  modelling  the  upper  tail  of  the 
high  R  ratio  test  would  not  have  greatly  affected  the 
number  of  cycles  to  failure.  The  second  difficully 
with  the  model  occurs  in  the  threshold  regime  and 
shows  that  threshold  data  (load-reduction  tests) 
begin  to  form  bands  of  data  as  a  function  of  R, 
especially  for  materials  where  roughness-induced 
closure  may  occur.  The  sieady-state  crack¬ 
opening  stress  equations  do  not  account  for  any 


Fig.  9  Effective  stress-intensity  factor  range  against 
rate  for  large  cracks  in  IMI-685  titanium  alloy. 
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load  -  reduction  effects  nor  roughness  -  induced 
closure  which  is  expected  to  be  dominate  in  the 
IMI-685  alloy.  Because  cracks  in  the  high  R  ratio 
tests  are  expected  to  be  fully  open,  these  results 
were  used  to  determine  the  AKeff  relation  at  the 
low  rates.  The  baseline  relation  will  be  used  later  to 
make  crack  growth  predictions  under  repeated 
spike  overloads. 

3,2  Spike  Overload  and  Underload 

For  variable-amplitude  or  spectrum  load  crack- 
growth  predictions,  the  constraint  factor  should  also 
be  verified  by  some  simple  tests,  such  as  crack 
growth  after  a  single-spike  overload.  Constraint 
factors  appear  to  be  more  sensitive  to  crack-growth 
delays  caused  by  single-spike  overloads  than  to 
cracK  growth  under  constant-amplitude  loading  at 
different  stress  ratios.  Higher  values  of  a  will  cause 
less  load-interaction  effects,  such  as  retardation  or 
acceleration,  than  lower  values  of  constraint.  Thus, 
spike-  overload  tests  may  be  more  useful  in 
establishing  values  of  a  than  constant-  amplitude 
tests.  However,  the  constraint  factors  determined 
by  spike-  overload  tests  should  also  correlate 
constant-amplitude  data  (see  Ref  43). 


constraint  factor  of  1.9  is  appropriate  for  these 
conditions.  But  overloads  at  higher  Kql  values 
would  be  expected  to  cause  some  loss 
of  constraint  (lower  o)  Under  these  conditions,  the 
analyses  using  an  u  =  1 .9  would  be  expected  to 
predict  higher  rates  and  less  retardation  than 
the  tests.  Thus,  variable  constraint  may  be  needed 
to  predict  the  behavior. 

3.3  Repeated  Spike  Overloads 

Figures  11  and  12  show  measured  and  predicted 
AK-rate  results  for  repeated  spike  overloads 
applied  to  compact  and  corner-crack  specimens 
made  of  IMI-  685  and  Ti-17  titanium  alloys, 
respectively.  These  tests  were  conducted  under 
constant-amplitude  loading  (R  =  0.1)  with  an 
overload  (PoL  =  1-7  Pmax)  applied  every  1,000 
cycles  (Refs  23  and  24).  The  overall  trends  in 
the  predicted  results  for  the  IMI-6d5  corner-crack 
configuration  agreed  well  with  the  test  results  at  low 
rates  However,  the  predicted  rates  tended  to  be 
somewhat  high  in  the  middle  and  upper  ranges. 
Although  the  predicted  results  for  the  compact 
specimen  agreed  fairly  well  with  the  test  data, 
the  test  results  on  each  individual  specimen  were 


A  comparison  of  measured  and  predicted  rates  for 
large  cracks  after  a  single  spike  overload  and  after 
a  single  spike  overload  followed  by  an 
underload  are  shown  In  Figure  1 0  Cracks  were 
grown  under  conslant-ampTilude  loading  (R  =  0.4 
with  Kmax  =  fS-T  MPavm)  to  a  crack  length  of  12 
mm.  In  one  case,  a  single  overload,  Kql  =  31-4 
MPaVm,  was  applied  and  then  the  test 
was  returned  to  constant-amplitude  loading  The 
second  case  was  idenlical  to  the  first  case,  except 
that  an  underload  KuL  =  ‘3.9  MPa\m  was 
applied  immediately  alter  the  overload.  Two 
methods  were  used  to  measure  crack  length  and 
rates  in  the  7475  alloy  (Ref  22):  the  direct-current 
potential  method  (solid  symbols)  and  the  scanning- 
electron  microscope  (open  symbols).  The  predicted 
results  using  the  closure  model  with  a  =  1  9 
(curves)  agreed  well  with  the  test  results,  especially 
tor  the  overload-underload  case  For  the  overload 
case,  the  experimental  rates  did  not  appear  to 
stabilize  at  the  pre-overload  rates  as  quickly  as  the 
predictions.  These  results  indicate  that  the 


Fig  11  Measured  and  predicted  rates  lor  IMI-685 
titanium  alloy  under  repeated  spike  overloads. 
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Fig.  10  Measured  and  predicted  rales  after  an  over-  ^'9  .'2  Measured  and  predicted  rales  for  Ti-17 

load  and  overload-underload  sequence.  titanium  alloy  under  repealed  spike  overloads. 
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not  modelled  very  accurately.  The  measured  rales 
on  one  of  the  compact  specimens  in  the  beginning 
of  the  lest  were  much  lower  than  predicted.  The 
oscillating  behavior  in  the  predicted  results  at  high 
rates  was  caused  by  averaging  rates  over  less 
than  1000  cycles,  thus  accelerations  and 
retardations  during  and  after  the  spike  overload  are 
being  shown.  The  comparison  of  measured  and 
predicted  rates  on  the  Ti-17  alloy  agreed  quite  well 
(Fig  12).  A  comparison  of  predicted-lo-  lest  lives 
(Np/N|)  for  these  titanium  alloys  and  Ti-6AI-4V,  for 
the  two  crack  configurations,  ranged  from  0.57  to 
2.12  but  most  results  were  within  about  20  percent 
of  the  test  results.  These  results  are  presented 
and  discussed  in  Reference  24. 

3.4  Spectrum  Loading 

Wanhill  (Ref  18)  conducted  spectrum  crack-growth 
tests  on  center-crack  tension  specimens  made  of 
2024-T3  Alclad  material  in  two  thicknesses  (0  =  1  0 
and  3.1  mm).  Tests  were  conducted  under  the 
TWIST  spectrum  clipped  at  Levels  I  and  III  with 
Smf  =  70  MPa  The  initial  crack  starter  notch  half- 
length  was  3.5  mm  Comparisons  are  made 
between  experimental  and  calculated  crack  length 
against  flights  for  Level  III;  and  experimental  and 
calculated  crack  length  against  crack-giowth  rate 
for  Levels  I  and  III 

Crack-length-against -flight  data  on  the  3  1  mm- 
thick  specimens  tested  under  the  TWIST  (Level  III) 
loading  are  shown  in  Figure  13  The  solid  curve 
is  the  calculated  results  from  the  closure  model 
with  the  variable-constraint  condition  (ti  =  2  to  1) 
using  the  baseline  liKeff-rate  relation 
and  constraint-loss  regime  established  in 
Reference  44  To  illustrate  why  the  variable- 
constraint  conditions  are  necessary,  example 
calculations  were  made  for  constant  constraint 
conditions  of  either  n  =  1  or  2  (dashed-dot 
curves)  The  model  with  a  low  constraint  condition 
(a  =  1)  predicted  much  longer  flights  to  a  given 
crack  length  than  the  test  data  Conversely, 
the  predicted  results  for  the  higher  constraint 
condition  (n  =  2)  greatly  under  predicted  the 
behavior  except  in  the  early  stages  of  growth 
Thus,  the  placement  of  the  constraint-loss  regime 
IS  crucial  to  making  accurate  crack-  growth 
predictions  under  aircraft  spectrum  loading 


Fig  13  Measured  and  calculated  crack-length- 
against-cyoles  under  TWIST  spectrum  loading. 


Figure  14  shows  a  comparison  between 
experimental  (Ref  18)  and  calculated  results  of 
crack  length  against  dc/dF  under  tha  TWIST 
loading  (Levels  I  and  III)  for  the  1.6  mm-thick 
specimens.  The  crack-growth  rate,  dc/dF,  is 
the  change  in  crack  length  per  flight.  For  both 
levels,  the  closure  model  was  able  to  calculate  tfie 
initial  rates  quite  accurately  (curves). 
Calculated  results  under  Level  III  agreed  with  the 
test  re.sults  over  nearly  the  complete  range  of  crack 
tengths  The  calculated  results  under  Level 
I.  however,  began  to  deviate  from  the  test  results 
after  a  crack  length  of  about  12  mm.  The  ratio  of 
calculated  life  to  test  life  from  an  init'ial  crack  length 
of  3.5  mm  to  failure  was  0.61  for  Level  I. 


Fig  14  Measured  and  calculated  rales  lor  large 
cracks  under  TWIST  spectrum  toading 

4.  SMALL-CRACK  GROWTH  BEHAVIOR 


In  the  following,  comcarisons  are  made  between 
measured  and  predicted  crack-  shape  changes  and 
crack-growth  rales  for  small  surface  cracks  at  a 
notch  in  7075-T6  aluminum  alloy  under  constant- 
amplitude  loading  Comparisons  are  also 
presented  on  measured  and  predicted  rates  lor 
small  corner  cracks  at  a  notch  in  LC9cs  clad 
aluminum  alloy  under  both  constanl-ampiitude  and 
Mini-  TWIST  spectrum  loading  The  plastic-replica 
method  was  used  to  measure  the  initiation  and 
growth  of  the  small  cracks  and  these  results  are 
presented  and  discussed  in  Reference  20 

Figure  15  shows  the  cnck-depth-to-crack-length 
(a/c)  ratio  plotted  against  the  crack-depth-to-sheet- 
hall-thickness  (a/t)  ratio  lor  the  7075-T6 
alloy  Measured  a/c  and  a/t  ratios  (open  symbols) 
were  determined  from  an  experimental  method 
where  specimens  were  broken  at  various  stages 
during  their  life  Results  are  shown  lor  three  stress 
ratios  and  lor  the  Mini-  TV/IST  spectrum  loading 
The  spectrum  has  an  overall  stress  ratio 
(minimum  to  maximum  stress  in  the  spectrum)  of 
-0  23  The  solid  symbols  show  the  sizes  and 
shapes  of  inclusion-particle  clusters  or  voids  which 
initiated  cracks  (average  size  was  a\  =  3  pm  and  cj 
=  9  pm). 

The  curves  in  Figure  15  show  the  predic'ions  for 
the  different  stress  ratios  using  the  average 
inclusion-particle  cluster  size  In  the  analyses. 


* 


U) 


* 


2-9 


1 .5  r  SurfocB  crock 

'  Prediction 

I  R  =  -1 


Fig.  15  Measured  and  predicted  surface-crack 
shape  changes  in  a  bare  aluminum  alloy. 

the  crack-growth  rale  relations  for  da/dN  was 
different  than  that  for  dc/dN  as  a  function  of  AKeff 
(see  Ref  20).  The  tests  and  analyses  show  that 
small  surface  cracks  tend  to  rapidly  approach  an 
a/c  ratio  of  about  unity  for  a  large  part  of  their 
growth  through  the  thickness. 

Comparisons  of  experimental  and  predicted  crack- 
growth  rates  for  small  cracks  under  R  =  -1  loa  'ing 
are  shown  in  Figures  16  and  17  for  7075-T6 
and  LC9cs  alloys,  rispeclively.  For  the  7075-T6 
alloy,  small  surface  cracks  initiated  along  the  notch 
surface  from  inclusion-particle  clusters  or  voids.  For 
the  LC9cs  alloy,  small  corner  cracks  initialed  in  the 
cladding  layer  from  slip-band  formation  (cladding 
thickness  was  50  to  70  pm).  Even  though  the 
range  in  maximum  stress  levels  used  in  each  lest 
series  are  indicated  on  the  figures,  no  stress-ievel 
effect  was  apparent  in  the  test  data  and  all  data 
have  been  grouped  together.  However,  a  range  in 
stress  levels  was  used  in  the  a,'.alyses  to  show 
some  expected  trends  with  stress  level.  The  dash- 
dot  line  show  the  large  crack  (dc/dN)  results  and 
the  dashed  line  show  the  AKeff-rate  curve  used  in 
the  analyses  for  da/dN.  The  solid  curves  show 
the  predicted  results  using  an  initial  defect  size 


Fig.  16  Measured  and  predicted  small  surface 
crack-growth  rates  in  a  bare  aluminum  alloy. 


(3  by  9  by  0.5  urn  for  7075-  T6:  and  77  by  77  by  0.5 
pm  for  LC9cs).  All  predictions  start  on  the  AKeff 
curve  because  cracks  at  small  voids  were  assumed 
to  be  fully  open  on  the  first  cycle  and  AK  is  equal  to 
AKeff.  For  the  7075-T6  alloy  (Fig  16). 
the  predictions  from  the  model  did  not  agree  very 
well  with  the  test  data  for  Smax  =  80  to  95  MPa  in 
the  near  threshold  regime.  In  Reference  20,  part 
of  this  discrepancy  was  attributed  to  an  influence  of 
the  acetone  used  in  taking  plastic  replicas  of  the 
notch  surface.  Fatigue  lives  for  specimens  with 
replicas  were  much  longer  (about  a  factor  of  4) 
than  those  without  replicas.  However,  the 
predictions  did  agree  with  the  test  data  in  the  mkf- 
and  high-rate  range.  At  70  MPa,  the  predictions 
show  tnat  the  crack  would  be  nearly  arrested 
/minimum  rate)  at  a  AK-value  of  about  2  MPaVm. 
At  this  point  the  AKeff  was  slightly  greater  than  0.9 
MPaVm,  the  effective  threshold  for  small  cracks. 
(Note  that  the  endurance  limit  for  R  =  -1  was  about 
70  MPa,  see  Reference  20.) 

For  the  LC9cs  alloy  /Fig  17),  the  predictions  from 
the  model  agreed  well  with  the  test  data  for  Smax  = 
70  to  90  MPa  in  the  early  stages  of  crack  growth. 
The  predicted  rates  seem  to  be  slightly  low  in  the 
mid-  to  high-  rate  range.  At  50  MPa.  the 
predictions  show  a  large  drop  in  the  crack-  growth 
rates,  similar  to  the  7075-T6  alloy.  The  crack 
would  have  been  predicted  to  arrest  if  an  applied 
stress  of  40  MPa  had  been  used.  Again,  the 
effective  thre^old  for  small  cracks  was  assumed  to 
be  0.9  MPav'm  and  the  endurance  limit  was  about 
40  MPa. 


Fig,  17  Measured  and  predicted  small  comer  crack- 
growth  rates  in  a  clad  aluminum  alloy. 

The  measured  and  predicted  small-crack  growth 
rates  for  the  Mini-TWIST  loading  are  shown  in 
Figures  18  for  the  LC9cs  alloy.  Here  the 
'average*  crack-growth  rate  is  plotted  against  the 
'maximum  range'  stress-intensity  factor.  The 
average  crack-growth  rate  is  the  change  in  crack 
length  per  replica  interval  (about  30,000  cycles) 
and  the  stress-intensity  factor  range  is  computed 
using  the  maximum  arid  minimum  stress  levels  in 
the  Mini-TWIST  spectrum.  The  predicted  values 
were  determined  in  the  following  way.  Crack  length 
(2a)  and  cycle  results  were  taken  from  the  analysis 
at  nearly  equal  cyclic  intervals  between  the  initial 
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crack  length  and  breakthrough  (a  =  t).  From  these 
values  of  crack  length  and  cycles,  the  average  rate 
and  maximum  range  stress-intensity  factor  were 
calculated.  The  predicted  rates  (solid  curve) 
agreed  well  with  the  experimental  data  for  both 
small-  and  large-  crack  behavior. 
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Fig.  18  Small  corner  crack-growth  rates  in  a  clad 
aluminum  alloy  under  spectrum  loading. 


5.  FATIGUE-LIFE  PREDICTIONS 


At  this  point,  all  of  the  elements  are  in  place  to 
assess  a  total  fatigue-  life  prediction  methodology 
based  solely  on  crack  propagation 
from  microstructural  features.  In  this  approach,  a 
crack  is  assumed  to  initiate  and  grow  from  a 
microstructural  feature  on  the  first  cycle.  The 
crack-  closure  model  and  the  baseline  AKeH-rate 
curves  are  used  to  predict  crack  growth  from  ihe 
initial  crack  size  to  failure.  Comparisons  are  made 
with  fatigue  tests  conducted  on  the  single-  or 
double-edge-notch  tension  specimens.  Results  are 
presentecT  for  three  aluminum  alloys  and  one 
titanium  alloy  under  either  constant-amplitude  or 
various  spectrum  loadings. 

5.1  Constant-Amplitude  Loading 

Fatigue  life  (S-I^  data  for  7075-T6  aluminum  alloy 
are  shown  in  Figure  19  for  constant-amplitude 
loading.  A  symbol  indicates  a  failure  and  a 
symbol  with  an  arrow  indicates  that  a  test  was 
terminated  before  failure.  In  the  analysis,  the  initial 


10*  10*  10®  10^ 


Nf,  cycles 

Fig.  19  Measured  and  predicted  fatigue  lives  for 
aluminum  alloy  SENT  specimens. 


crack  size  was  aj  =  3  pm,  q  =  9  pm  and  b  =  0.5 
pm  (defect  or  void  half-height).  This  crack  size  is 
the  average  inclusion-  particle  or  void  size  that  was 
measured  at  actual  crack-initiation  sites.  The 
effective  stress-intensity  factor  range  against  rate 
relation  used  in  the  analysis  is  given  in  Reference 
20  and  (AKef()th  was  assumed  to  be  0.9  MPaVm. 
Using  the  life-prediction  code  (Ref  39),  predictions 
were  made  for  constant-amplitude  loading.  The 
solid  curves  show  the  predicted  number  of  cycles 
to  failure.  The  predicted  lives  were  in  reasonable 
agreement  witfi  the  test  lives.  In  addition  to 
predicting  fatigue  life,  the  analysis  methodology 
was  also  able  lO  fit  the  endurance  limit  as  a 
function  of  stress  ratio. 

Fatigue  tests  were  conducted  on  Ti-6AI-4\/  titanium 
alloy  double  edge  notch  tension  (DENT)  specimens 
in  the  AGARD  Engine  Disc  Cooperative  Test 
Programme  (Ref  24).  These  results  (symbols)  are 
shown  in  Figure  20  for  two  fan  disc  forgings.  To 
make  fatigue  life  calculations,  the  baseline  AKeff- 
rate  relation,  shown  in  Figure  8,  was  used  to 
calculate  the  life  of  the  titanium  specimens. 
Because  no  informatbn  on  crack-initiation  behavior 
was  given  in  Reference  24.  life  calculations  were 
made  on  initial  crack  sizes  that  would  bound  the 
experimental  data,  like  the  equivalent-initial-flaw 
size  (EIFS)  concept  (Ref  45).  The  solid  curves 
show  the  calculations  for  an  initial  semi-circular 
surface  crack  of  a|  =  5  and  25  pm  at  the  notch  root. 
The  solid  symbol  on  the  stress  axis  denotes  where 
the  net-section  stress  is  equal  to  the  ultimate 
tensile  strength.  Because  of  the  notch 
configuration,  notch  strengthening  is  expected  and 
the  upper  plateau  is  an  estimate  for  tfie  maximum 
net-section  stress  based  on  the  results  from  the 
finite-element  analyses  (see  Fig  4  at  the  high  K 
levels).  In  a  microstructural  analysis,  Wanhilf  and 
Looije  (Ref  46)  found  that  Ihe  primary  a-grains 
were  atxiut  10  pm  in  diameter  and  the  transformed 
and  aged  p-giains  were  about  20  pm  in  diameter 
for  these  fan  disc  materials.  Further  study  is 
needed  on  these  materials  to  see  if  cracks  of  these 
sizes  would  be  present  early  in  life  or  to  see  if  the 
baseline  curve  (Fig  8)  is  appropriate  for  small 
cracks.  For  low  AKeff  values,  small  cracks  in  the 
titanium  alloys  may  grow  faster  than  large  cracks, 
as  observed  by  Lanciotli  and  Galatolo  (Ref  47), 


Fig.  20  Mea-urc  r  '  'ed  fatigue  lives  for 
titaniurr  1-  .-cciic .  ". 
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52  Spoctrum  Loading 

Experimental  and  predicted  results  for  fatigue  t.  3 
conducted  on  7075-T6  bare  and  LC9cs  clad  e.. 
specimens  under  the  Mini-TWIST  spectrum  are 
shown  in  Figure  21 .  These  tests  were  conducted 
on  SENT  specimens  (Ref  20).  The  solid  ano 
dashed  curves  show  predictions  for  each  alloy 
using  the  initial  defect  sizes  shown.  The  defect 
size  Tor  7075-T6  was  the  average  inclusion-  particle 
size  that  initiated  cracks,  whereas  the  initial  crack 
size  for  the  clad  alloy  LC9cs  was  somewhat  larger 
than  the  cladding-layer  thickness  (50  to  70  pm). 
The  predicted  lives  were  in  reasonable  agreement 
with  the  test  results  (symbols)  but  the  predicted 
lives  tended  to  fall  on  the  lower  bound  of  the  test 
data. 
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Fig.  21  Measured  and  predicted  fatigue  lives  for 
SENT  specimens  under  spectrum  loading. 


6.  CONCLUDfi  REMARKS 

The  "plasticity-induced’  crack-closure  model  was 
used  to  correlate  large-  crack  data  on  several 
aluminum  and  titanium  alloys  under  constant- 
amplitude  loading.  A  constraint  factor,  which 
accounts  for  three-dimensional  state-  of-stress 
effects,  was  used  in  determining  the  effective 
stress-intensity  factor  range  against  rate  relations. 
These  relations  were  then  used  to  predict  large- 
crack  growth  under  variable-amplitude  and 
spectrum  loading.  Comparisons  made  between 
measured  and  predicted  small-crack  growth  rates 
in  two  aluminum  alloys  showed  that  the  closure 
model  could  predict  the  trends  that  were  observed 
in  the  tests.  Using  the  closure  model  and 
some  microstructural  features,  such  as  inclusion- 
sarticle  sizes  and  cladding-  layer  thickness,  a  total 
;atigue-life  prediction  method  was 
demonstrated.  Fatigue  life  of  notched  specimens 
made  of  three  aluminum  alloys  were  compared  with 
edicted  lives  under  either  constant-an^litude  or 
cectrum  loading.  The  predicted  results  were  well 
within  a  factor  of  two  of  the  test  data.  Fatigue  lives 
lor  Ti-6AI-4\/  titanium  alloy  could  also  be  bounded 
by  using  initial  crack  sizes  of  5  and  25  pm  in  the 
life-prediction  method. 

Further  study  is  needed  to  determine  constraint 
variations  along  laiigue  i-iduk  trouts  m  various 
materials  and  thicknesses.  These  constraint 
variations  are  needed  to  improve  life  predictions 
under  aircraft  spectrum  loading,  especially  for  thin- 
sheet  materials.  At  low  rates,  the  development  of 
the  large-crack  threshold  and  its  significance  for 
design  Tife  calculations  also  needs  further  study. 
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Crack  (>rowth  Predictions  Using  a  Crack  Closure  Model 
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1.  Sl’MMARY 

<  rack  pnmih  prcdulioiis  lor  Ihroni^h  ami  corner  cracks  in 
~’(rs  |r>5l  plalc-  iiiiJcr  coiislaiil  ampliluclc  lo;hlin^  <iihl 
corner  cracks  under  luo  \aiiahle  .impliliide  s|Kcira  xxere 
tnade  iisiiii!  a  'Mack  ho\'  crack  closure  proisrani  Hie  resiills 
were  Ihen  compared  xMlh  e\ixnnienl  and  xarious 
|Xiraniciers  atlpislcd  to  irixe  Ihe  hesi  nialch  Itx  ihe 
evtK'ntiieiilal  results  Hie  opliiiiuiii  paranielers  chosen  xsill 
he  used  lor  suhsci|iiciil  blind  prediclioiis  lo  he  made  on  I  Ins 
iiiaicnal  and  ditlcrciil  hill  rcl.ilcd  s|X'clra 

2.  IVrRODK'TION 

I  se«i|  crack  growth  predicluni  programs  is  no  Ittni^cr 
resiricled  lo  Itie  de\elo|X'rs  c>t  such  pioi^ranis  .md  Itiosc  iliat 
have  inan\  vearsol  c'\|X'nenc'e  iisiiiu  Itiein  t  hex  arc 
Ireipienllx  used  as  ’black  |xo\es‘  hx  engineers  vxln«se 
cApencncc  max  he  liniiled  lo  a  univcrsilx  course  on  file 
snhtc'cl  ll  x\as  Ihcrelore  considered  iiseliil  lo  lake  >:  black 
ho\'  proL’ram  .ind  deleiniiiic  tioxx  well  a  retalixeix 
nie\|K'nenced  user  iin^hl  Ik-  able  lo  prcdul  c\]Kri  menial 
resulls 

1  his  was  done  as  purl  ot  the  <  anadiaii  coiilribiilion  lo  ihe 
btllow  on  IK  V  I H  r  XSiriiciures  and  I  Knamics  raiicl 
( 'ollahtvralixe  I'rt'^'rain  S  2.  \alidalioii  ot  I  ratinre 
Mechanics  Models  lor  \p|x|ic.ilioii  in  a  Daiiiajie  H'leraikc 
\ssessnienl 

2.1  Background  to  the  Program 
\l  Ihe  Sepleinher  nKeliiik’  ol  Ihe  1 1 1 1’  <  snh^«r<‘Mpv»l 
I  he  I  echnical  ('oo|K'ralit>n  I'ro^train  1 1  U  T).  ii  was 
siiijucsicd  thill  a  wt>nhwhdc  c«»lliihoratixc  c\crcisc  nn^Mii 
cxolve  Irom  applicalioii  o|  x .irioiis  c rack  propa^Miuni 
iiuhIcIs  |oa  inalcrial  xxiihii  well  dctiiied  set  ot  omstani 
anipliliule dal.i  haxm).’  equixalent  datii  under  x  jriiihte 
.iiiipliliute  toadiii):  Ucordiii^tx.  ihe  I  nited  Kinedoiii 
prox  liled  consi.-ml  ampliliidc  criKk  ^rowih  d.ii.i  lor  sexeiiil 
vlillereni  inaleri.ils  and  Ihe  resulls  (»!  cr;ick  c’rowih  tc'^ls 
inuler  Iwo  x.iriahle  ampliliicle  s|K\ira.  I  VMS  I  (Hand 
I  \I>1  VI  I  (2)  Seven  p.inici|».nils  Mien  proihiced  crack 
;:r«iwih  prediclioiis  hx  a  iiielhod  ol  llieir  choue  xxilhoiii 
ic'tc'ieiice  lo  Ihe  xiinahle  aniplilndc  Itcidin^*  resulls  I  nesc 
picdiclioiis  were  re|)orlccl  in  Keterence  ^  and  showed  llial 
tlic  r.ilmot  predicled  lo  mciisiired  lives  raiii'cil  tr>ni  alvnil 
IJ  I  hi  2> 

Vii  anaixsis  ci|  these  resulls  (4)  concluded  lh.it  .in.ilxses 
which  are  nol  supported  hx  e\;H.-nnicMial  calihralions  max 
leiid  lo  scTions  errors  .md  listed  a  Kiipe  iiiinihei  m|  t.utors 
which  hint  a  niiijor  iiillnencc  on  the  acc  iiriicx  I  hese  rait^cil 
trom  the  level  ot  e\|KTKike  o|  Mie  aiialxsl  to  the 
relard.ilion  nuidel  and  choice  <il  paraincIcT  values  I  he 
re|s>it  rcconniic-nded  a  new  procr.im  which  would  corisisi  ol 
Isiih  e\|H'rinieulal  and  aiiiilxiical  phiises.  where-  llic- 
iiiialxlical  lechnu|iic-s  could  tirst  he  calit'raled  hx 
comiMnsoti  wiih  lesi  rcsiilis  and  Ihcn  iisetl  lo  prcdul 
.iddiln iiiiil  lesi  resulls  in  llie  second  pliiise  wiMitiul 
knowledi’c  ti|  Ihese  results  I  hese  lesi  resulls  wtnihl  he  l«ii 
ili'lereni  stress  levels  and  s|K-clra  Ixpical  o|  ni  lleel 
X  ari.iUons 


1  mkr  iIk-  IK  1*  IH  T  K  Sniic lures  and  I  hnaniics  hmel  (  I  S 

2  |V  aluLilion  ol  I  r.iilnie  Mechiintcs  MikIcIs  tor 
Vppliciilioii  in  a  I hitn.tiic  itdei.nice  VssesMneiiU  Ihe 

I  lilted  Sliiles  Vir  I  i»iee acreed  tt>  siipplx  crack  ^rowihelala 
and  ihc  results  ol  eoiH.ini  aniplilndc  and  s|x.-clruin  luiJiiii: 
Icsis  it»r  Ihc  hrsi  p|i.isc.  wiih  addiliinial  resulls  lor  relaled 
s|H-elra  heiii!*  relairu'd  ior  Ihc-  sectnul  phase  l'ar'ici|i;inls  in 
Ihe  nieinher  coniiirics  were  rei|nested  lo  pnw  ide  Ihe  resulls 
irenn  Ihc  iirsi  phiise  prediclioiis  prior  lo  proceedini;  lo  ihc 
sceoiid  phase  Hns  re|>or1  dcl.ids  Ihe  ( '.in.uliiiii  resnhe  lor 
Ilk-  lirsi  piKisc 

2.2  Supplied  Data 

t  he  iiuiieri.il  d.il.i  siip|>lied  Ittr  tins  prouriini  xvas  in  the  lt>rni 
ol  dii  dll  versus  della  K  ti  lia  i>ri>!iiialini;  Iroin  lesls  ai  stress 
ratios  (k  X allies)  e*l  Its.  o  I,  1*  I ,  .in«l  o  Im  ““iTs  1  r.sl 
iiliiiniinnn  Ihe  lesls  were  conducled  tm  l>nh  c(>inp.Kl 
Iciisi.tii  and  eeiiiri  ci.iekctl  knsM>n  spcviineiis  l>ti  |>osiii\c 
values  ol  k  .iiul  on  <.enlrc-  cr.kkc-d  U-iisnm  s|ve  miens  t«ii 
MecMlixe  X  allies  ot  k  I  he  ii.tl.i  vx.is  sii^vplietl  on  ,ni  I  MM 
coinpalihle  ni*ppx  disk  Vise*  supplieil  were  two  x.iri.ihle 
aiiiphiiitii-  s|Viir.i.  ce>rris|H»ndiue  lo  stress  s|K(.ir.)  h>r  a 
ixpical  hcliier  .iiul  a  ixpual  liims|ie'rl  aircrali  lower  wino 
skill  loadings 

2.3  Predictions  Required 

I  hree  elistmcl  senes  e*|  prediclions  were  rci|tiired.  vxiih 
stress  ami  ^i-enneirx  x.maliems  wilinn  eaih  senes  senes  I 
prediclioiis  were  hu  ctmsiani  .nnplilnile  le>iielin^  ol  .)  p.mel 
will)  a  lliroiudi  cr.ick  .il  .i  hole  1  he  niilial  e  raiA  dimension 
the  lhron}!h  stress  ttn  ihe  panel  .lUel  the  stress  riilio  v.med. 
wiili  1 1  lesi  venihcnralienis  in  ioi.il  1  or  this  senes  ihc- 
predieled  lilciind  Hx-  ctikk  lenc’lh  al  lailiire  were  rct|nc-sied 

I  he  scccnid  senes  «*l  pieduiions  were  hn  lonsi.ml 
.inipliliidc  loiklin*:  o|  a  txniel  wiih  .i  comer  ci.ick  iii  .i  hole 
Mr-  inilial  cr.ick  dimciisn>ns  iIr  llnon>!h  stress  and  Hit 
siress  lalio  xarieil.  with  i‘mticiir.ilions  m  lol.il  I  i»i  ilio 
scries  Ihc  preduied  lilc  ihe  cr.K  k  lcn;;lh  .)l  l.nlnre  Ihe 
cr.ick  .is|tccl  i.itio  .11  three  cr.kk  '•i/es  and  Ihi-  crack  tc-ni:lh 
ami  nnniixr  ol  c  xc ies  lo  iransiiion  i  when  the  c rac k  lip 
.ihnii.*  the  Une  *»!  ihe  lit»lc  u-.ic  lies  the  hac  k  sint.iic  ot  the 
pl.ile)  xccre  itt|mred 

I  Ik  iIiiuI  senes  <>l  picdunons  were  toi  Hr  same  L‘e>'nRtiN 
as  Ihe  second  senes,  hiil  nmlvi  xanahtc-  .niiptiliide  lo.utine 
I  wt*  iiorniali/ed  sjxclr.i  xcc-n  supplied,  deiioteil  "hL’liIer  " 

.iml  "IraiisiMtji"  s|vctra  I  he  sfX-clia  were  also  supplied  m 
coiinietl  veisions  .illhtuich  tew  del.titswcR  eiveiioiiihi- 
coimliiie  nielhtMl  oiliei  lliari  il  was  .1 1  oinhiiialion  o) 
raiiilittw  .iml  laii^c  p.in  conntine  I  01  Hiis  seiics. 
nrctliclioiis  Were  letpic '.1e«i  lot  limes  to  tailiiie  .iiul  ltnoiii:h 
the  lliM.kiiess  |X'iRlr.itton.  the  cnn.k  sh.i|<e  .ispca  I  i.ilio  .il 
Ihic  kik'ss  |H-|K  liali>«ii  and  Hit-  t  nlii  at  t  rat  k  si/e  al  laihirt- 
I  liiec  predictions  were  lettniud  toi  llie  tiehlei  s|x-clrnin  and 
live  l«ti  llie  ir.iiis|toii  sivchnni 
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3.  CRACK  GROWTH  PROGRAM 

3.1  Program 

Hk:  prot’nim  used  lor  IIk:  predictions  wiis  ;i  pro|>r)ct;)r> 
program  supplied  with  ;i  usei\  ni;iim;il  hul  little 
diHJiinv.'ntiitioi)  ol  the  pro^nim 

3.2  Crack  Growth  Model 

I  lie  cTuek  ^Towth  model  used  in  tlie  pro^rmii  is  Kised  on  the 
eontnet  stress  m<Kkl  ol  Dill  ;ind  S.ill  t.S/O  I  his  is  kised  on 
the  evnIiLition  ol  the  stress  intensit)  cvinsed  h\  crack 
surliKc  contact  and  assumes  that  crack  pro|)ii^*alioii  is 
ilnven  h\  an  eHeciivc  stress  intensitv  raii^e  \n  aiiaKsis 
ol' crack  surl^ice  displacements durnii!  luidiii^  and 
unloading  is  used  to  determine  Ihe  permanent  plastic 
dclornuilion  lell  in  the  wake  ol  a  urowini!  crack  and  iIk 
eoniact  stresses  caused  b\  Ihe  inlerlereiice  ol  these 
delorniatioiis  are  calculated  I  he  elleclive  stress  niieiisilN 
ran^e  is  llieii  loiind  h>  snhtractin^!  iIk  stress  inteiisilN 
caused  b\  the  contact  stresses  Iroin  the  applied  stress 
inlensilc  range  (5)  I  he  niiKlel  can  account  lor  retardation 
lollouiiig  one  or  multiple  overloads  and  accelcratKin 
lollowing  underhMcIs  ir*) 

3.3  Parameter  <i 

Mthoiic'h  It  was  origni.illv  used  to  account  lor  tire  stale  ol 
stress  (plane  stress  or  plane  strain  or  soniewlieie  Iv.tueeiit, 
Ihe  parameter  u  used  in  the  ni«Hlel  is  dcscriKd  in  the  user's 
manual  as  'a  |varanielcr  used  to  dctctmine  the  anumnl  o| 
craek  retardation'  and  is  used  in  pr.ictice  to  tune  Ihe  mmlel 
I  he  value  ol  ((  lies  belween  I  and  *  I .  with  a  v  aliie  ol  o 
ueiieTaliv  used  iniliallv 

3.4  Material  Property  Data 

ihe  piograiiiwas  supplied  with  nialenal  data  hies  |oi 
sc'V  eral  vlillerent  materials  but  also  allows  ihe  user  to  mpnl 
.ulililtonal  lualcnal  pro|x:rl\  tiata  liles  Miice  material 
pio|>erlv  data  had  ken  supplied  with  ihe  test  dat.i  aiul  iiipiil 
ol  nialenal  data  olun  leads  to  prohknis  o|  predietroii 
.iccuiacv,  il  was  dcci<ie<l  to  use  the  supplied  vl.it.i  in  this 
cAcriise 

I  he  piogiaiii  lecjiiired  ci.ick  gnwvtli  d.il.i  al  a  stiess  laiiudl 
/CTO  and  the  lollownig  material  pio|Kilics 
MikIiiIiis  lit  I  i.isiic  'V 
I’oissnii's  kalio 
(  vclic  l'io|)iiitioii,il  I  mill 
(  \ellch2''  (MIscI  ^  K'ld  Miess 
Moiioloitle  (I  2‘>  ‘  Mlscl  >  lekl  >trcss 
'  hull. lie  stic'iielli 
I  lliinate  Mr.Mii 

<'rilieal  ''Irc'-s  liiteasiiv  huloi 

.3.5  t'rogram  Ireatment  of  the  da/dn  I- He 
i  or  eoiisl.ml  .nnphliidc  loading,  tile  ellceloe  niiiiitiinni 
stress  mleiisilv  is  prinianlv  a  liiiielion  nl  stress  ratio.  K 
and  llic  p.'iMiiie1c'r  < i  i  he  miiimiitin  cl lecliv  e  stiess 
inleiisiiv.  ^.||  .  at  a  jioMliVi  v.ihie  ol  K  is  caknlated 

as 

Nninell  ^iiia\  ■''‘r  ' '''«r  '^Ir 

wheie  IS  a  liniclioii  ol  K.  \|j.  is  a  hiiiclioii  o|  the  latiool 
cuiic  to  iiioiiotdiiic  Meld  Stress.  is  ,i  IniKlioii  ol  •«  and 
IS  the  stress  intensitv  kiscd  on  the  peak  hud  It  f<  is 


negative  the  lorniula  IvecofiKs 

(K  0) 

wIkk 

cllkr  •■'iiias  *  ^  ''‘Ir 

al  a  valiK*  ol  k  It.  and  \  aiul  M  art  eonstanls 

I  lie  |>roi*niiii  calculates  an  cipnvaleiil  iki  dn  vs  AK^.||  table 
Irom  the  input  lij  dii  vs  AK  at  k  (t  h\  adjuslnig  Ihc  ckila 
iisiiiL*  Hk*  l;ic1or  ellki  I  lie  tUila  is  also  iKl|uslcd  hv  K^..  Ihc 
cniical  stress  inUnsiU  and  Ihc  loganlhm  ol  Ihc  iLita  is 
taken  to  allow  linear  ink-r|)oianon  bclwccn  d.ila  |H>inls 
rile  corrcs|)ttntlmg  c*(pi.ilions  have  Ihe  tonii 

'''Sil.iil.it  ,\K)K^.  I 

and 

loi;  (  Vk  '■  (  I  ellkrn 

3.6  Stress  Iniekisily  Solutions 

Stress  inieiisilv  stdiilioiis  Inr  common  L'cindries  .irc  hmll 
into  Ihe  pro^uam  ami  Ihesc  were  the  sliess  iiilensilv 
so|niittiis  lisitl  III  ihis  invi siigalioii 

.3.7  S|>eclrutii  Input 

1  •cmIs  are  iiipiil  U>  Ihe  prograni  as  a  series  ol  normali/ed 
iiu\im.i .iiul  inimina and  nnmivi  ol  cveies  ol  ih.ii  partienlar 
pair  ol  ItcHl  levels  1  he  user's  in.inii.il  iiidie.iies  liial  all 
vanal'lc  ampliliule  sjKctr.i  shnnUl  k  o'linled  lo  ehiiim.ilc 
om*  elleMive  large  c  \c  le  kmi*  i  onshlered  .is  -i  s^  ries  ii| 
small  culcs  II  alsd  rccvninnciids  blocking  Ihe  s|H.clMnn  to 
leiliice  c«Mnpnlali«>n  lime 

4.  PRPDK  TIONS  K)R  I  IIROl  (ill  (  R  \(  kS 
«  ONSTANT  \MPI  in  1)1-1 

4.1  Selection  of  Material  Properly  Data 

4.1.1  <  hai.Klcn/.iiion  i>i  Snpplieil  D.il.) 

I  he  slipplivd  d.lt.>  iOlisisivd  Ot  il.i  dll  vs  .Ms  d<tl.>  Ini  U  v| 
s|ic\.micns  at  vaiioiis  values  ot  |<  I  lu  si  d.tl.i  vvuc 
gcncralevl  b\  iK-  Wnght  1  aboi.itorv  nsiiiy  unlu  iiasktd 
tension  .iiul  compact  tt  tision  test  siKuimii'  m.ichimd 
lrom~<rs  I r.si  .ilnniimiin  Ihe  d.>ia  were  plxiud  .iiid 
ksi  III' cnives  vveic  nMiMcillv  di.iwn  lo  hi  Hic  d.tl.i 
pnsitic  mg  llnec  d'oes  <>nc  c.ic  h  loi  K  os  k  (>l..ind 
k  ns  Since  the  d.il.i  (of  k  '  I  c  oiimsu  d  >  >1  ■  mlv  i  wn 
tests,  U«lh  .It  low  NK  i.iMges  tins  dal.i  il  was  nut  ulili/cd  al 
tins  stage  I  he  ongmal  clat.i  .ind  rc  sulhivj  c  mv  es  aic 
ithislialcd  III  I  ignres  I  Ihtongti  ^ 

4.1.2  <  oiivetsidii  n|  < 'i.Kk  Miowih  Data 

■  Hie  ie«|inrcnKnl  loi  the  mateii.il  data  tile  lecpnred  as  mpnl 
In  the  piogiam  is  tabular  d.i  dn  vc  rsus  \K  d.il.i  to|  a  siress 
i.iho  ol  k  tt  I  Ills  itiii  Ih  ohi.utied  tiom  ilie  supplied  d.i  dn 
Versus  \K  ckil.i . I*  non /eio  V  allies  ol  |<  l|iroiii;h 
mainpitlahoii  ol  ihe  opiahons  piesciiled  in  sriiion  i  s 
I  he  *ksl  III*  lines  to  ihe  supplied  data  weic  conveiled  to 
k  tidal. I  using  Ihese  ccpialions  lor  value  s  ol  n  ol  I  II  and 
•  I  resjH'ilivelv  \'kst  lit*  K  n  c  nrv  e  w. is  di.iw  n  through 


•  • 
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ciich  set  olckil:!  iiKiiiiuill)  VviiliKol  I  hus  :issiinicd  lor  Ihc 
fiilio  <>l  cvclic  0  2'7  ollsct  Vicid  stress  ni))n>>li>nie  {)2'7 
oHsel  vield  stress  since  this  \ulue  hus  not  supplied  and  it 
luid  lillle  elleel  on  llie  |)osi|]on  ol  the  eur>es 

Sime  there  Has  little  ditlerenee  in  the  spread  ol  IIk'  liila  at 
dillerenl  K  ratios  lor  the  dillerenl  values  ol  >1.  the  'hesi  til' 
line  at  ti  -().  as  shown  in  I  luure  4.  was  used  in  subsequent 
aiiaivses 

4.1.3  ('onipaiison  ol  Inpiil  Dsita  with  Kaw  Data 

In  order  l>>  see  how  well  I  his  K  ()  curve  lilted  I  he  raw  iLita.  it 
was  transhirnied  hiick  to  via  dn  vs  AK  and  plolled  over  IIk' 
raw  diila  at  K  n  5.  i>  I  aikl  0  5  as  shown  in  1  ignres  5  to  7 
I  he  program  villa  lor  I  73  and  I  “"ii  plale  and  I  siKti 
are  alsi>  shown  lor  eoniparwui 

( >rie  additional  data  |X>nit  was  added  to  the  curve  al  the 
lii_i!he;  ^rowlli  rates  K-eause  the  pro^*rani  loi*  liiiearK 
e\lia|>» dales  hij:her  growth  rales  Iroin  Ihe  Iasi  ivvo  |>>inls 
I  hese  po.als  were  ni.ule  lo  give  a  similar  slojx;  lo  Ihe 
program  dala  lor  Ihe  oilier  "n"3  aliiinmnms  I  he  seletled 
siirve  Ills  the  data  al  K  ')  I  quite  well  hiil  overestimates  the 
growth  rales  at  high  AK  al  K  d  3  and  inuleresliniuies  Ihe 
s;inie  range  al  K  <>  5  It  ap|)ears  that  Ihe  threshold  lor  Ihe 
negative  K  values  is  also  overesinnaled  Ihe  thresholds  lor 
Ihe  three  7073  hies  supplied  vvilh  Ihe  program  are  all 
similar  and  show  heller  agreenieiil  wiih  the  negative  K  vlila 
I  he  I  ^  and  I  '’h  sheet  dala  alsvt  show  IveUer  agreement 
vvilh  Ihe  dala  al  Ihe  higher  growth  rales 

\  coiii|Mrisoii  ol  the  huir  vrack  growth  curves  at  K  ti  is 
shown  in  I  ignre  K  I  he  Ik-sI  in  hiu-  hdlows  the  Pr.  phne 
villa  at  the  higher  growth  rates  and  the  I  "3  data  al 
mieiinediale  lales  aiul  shows  a  hothcr  Ihreshohi  I  he 
program  vlila  lor  the  “’tr.'s  I  "u  data  sets  also  lend  toward 
the  critical  stress  mteiisitv  ai  a  grvwvih  rale  o|  id  -  niches 
IKT  cvcle  I  he  kst  In  hue.  however,  has  a  AK  "t  oiilv 
ak'iit  4d  ksi  MM  al  a  gnwvlh  rate  o|  |d  -  iikIics  |Kr  c  vc  k 
coni|iared  lo  a  critical  v  aliie  "|  3t  n  ksi  mm 

4.1.4  \cldilntnal  Material  l'r<»peru  Data 

I  he  program  inaleri.il  tiles  alsv*  cotiiam  eic’hl  nialenai 
properties  describing  other  pin  steal  prope  rtu  s  ol  the 
Wileii  d  .1^  vle<iMwl  v«  M  1 W  v  d've* 

vd  eliisiiMiv  .iiul  roissvvM's  raiio  were  assimievi  to  be  the 
same  as  lor  Ihe  cMsliiig  prv'urani  iiialen.d  vtala  hies  \or 
““trs  alumimini.  while  Ihe  numvdvniie  d  2'J  vdlsel  \ield 
sireiiglli  and  the  cinic.il  stress  iiileiisiiv  were  taken  as  the 
values  supplied  with  Ihe  I  l<  Tdal.i  Ihecvchc 
pro|vor1n'nal  limit  and  the  iillmiale  sirciiL’Ili  .iiul  sirarn  are 
not  used  in  Ihe  aiiaivsis  lor  the  parluiilar  trcomelrv  ami 
o»iiditions  iisevi  lor  these  |vre«lic lions  ami  iiommal  value-'- 
were  Iherelore  used  <  'i>nllietmg  d.ila  was  liiiind  on  (he  rate* 
»d  cvclie  h'  rnonoioriie  vieM  siress  ihe  ratio  was  iherelore 
assnmevi  lo  be  I  I  he  iii.iler?al  pro(KTl\  values  were  thus 


M.hIiiIns  *>|  1  l.lslKlIV 

HKMKI  ksi 

I'oisson's  Kain* 

(1  u  e 

( ■\elit-  rro|vortional  1  iniil 

(>d  ksi 

(  \elic  d  2''f  1  Mtsel  Vietd  Stress 

7d  ksi 

\l**nol*vnie' d  2'’^  i  Mlsel  >  icM  Stress 

^d  ksi 

1  llmiale  Streiiglli 

KK  ksi 

1  llimale  Siraiii 

d  (12 

1  ‘ritieal  Stress  liileiisiU  1  ael»'i 

3|  ksi  Mil 

4.2  Spectrum  Preparation 

rile  prevgniin  considers  the  stress  inleiisitN  lo  he  eonslaiil 
diirnig  uppliculion  4>l  a  block,  bused  on  Ihc  geoiiKlrv  ul  the* 
sliin  id  Ilk-  block  It  IS  llk-retorc  im|vonanl  Ihul  Ihc  hlckk 
length  not  be  ver\  long  I  he  s|H.-clrimi  was  ilkrelore  iri|vul 
as :t  Mocked  Idcvclcs  with  a  iiuiMiimniol  I  anda 
niininmni  ee|ual  to  the  K  value  lor  ihe  recfuireel  predielion 
Since  Ihe  prevgraiii  onipnts  hours  rather  lhan  mimlx.T  ol 
cvcies.  ,1  Nock  was  deliik-d  as  I  Ikmu  I  hc  imniher  ol  c vcles 
could  llk-ii  he  oblatned  In  iirulliplviiig  i!k-  Innirs  hv  Id 

4. '  Results 

Ihc  nimiberol  cvcies  to  lailiire  and  ihe  tmul  crack  lengllis 
prcdicteel  using  Ihe  nialen.il  elila  input  ol  I  ignre  K  and  a 
value  ol  o  «vl  dare  shown  in  I  igiires  d  and  Id  as  three 
diniensn>ruil  pl«)ts  o|  the  ratios  it|  predicled  to  tesi  livi-s  and 
cnick  lengths  rcspcclivelv.  vsIhIc  I  ignres  I  I  .nid  12  show 
simdar  results  Tor  valiKs  «d  It  <d  I  .md  I  res|Kilivclv 

( 'oiiiparisoii  ol  I  Ignres  d.  It  and  12  shv>ws  lliat  iisiiiga 
value  vd  u  ol  d  prvxluees  slighllv  rm>rt  ev*nsrsienl  resnlls 
«ncr  Ihe  range-  ol  K  and  stress  level  and  I  iguie  Id  sIhwvs 
lliat  there  is  govnl  correlation  with  linal  crack  length  l(*r  an 
u  4tl  d  llovve-ver.  it  is  ap|)iirciil  troin  I  ignre  d  ihal  the  lives 
<ire  miderc-sliimileel  as  ihe  K  ratio  is  rediued  and  the  siress 
level  IS  increasc-d  I  his  implies  dial  the  crack  gremih  eiirve 
is  overc-siimaliDg  Ihc  growth  rales  ,n  ihe  higher  values  ol 
AK  aikl  al  tlk*  lower  v  alues  ol  K  I  he  l  nrv  e  thereletre  needs 
to  Ik.-  sliillcd  al  liiglier  v.ilnes  ol  AK  it'ward  ilk-  eiirv  es  htr 
Ihc  sIr-cI  material  supplied  with  Ihe  pro^rani 

|i*  inve-sligate  the  smsilivitv  it>  Ihe  growtli  r.ile  siirve. 
pre-elietnms  were  obt.imeel  lor  '.lie  Ihrec  "d's  m.ileiiat  dala 
lile-s  in  the  program  Ihc  Imat  iraek  length  )>re-dietions 
were  a  liiiklioii  primaniv  oi  the  cnlie-d  siress  inteiisdv 
assumed,  hemg  iimcli  hwve-r  lor  ihe  I  pl.ile-  wlmh  has  a 
mikli  lowei  -  ritieal  sIk-ss  inivM'*ii\  llns  ts  'Irnwn  m 
I  Ignre  I  <  which  shows  iIk-  rain'  ol  pre-vhclevi  lo  nicMsiirevI 
ImmI  crack  Iciigllis  as  a  limelion  ol  v  rilieal  sirv  ss  mU’n^||^ 
In  kIih-'  •*!  iiK  pivdKot'M.InMh  div.  ^  .md  1  dteci  iVii.i 
which  slum  siinil.ir  srmwih  r.iits,  p.jnuiil.ir)\  .ii  Incdier 
values**!  AK,  g.tve  v*.rv  g«H.ti  pinhedons.  while  llie  !  “d 
plait  «lala,  whit  h  gave  a  similai  *  urve  !■»  the  ilerivt.l  I  ds| 

olxaiiicil  with  the  supplied  material  *lai.i  .imi  gcncrallv  |>tHir 
.igrc-emeiil  with  le-si 

I  Ik-  deiivcel  maleiial  eiirvv  lor  the  loSj  male  ii.il  was 
ilKrelorc  .h1|iisIc*I  s**  ihai  ii  lollovw  *1  ihe  I  shed  *lii.i  .tl 
liigher  v.ihk-s  *»|  \K  .i>  s||.»vvn  m  1  lijiire  I  4  ami  Ihe 
pre*lieli**iis  were  re  |kale-*l  l‘>r  .tii  *  t  *>l  d  |  In.  revnllv  are 
shown  III  I  Ignre-  I  >  lor  hie-  ami  I  lunii  Id  lor  erai  k  U  iielh 
\L*rec-iikiil  IS  cAeclle-nl  ovci  llie  vvliok  r.iiini  o|  K  .md 
siress.  Willi  a  mean  preduiion  rain*  >*1  I  nS  and  a  slaiulard 
dev  laltoii  *>l  d  |4 

5.  PRFDK'TIONS  FOR  SI  RFA(  F  <  RA(  kS 
(('ONSTANT  AMPl.in  DFl 

5.1  Inpul  Dala 

I  tic  modilie-d  maleri.il  vlal.i  lor  ihe  I  dsl  m.ilen.d  shown  m 
I  Ignre  14  was  used  as  die  m.ilcri.il  n)|Mi1  ami  the  spvLiriiin 
was  riipiit  as  m  Se*elioii  4  2  I  he  {•atameler  <t  was  \ci  |o  <i 

I  he  program  oplntii  |oi  .in  edge-  >.iae  k  at  die  cdL’e  **1  a  lude- 


«; 
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w;is  Used  hut  It  shiiiilJ  he  iKticJ  lhal  ihe  pro^^ram  aiKl  TK  P 
nomcrKlulurc  lor  ihc  Iho  crack  Jircclioas  (through  ihc 
thickness  and  across  the  plate)  are  reversed  I  he  riCI^ 
nonKnclalure  is  used  in  this  reixirt 

5.2  Results 

The  rcsnils  lor  the  second  series  ol  predictions  ^>axe  ii  mean 
preilicled  hie  lo  lesi  hie  ol  I)  u  ilh  a  slamkird  iKa  lation 
ol  i)2()  The  results  lor  total  hie.  hic  lo  ixrietration.  Iinal 
crack  leii^’lh  aiul  crack  sliapc  at  \anous  crixk  lcnl!tl^  are 
shtmn  111  I  ijrures  |7io2l)  I  ijriires  iTand  IH  show  iluit 
the  total  loes  .ind  li>cs  lo  |K'uelralion  lollow  a  \er\ 
siniihir  palleni.  with  less  acenrale  predictions  at  a  stress 
ratio  ol  0  5  and  ^*enerall\  lower  prediction  ratios  lor  the 
ln)!lier  si. css  levels  I'lie  niean  prediction  ratios  are  higher 
lor  Ihc  hie  lo  |x-iieiralioii  than  lor  ihe  total  lilc 

I  he  linal  crack  lenirths  are  predicted  c|iiile  well  as  shown  in 
I  pjiire  l*>.  although  llie\  are  >>11^1111)  ovcrestiiiuited  I  lx 
cr.ick  as|x*cl  ratios  are  also  quite  reasoiiahlc,  altluniiili 
alwa>s  iiiuleresiinialin^  llie  test  rcsiiH  lliesc-  resiiHs  show 
no  e>  ideiice  i>r  aii>  s\sleiiialic  varialioii 

6.  PREDICTIONS  INDER  VARI.4BLE 
.VMPLITI  DE  LOADING 

<i.l  Input  Data 

I  he  modilted  malerial  daia  lor  the  I  'ol  malerial  shown  m 
I  luiire  14  was  acMin  used  lor  Ihc  malerial  iiijnil.  Ilie 
jwjinieler  »t  was  set  lo  0  and  ihc  proorani  opiioii  joi  an  cd.i»e 
crack  ai  ihc  cdc’c  ot  a  ln»lc  was  used  I  lie  s[vclra.  .»s 
pnwided  were  Ins]  checked  lo  eliimnale  .iii>  non  Uiimiie 
l>oinis  (ilieic  were  several  in  Ihe  lrans|mri  s|K'ciruini  and 
Ihen  inpiil  as  simple  pairs  inaMin.i  and  ininiina  as  ihev 
Kciirred  I  he  innnher  o|  rc|xals  ol  eacii  c\cle  was  set  at  I 
unless  c onset  nfiv  e  cvcies  ol  ilie  same  levels  occ  iirretl  I  he 
ri  ( '!'  (  oiinled  s|>et  Ira  were  inpiil  in  a  similar  inaintei 
alllioueh  llicre  were  no  luni  liiniini:  |s«iiik  in  iliese  s|x-ctra 

\ii  a<ltliiioiial  s|x'ctinni  was  eeiieraled  Irotn  hoih  liie  hi^lner 
and  li.ms|Kirt  s|X'clinni  nsnie  a  laiii'c  pan  coniiiiin: 
lechiiit|iic'  hnl  relaiiiiiiv:  Ihe  ortlei  ol  ihe  oiieiii.il  (x.iks  as 
dcsciilx-d  hv  f  hane  (")  I  hese  s|xclra  are  relerrcsl  loas  Ihe 
I  \K  coniiletl  s|<eclit> 

<t.l  Results 

I  i‘‘inc's  21  lo  2<  show  Ihe  preiliclctl  lo  (esied  (oi.il  loes 
iisin>:  Hie  inicoimled  i'l  ( 'I'  coiinled  ami  I  \l<  coiinled  s|X'clra 
respcciiveiN  \ll  lliree  show  similar  ireiuK.  wiili  shjjhtl) 
liielier  j>redK(ioii  laliosal  ihc  lower  stress  levels.  .illht»ii‘:h 
Ihe  1  \K  coiinic'd  liansporl  spetirinn  jjives  lower  jneduHons 
lil.iii  III*'  < tillers  I  In  inu  tiMiiletl  speetra  inv  e  a  similar  mean 
pic'duli<<ii  ratio  H*  'Hi  lo  llic  I  I  '  I'  ctMinlctl  sjxclr.i  (H'Mi 
willi  Ihe  lovvesi  sl.nitl.iul  devialion  'M  tOi 

I  iL'inc  24  shows  ihal  Hie  liiial  crack  leiii'His  aic 
ov t'lcslniialetl  hv  an  .iver.iee  ol  approMinalelv  even 

llioiiL'Ii  Hu  liiial  cl. II  k  lcni:His  lor  sinnlai  coiistaiil 
.impliliide  Ic'sis  weie  sMitiui  ””  <’  on  avei.iue  I  i^iirc  2'^ 
sIiown  Hie  lalio  o|  jtrediclcd  lo  lesl  lilc  lo  |VMc'lralion  I  lie 
loiin  ot  llx  lesnlls  is  Miinl.n  |o  Ihose  toi  Hie  lni.il  cr.ick 
lc'!i!.'lh  hilt  Iheie  is  iinich  moic  vari.ilion  I  he  i.ilio  oi 
piedii ted  lo  lest  c rat  k  as|tc'cl  ratios  are  stiow ii  in  |  |tinrc  2<< 

I  he  c  i.ick  .ispecl  l.illo  IS  •.'c  iiei.ill)  liluicr  pretliclctl  .is  |ol  Hie 
senes  2  toiist.nil  .inipliliKk  Icsis 


7.  DISCUSSION 

Hie  initij]  etmMaiil  amplitude  prediclittiis  lor  llirttu|!h 
cracks  iii  the  ''(r5  1^.51  aluminum  plates  usin^'  thc 
siipplicd  data  were  c(uile  |xior.  shtm  nr^*  a  lar|!c  tiepentieiKc 
tm  fxvth  stress  and  stress  ratio  lltmever.  hv  increasing*  the 
crack  }!rtmth  rales  at  higher  values  til  Ak  It*  ihttsc*  til  the 
I  ~'r>  sheet  data  supplied  wiih  lix  prtigrani.  it  was  |xtssible 
lo  iret  excellent  icsulis.  httih  in  terms  til  ittial  lile  and  hnul 
eniek  leii^tflh  using  a  value  ol  H  lor  Ihe  piiranx'lcr  o 

I  sing  itie  siinx  nialerial  ckila  aiitl  |iaraiix-ter  n.  ihe 
prcclietions  lor  the  conxr  cnxks  were  c|iiite  etMid  I  lowever. 
It  ap|X‘ars  that  the  crack  growili  in  Ihc  llrroiigh  IhickiKss 
direclittii  IS  itNt  Itiw  which  results  ni  a  Me  Iti  |X‘ncl ration 
which  IS  itMt  long  atKi  a  enuk  as|X'cl  ratio  which  is  Iimi 
siiuill  It  iim  he  iKcessarx  lo  use  tMlerciil  laligix  c  r.Kk 
grttwilr  curies  Ittr  the  ivvti directions  it>  improve  tlx 
predictions,  since  through  the  Hiickness  grtwvih  rales 
wtnild  he  c\p'..xled  lo  he  liiglier 

Ihe  linal  crixk  lengths  were  over  predicted  lor  tins  scries 
whereas  htr  the  through  cracks  ine  linal  enick  kiiglli  was 
verv  .Kciiralc  I  liis  is  prtdnihlv  nl.iletl  lo  cr.uk  sha|x. 
siikc  It  IS  uiilikeli  lhal  Ihe  cratk  Ironi  is  siraii!lil  in 
pnxliee  aller  sl.irliii«!  as  a  ctniiei  crack  alllioiiL'Ii  ihis  is 
wlial  the  pretlielioii  .issiiiiies  tnicc  Hie  crac  k  has  |x-iielialetl 
Ihe  lliickiiess 

I  he  pretliclioiis  lui  vanahli  .iinplilnde  loadim.'  o!  (ornei 
cr.icks  were  tle|x‘iitleiii  on  ihe  sjicxiriiin  lonnlmg  let  hiiit|iie 
hill  showed  similar  ireiitK  I  liere  w,is  less  dillereiice  Hi.in 
iiiiehl  lx‘ e\|xclctl  hovcevei.  cs|ieci.iii>  klweeii  Hie 
uiicoiinleti  .ititl  n< ‘l‘c*Minlctl  sjx‘cU.1  I  his  is  prohal'K  dix 
lo  the  iialnie  ol  Hx  speelni  which  li.ne  tleailv  ken  liilered 
signilicailH)  Ihe  iiglilei  specliiim  in  p.irlit iii.n  is  vei\ 
clean'  having  t>nl\  three  ihllereiil  Irtnii  levels  I  li;s 
cApl.inis  ilie  siiinlaiHx  kiween  piediclioiis  tm  ilu  hcliUi 
s|x*clnim  iiMiii:  al*  lliiee  thllereiil  conniiiii:  meltimls 

f  he  pieilitlions  |oi  the  micounleii  spei  ir.i  .nut  a  v.iiiie  o| 
ol  n  slittwetl  good  Ilie  pretliclions  and  Hie  leasi  sc.itlei  .niti 
tills  ctmplctl  wiHi  Ilie  siinphcilv .  make  il  liie  preleiretl 
lechiiit|iie  lorlhesc  p.miciilar  s|xclr.i  I  or  s|xcir;i  wiili  .i 
Mgiulicani  niiiukr  ol  evdes  whicii  consist  ol  .i 
ct>iiihiii.itit>n  ol  siiuller  tveies.  a  comiiitig  lechmi|iie  iii.iv 
k  iet|ni:c<l 

I  he  lorm  ot  Hx  resiills  t.u  tk  mit  oiinled  s|h  cira  .tie  siinilai 
lo  llittse  |ol  Hie  toitsl.inl  .impIllllde  piedic  I  ions  liolll  cv'lllel 
c  racks  I  he  cr.uk  as|xcl  ratios  .ire  iiiitlei  piedicletl  and  Ihe 
prethsletl  Ilie  lt>  jxiidr.ilum  is  loo  sm.ill  llowc'>cr.  Hit 
dilleieike  is  nnicli  greater  ihan  toi  Hie  loiisi.uil  .iiiipliliide 
pteilitlioMs  with  the  preilulcd  lilt'  li>  |*c'helr.tlio!i  1x111^  ^ 
limes  loo  long  ii;  one  case  I  hm  m.i\  well  lx  rel.iletl  lo  Ihe 
iiileracIltMi  t>l  Hit  plaslu  /«mc  .iiul  Ihe  edge  ot  Hie  ['laic  in 
.it  kilt  ;t  >11  Itt  Hiv  till  I.  It  III  Clou  III  lak  s  III  Hit  I  Wo  tint  t  Hons 

I  he  pietlicletl  liii.il  t  i.h  k  lenglh'  show  ihe  same  lieiul  as  toi 
ihc  ct)iisiant  .impliliitlt  piedulions  Ironi  comet  ci.uks 
.illiittiigli  .igaiii  Hit  ttisi  Ii  p.uic  \  isl.iigti  1  Ills  IS  piot).il)|\ 
Ixt  .iiisc  lilt  It  IS  likt  lv  I.  >  hi  Ml. Hi-  i  i.K  k  .is\nintcliv 
glowing  a  lliioiigh  ci.uk  Horn  .t  comei  .  i.ti  k  in  v  .ni.ihh 
.iiiiplilndc  l«>.iihiig 


8.  rONCl.tSIONS 

\  iom|)aris(tii  <»l  conslaiil  iimpliliKk-  tnak  unmih 
prcdiclh'iis  lor  Ihrougli  cnkk^  iii  "<>">  Uol  jlnmniiim 
kidi  U-M  rcsult^.  iiiitiullN  sl)«>ucd  «i  lar^c  ik-|X-iKiciKi.'  on 
holh  stress  und  stress  ratio  However,  cuelkiil 
predictions  lor  Nith  lilc  and  final  crack  length  could  he 
itNaiiK-d  li  th';  sup|>l led  c hk k  gnmih  data  Mas  inodilied  to 
iiKrease  the  growili  rales  at  liiglurr  values  ol  AK  I  hese 
resulls  used  a  alue  ol  I)  lor  the  paranKter  u 

t  sing  the  s;inie  luraiiielers  for  Loiislaiil  atiipliliitJc  criKk 
growth  predictions  Ironi  eoriK-r  cracks  siHwved  g«vod 
ettrrelatioii  with  lest,  alllntiigh  tiK-  growth  in  the  through 
thickness  direction  was  under  predicted  slighiK  and  IIk- 
litial  crack  lengths  were  over  predicted  I  Ins  was  allribuied 
to  dilterenl  nuilerial  growth  rales  in  the  two  directions  ami 
crack  as\mmelr> 

IVdiclicms  Ironi  comer  cracks  under  two  variable  ampittuck' 
i''  Kliiig  s|X'clra  shoeved  iiiiilai  ireiuls  to  Ihosc  tor  consl.iril 
amplitude  loading  hnl  the  errors  were  larger  However,  all 
the  lile  predicticni  ralic's  using  unccninted  s|K'ctra  vvere 
within  tiK-  range  Ironi  05'^  lo  I  while  IIk-  limil  crack 
length  prediction  ratic's  were  wnhin  Hr-  range  Ironi  I  tiK  to 
I  41 

I  mure  bond  predictions  lor  this  matenai  on  similar  s|K'4lra 
will  be  made  ‘**‘ing  the  mcKhlied  inalenal  clila  tile,  a  valvR  ol 
a  ot  (I  and  niieoaiiled  s|X-ctr<i  I’redictions  would  tx- 
evpected  lc<  he  within  a  tactc»r  ot  two  ol  lest  results  It  the 
inalenal  is  changed  or  the  s|K-c(ra  arc  siginticantlv 
ditterenl.  lurther  valuLitioii  would  hc'  rec|iiired 

Detailed  knowledge  <'l  the  program  is  not  rec|iured  to  make 
reasomible  prediclioiis.  but  the  user  inusi  uneJerstand  hewv  to 
projxrlv  input  the  data  (  omparisoii  with  exp(.‘riniental 
results  IS  a  simple  wu>  ol  ccnilimnng  this  iinderstaiiding 
and  veriUing  the  valiclitv  of  the  ckita 
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Figure  1:  da/dn  versus  AK  tor  R  =  -0.5  data 
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delta  K  (ksi  *  in^O-S) 

Figure  2:  da/dn  versus  &K  for  R  =  0.1  data 
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Figure  3:  da/dn  versus  &K  (or  R  =  0.5  data 
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Figure  4:  da/dn  versus  AK  at  R  =  0.  originating  from  data  as  marked,  lor 

n  =  0 
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Figure  S:  da/dn  versus  AK  for  R  =  -O.S  compared  with  data  curves 
derived  from  R  =  0  curves 
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delta  K  (ksi  *  in''0.5) 

Figure  6  da/dn  versus  AK  for  R  =  0.1  compared  with  data  curves  derived 
from  R  =  0  curves 
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Figure  6:  Comparison  of  crack  growth  curves  at  R  =  0 
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Figure  9:  Series  1  life  predictions  using  initial  lAR  material  description 

and  a  =  0 

mean  =  0  63,  standard  deviation  =  0  35 


•  • 


Figure  tO:  Series  1  crack  length  predictions  using  initial  lAR 

material  description  and  a  =  0  (Kc  =  51.6) 
mean  =  0  99.  standard  deviation  =0  12 
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Figure  11: 


Series  1  life  predictions  using  initial  iAR  material 
description  and  a  =  -1 

mean  =  0  97,  standard  deviation  =  0  50 


Figure  12:  Series  1  life  predictions  using  initial  IAR  material 

description  and  a  =  1 

mean  =  0  62,  standard  deviation  =  0  38 
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Figure  13:  Comparison  of  predicted/tested  critical  crack  lengths  for 

various  critical  stress  intensities  • 
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Figure  14:  Comparison  of  (Inal  da/dn  versus  AK  curve  lor  7075 

T651  at  R  =  0  with  program  data 
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Figure  IS:  Series  1  life  predictions  using  final  lAR  material 

description  and  u  =  0 

mean  =  1  05  standard  deviation  =  0  14 
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Figure  16:  Series  '  crack  length  predictions  using  final  lAR 

material  description  and  a  =  0 

mean  =  0  99  standard  deviation  =  0  12 
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Figure  17:  Serlee  2  life  predictions  using  finsi  lAR  material 

description  and  a  s  o 

mean  =  0  93.  standard  deviation  =  0  20 


Figure  18:  Series  2  predictions  lor  life  to  crack  penetration  of  plate 

using  final  lAR  material  description  and  n  =  0 

mean  =  1  05  standard  deviation  =  0  25 
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Figure  19:  Series  2  crack  length  predictions  using  final  lAR 

material  description  and  o  =  0 

mean  =  l  07.  standard  deviation  =  0  04 
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Figure  20:  Series  2  crack  aspect  ratio  predictions  using  final  iAR 

material  description  and  »  =  0 
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Figure  21:  Series  3  life  predictions  lor  uncounted  spectra  using 

finai  iAR  materiai  description  and  a  >  0 

mean  =  0  93.  standard  deviation  =  0.30 


Figure  22:  Series  3  iife  predictions  for  TTCP  counted  spectra  using 

final  IAR  material  description  and  a  =  0 

mean  =  0  94,  standard  deviation  =  0  31 
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Figure  23: 


Series  3  MIe  predictions  for  tAR  counted  spectra  using 
final  lAR  material  description  and  a  =  0 

mean  =  0  73,  standard  deviation  =  0  32 
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Figure  24:  Series  3  crack  length  predictions  lor  uncounted  spectra 

using  final  lAR  material  description  and  u  =  0 

mean  =  1  30,  standard  deviation  =0  16 
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Figure  25:  Series  3  predictions  for  life  to  crack  penetration  of  plate 

for  uncounted  spectra  using  final  lAR  material  description  and  <i  =  0 

mean  ^  l  56  standard  deviation  =  0  85 
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Figure  26  Series  3  predictions  of  crack  aspect  ratio  at  plate 

penetration  for  uncounted  spectra  using  final  tAR  material  description 

and  <1=0 

mean  =  0  83  standard  deviation  =  0  07 


THE  CRACK  SEVERITY  INDEX  OF  MONITORED  LOAD  SPECTRA 
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1.  SUMMARY 

To  assess  the  consequences  with  regard  to  fatigue 
and  damage  tolerance  of  changes  in  operational 
usage,  a  simple  means  to  quantify  the  relative 
severity  of  recorded  load  spectra  is  required. 

This  paper  describes  the  development  and  validation 
of  the  "Crack  Severity  Index"  CSI  as  a  means  to 
express  the  relative  damage  In  terms  of  a  "crack 
growth  potential"  of  stress  spectra.  The  CSI  is 
based  on  a  crack-closure  crack  growth  model  and 
takes  account  of  interaction  effects  by  considering 
the  shape  nf  the  spectrum. 

It  is  shown  that  the  CSI -concept  is  a  reasonably 
accurate  method  to  compare  the  relative  se'^erity  of 
manoeuvre  dominated  spectra  in  aluminium  alloy 
structure. 


2,  INTRODUCTION 

The  majority  of  current  fatigue  load  monitoring 
systems  for  military  aircraft  provide  for  the 
determination  of  service  load  spectra  in  one  or 
more  significant  structural  locatio?...,  usually 
indicated  as  "Control  Points".  These  load  spectra 
are  derived  either  from  direct  strain  measurements 
or  calculated  from  a  few  simultaneously  recorded 
flight  parameter  histories, ' 1 ) 

In  order  to  assess  the  consequences  of  observed 
changes  in  service  load  spectra,  a  means  to 
quantify  the  relative  "damage"  of  these  spectra  is 
needed  in  the  past  ,  the  usual  method  was  to 
calculate  the  c'lmulative  fatigue  damage  of  the 
spectrum,  on  the  basis  of  Miner's  rule,  assuming  a 
"representative"  and  an  appropriate  S-n  curve. 
Unfortunately,  the  outcome  of  these  calculations 
turned  out  to  depend  heavily  on  the  assumptions 
made  and  did  not  reflect  any  load  interaction 
effects 

The  General  Dynamics  Fl6  is  the  first  lino  Combat 
aircraft  tvpe  operated  bv  the  Royal  Ne^he^la^d.s  Air 
Force.  The  F16,  like  most  modern  fighter  aircraft 
has  been  designed  according  to  Damage  Tolerance 
Design  Criteria,  for  such  aircraft  the  tpossiblei 
amount  of  crack  growth  rather  than  fatigue  life 
consumption  defines  the  severity  of  a  load 
spectrum. 

The  NLR  has  developed  a  method  to  express  the 
severity  of  recorded  stress  spectra  in  terras  of 
’crack  growth  porential"  This  Crack  Severity  Index 
(CSI)  Is  used  to  assess  monitored  F16  Service 
stress  spectra  as  part  of  the  RNLAF  F16  Fatigtie 
Management.  Program 

This  paper  starts  with  a  description  of  the 
background  and  the  development  of  the  CSI-concept 
Results  of  a  large  number  of  crack  growth  te.sts 
under  widely  varying  load  spectra  were  used  to 
check  the  validity  of  the  concept  It  is  shown  that 
the  CSI  is  a  reasonably  accurate  measure  to  compare 
the  crack  growth  damage  of  manoeuvre  dominated 


spectra  in  aluminium  alloy  structure.  In  a  general 
discussion,  specific  aspects  of  the  CSI -concept  are 
reviewed.  It  is  shown  that  the  CSI  can  also  be 
usefully  applied  in  studies  to  influence  the 
fatigue  consumption  by  operational  measures 


3.  CSI-DEVELOPKENT 

Stress  spectrum.  It  is  assumed  that  the  stress 
history  in  a  specific  structural  area  has  been 
recorded  over  a  certain  period,  say  for  example 
during  100  successive  flights.  This  stress  history 
has  been  analysed  using  "Rainflow"  counting'^’;  the 
resulting  "stress  spectrum"  consists  of  n  stress 
cycles  1  with  max  stress  ,  and  minimum  stress 


The  crac 
cycle  I  is  given  bv  a  simple 


k  growth  due  to  load 
Paris-tvpe  expression 


da,  -  C|AK,„.,r 


C  d^aiyaa  '  (As,, 


a  is  the  crack  length.  ;3{a.'  a  geometry  ivuiction  and 
m  a  material  constant  The  effective  stress  range 

J  "  1  ■  Sc5p  1 

The  opening  stress  level  s,p  is  a  function  of  the 
stress  history  as  will  be  described  further  on.  but 
is  supnosed  to  be  independer.t  of  crack  lengtli. 


Spectrum  crack  growth.  Eq ,  1  ran  be  rewiirten 


(2) 


or 


f(a)da,  -  (s,„  «  F  1 
with 


f  (a) 


1 


^)9(a  v"a 


(4) 


Under  the  spectrum  a  crack  wirii  longtii  .i,,  will  grow 
to  a.  Defining  the  integral  of  as  Fia),  the 

crack  growth  can  ne  calculated  from 


K(a.)  -  Fla^)  •  '  ,  -s 


(5) 


In  this  equal  lort .  t  he  left  hand  side  is  purely 
defined  by  the  the  structural  genme r r',’  crack  Ic-ngth 
and  material  properties  (through  the  term  m)  Th.e 
right  hand  side  includes  load- spect rum  terms  plus 
again  the  raateriat  parameter  m  Note  that  the  right 
hand  side  is  independent  of  crack  length  (undej  the 
ass'jmption  that  is  independent  ni  ••rack 

length)  Ue  tan  sav  that  the  r'ght  itatid  side 


I’rfsentedai  an  AitARD  An  Awessmeni  af  f  aii}>ue  I htnuiy.v and  i  nuk  (irawih  l‘rvdti  fnm  let  hnujut's’. 
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defines  the  "crack  growth  potential**  of  the  stress 
spectrua:  two  spectra  yielding  the  same  value  for 
the  "right  hand  side  term"  will  cause  the  same 
amount  of  crack  extension  (a,  at,)  starting  from  a 
crack  with  size  a^;  this  right  hand  side  term  will 
be  called  the  Crack  Severity  Index  CSI; 

CSI  ■  C  £  (s,„  .)• 

L-: 


As  the  CSI  is  used  to  compare  different  spectra, 
the  value  of  the  constant  C  Is  immaterial:  In 
practice.  C  Is  chosen  so  as  to  yield  a  CSI  1  for 
a  "reference"  stress  spectrum. 


magnitude  of  s  .p  has 
amount  of  crack  growth. 


It  will  be  clear  tiiat  the 
a  major  Influence  on  the 
and  the  determination  of  a 


simple  rationale  for  calculating  s,p  is  a  key 


element  in  the  CSI -development . 


In  fighter  aircraft,  the  interest  Is  concentrated 
on  the  development  of  relatively  short  cracks, 
emanating  from  initial  flaws  of  sav  1.2S  mm  in 
usually  relatively  thick  structure.  Hence,  for 
cracks  of  Interest  plane  strain  conditions  at  the 
crack  tip  may  be  assumed. 

Under  constant  amplitude  loading.  the  opening 
stress  Sgp  mav  then  be  approximated  by  the 
expressions  given  in  Figure  1  (Ref  31. 


Under  variable  ampliludc.  loading,  a  much  mori- 
complicated  situation  exists  as  tiie  itistantaneous 
opening  stress  depend.s  nn  previous  load  peaks  and 
valleys  and  Mieir  associated  plastic  zone  sires 
near  the  crack  tip.  This  eftect  of  pre< '.’ding 
overloads  and  underloads  on  the  cr.K.k  opening 
.stress  i.s  currer-.tlv  considered  a.s  tiie  cause  <»f  so 
called  crack  growth  retardatioti  under  sp<*(  t  rum 
loading.  To  study  the  behaviour  op  Sj..  an  analysis 
was  made  of  the  s.,p  for  typical  manoeuvre  doroiiiated 
fighter  aircraft  load  sequences  .us  i  ng  the  N'i-R  "in 
house"  computer  program  CfjRpUS  i  Caicilat  ion  t'f 
Propagation  Under  Service  loading)  (Ref  J)  tIORPUS 
is  an  advanced  program  for  cv'  le  bv  cycle 
calculation  of  crack  growth 

Figure  2  shows  typical  results  for  a  p.irt  of  the 
(relatively  long)  load  sequence  analysed  It  t-trtud 
out  that  after  a  certain  number  of  fligiiis  a 
"minimum  opening  stress"  has  developed,  which  is 
purely  defined  by  the  highest  peak  and  the  lowest 
valley  in  the  stress  sequence  a  fiigh  load  pushes 
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Fig  ^  Opening  stress  levels  iticuljled  r/tfO  COPPUS  tor  fwo  tliQtUs  in  inn 
anAl^/ed  M>guence 


up  the  opening  stress,  thus  reducing  the  amount  of 
crack  growth  associated  with  the  load  cycles  coming 
next.  The  opening  stress  is  lowered  again  when  a 
low  valley  occurs  The  "memory"  of  the  overload 
will  end  with  the  advance  of  the  c-ark  tip.  when 
the  tip  grows  out  of  the  plastic  zone  produced  bv 
the  overload. 

On  the  basis  of  the  above  considerations,  the 
following  rationale  has  been  adopted  for 

calculating  s 

S-p  ,  pertaining  to  stress  cvcle  i  is  tiie  largest 
of : 

1  s.,p  ,  determined  for  ,  and  .s„j,  .n'cording 
to  Figure  1 

^  Sop  «in  determined  for  tiu-  highest  stress 

occurring  in  50  flights.  s„„  ,  and  the  lowest 
stress  in  50  flights.  wherebv  s  p  is 

related  to  ,  and  s,,  ,  according  •.  n  Figure 

1 

This  number  of  50  flig’nts  represents  the  est  itn.i' ed 
average  "memory"  period  for  overlnad.s.  considering 
typical  plastic  zone  size.s  due  to  fjverlcrtds  and 
typical  crack  growi!>  rates 

The  definition,  given  above  for  s  ^  implie.s  !h.r  » 
“relevant"  CSl-value  can  (uilv  he  deteiinined  for  .i 
stress  .spectrum  covering  at  least  50  fliplus  it  a 
CSI  has  to  he  determirsi-d  for  a  smaller  hat«-ii  of 
flight.s,  a  value  tor  S-j  must  i>e  ussumed,  tiiat 

means  it  must  be  assumed  that  tiu-  spt  i  ilii-  h.i'cii  rif 
flights  belongs  to  an  o.'crali  usage  for  wiiit  h  flu- 
"extremes"  of  tiie  spectrum  .ire  known 


5.  VALIDATION  OF  THE  CSI  CONCEPT 

In  order  to  validate  the  Csi  •  r  om  rpi  .  ah  ul.itod 
I'SI-values  were  (omp.ued  witii  results  of  't.o-k 
growth  tests  on  .siraplv  notched  pl.i'e  spiutm.-ns. 
made  of  lUJ'i  aluminium  alloy  plate  with  .i  fliiikness 
of  7.62  ram  Specimens  were  provide'!  with  l  ither  .i 
corner  crack  or  a  tiu  ougli  - 1  lie  thickness  cr.uk  .see 

fig  3; 


In  the  CSl 


TYPE  1 :  7  6?' 


TYPEM 


Ffg  3  Specimens  used  for  crack  growth 


A  nufsber  of  these  tests  were  defined  spectficallv 
for  the  CSl •  val Idatlon  but  the  majorltv  of  tests 
were  done  as  part  of  the  RNLAF  F-16  Life  Management 
program,  In  the  following,  results  of  these 
comparisons  will  be  discussed  for  a  n'.uitber  of  the 
test  results  that  were  available. 

In  these  comparisons,  the  "calculated  .severitv" 
refers  to  the  CSl  value  computed  for  the  specific 
test  spectrum,  whereas  the  "observed  severity"  is 
the  Inverse  of  the  crack  growth  life  until  a  -  H 
nun  as  found  in  test 


The  material  constant  m  used 
calculations  was  equal  to  iic3. 

Figure  4  presents  spectra  for  some  tests  done 
specifically  for  CSl  validation.  The  "basic" 
spectrum  refers  to  the  wing  bending  moment  of  a 
fighter  aircraft  In  the  spectrum  Indicated  as 
"omission",  all  load  cycles  with  a  lower  than 

the  predicted  (49  51  MPa)  were  omitted.  The 

CSl -concept  predicts  that  this  omission  will  have 
no  Influence  on  the  spectrum  severity,  and  this 
prediction  appears  to  be  fully  confirmed  bv  the 
tests . 

In  the  "truncated"  spectrum  the  highest  peaks  were 
reduced  to  195  45  MPa.  The  increase  in  severity  bv 
a  factor  of  1,26  was  rot  fully  predicted  bv  ^he 
CSl.  (factor  •  1.08;  but  it  mav  be  noted  that  in 
any  case  the  CSl  predicted  an  increase  In  severity 
due  to  truncation,  whereas  all  "classical"  non¬ 
interaction  models  would  have  predicted  a  decrease  * 

Figure  5  shows  different  spectra  for  one  structural 
location,  namely  the  wing  root  One  spectrum  is 
Indicated  as  "Design",  the  other  three  are  recorded 
spectra  pertaining  to  different  usages.  At  fir'll 
glance,  one  would  expect  the  Design  spectrum  to  be 
much  less  damaging  than  the  actual  ser'/ice  usage, 
but  the  tests  show  that  the  opposite  is  true  the 
Design  spectrum  is  the  most  severe.  It  turns  out 
that  actually  the  CSl  predicted  this  effect 
reason.%blv  well  However,  the  CSl  overesr  imat  ed  the 
severity  of  usage  i  compared  to  usage  1  bv  20 
percent 

Figure  6  shows  spectra  for  three  different 
structural  locations  It  ma.'  be  noted  that  the 
Horizontal  Tall  Spectrum  is  verv  different  from  the 
others  as  it  is  riearlv  symmetrical  around  zero 
stress  The  horlzotifal  tall  spectrum  was  found  in 
test  to  be  aho'.t  16  times  les.s  se'.ere  than  the  wing 
B  M  spectr'uo  This  se'.vritv  was  predicted  within  8 
percent  .)  ti^e  CS I  •  concept  ’  ndoubt edl  v ,  this 
outcomt  is  emarkaSlv  good 

<~omparison-s  t<*r  other  load  spectra,  which  will  not 
be  presented  here  revealed  equally  acceptable 
re.sults  For  a  'ot^l  numbrf  of  S5  different  stress 
spectra  that  wt-re  studied,  the  average  error  In  the 
CSl-  prediction  was  -6  )  percent  and  tie  a’.oroge 
absolute  error  was  I  ■>  I  percet^t 

Sununarlzlng,  we  mav  lonclufle  tl>ar  lorpparlsnn  (jf  CSl 
prediction  and  test  result.s  have  shown  that  the 
CSl  concept  mav  provide  a  reasonably  accura'e  means 
to  quantify  the  relative  se.'eritv  of  manoeuvre 
dominated  fighter  tvpe  load  spectra 


Fig  4  Predicted  and  observea  eftect  of  spectrum  i  hangpi,  yc  s'ecfncm  seventy 
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Fig  5  Companion  of  otserved  and  prodded  seventies  hr  Wmg  B  M  Spectu  ienaimng  to  differettf  usages 


i  DISCUSSION 

Interaction  etfects  have  a  major  influence  on 
fatigue  crack  initiation  and  crack  growth  under 
spectrum  loading.  Verv  often  chose  etfecrs. 
specificallv  the  effect  of  high  overloads  are  of  a 
crack  growth  retarding  nature  Hence,  "non¬ 
interaction"  prediction  techniques  tend  to  give 
conservative  results,  This  expected  conservatism 
combined  with  their  inherent  slmpllcitv  ate  cause 
that  "non  -  inter.ac  t  ion"  prediction  methods  are  still 
widely  used  throughout  the  aerospace  industry 
Hower'er,  it  must  be  realized  that  this 
"conservatism"  in  Itself  is  of  no  use  if  onr  wants 
to  compare  the  severity  of  different  .spectra  or.  a 
relative  ba.si.s  A  numerical  example  mav  illustrate 
this  Suppose  that  the  crack  growth  life  vnder 
spectrum  A  is  predicted  to  be  2000  fiiv.lirr.  vhili- 
rests  yield  a  life  of  SOni)  fliglits  The  j.rte{iited 
life  under  a  different  spectrum  B  is  2/>n  flights 
while  the  test  life  is  4000  flightr.. 

Our  prediction  technique  yielded  a  cousi-rv  if  i’.n 
result  in  both  cases,  but  the  rehiti  .e  predict  ioi: 
was  totally  wiong.  spectrum  B  w.-is  predicted  fo  be 
less  severe  than  spectrum  A,  while  the  opp^mite  is 
t  rue ! 

The  CSI  turned  ou:  to  give  reusojiablv  aicuiaie 
predict  i  uii.s  uf  th«-  relative  s.’Verifv  of  widely 
varying  .spectra,  only  because  it  takes  acfoim*  nf 


load  Interaction  effects' 

The  effect  of  for  example  a  high  load  tvmains 
nor  icable  during  many  successive  flights  M  m.iv  hv 
recalled  that  a  valid  CS!  could  oiilv  he  calculated 
for  a  batch  of  ai  least  iO  iliy.his  In  otlu-r  words, 
a  CSI  pertaining  to  lUte  fiii'hr  ..an  onl.'  he 

calculated  if  assumption;;  ,ire  fr..«de  wj*h  rerarfl 
the  overall  speermm  of  fligh’,-.  o  wfiih  our 
specific  flight  heloiigs  This  maV  appe.ii'  os  u 
shortcoming  of  i  he  ^Sl-eonrep.t  bur  js  ..«•  t  ua  1  1 a 
direct  ronseq  ieiiee  (*l  'In  lo.n!  :tii  ei.i.  t  itui 
phenomenon  it  nei'-t  he  rea!i;'»-*i  ‘hir  the  fl.im.'igu'g 
effect  of  a  flig^hr  is  no’.  tlefiju-fl  bv  tbf 

speetr^im  cuntent  of  tb.it  fligb'  ,  but  dep.-ntt'.  oi  t  fu 
load  sequence  rlsat  precederi  'h,|f  fligb*  An',' 

attempt  to  delit:e  dam.ig*'  figure's  fijf  one  flight  nn 
the  basis  of  i  nf  orma*  i  oi.  abou?  the  lo.^ding  iiistni'.- 
of  that  flight  alfii:*-  must  f.iil  ii;  i  ise  of  '.'.ir  i  .di  1  e 
amplitud.  lo.Klirigs  and  tructuril  fn.it  er  t ,« 1 ';  lik«- 
the  rommuM  aluipitiium  allo'.'s  used  r.  ii  i  1 1.  raf  t  whiifi 
are  sensitive  f<>r  load  in’ ec.n  t  i<*n  effeeis 

As  mentioned  al.'f.^dv  in  ’lu-  i  i.*  r  -du.  '  i  ci  ’h''  'SI 
concept  has  l/'-en  .ind  is  s'wi  »  •.  f  u  I  1  ,'  u'.ed  .<■,  .t 
standard  tool  u-  the  I  lb  l.ifigue  l.o.td 

Motiitoring  I'rogr  imiP*'  .’'...e  Pei  .'  ,e.  .i  r,,.- un.  i «, 
present  and  assess  tin  obst-rvefl  <1 1  I  f  c  i  c  nee  •;  bst-.en 
the  usage  of  various  stjuadrons  am!  to  indic.irf 
changes  in  th.i*  us.ige 


I 


Apart  from  such  applications,  it  was  found  that  th«* 
CSI -concept  may  also  be  successfully  used  in 
studies  how  to  influence  the  loading  severity  by 
changes  in  aircraft  operation.  Application  of  the 
CSl  concept  for  this  purpose  will  be  illustrated  in 
Splekhout's  Paper  (Ref.  3)  during  the  present 
Meeting. 

6.  CONCLUSIONS 

1.  A  simple  means  to  quantify  the  severity  of  a 
measured  load  spectrum  has  been  defined,  which 
accounts  for  load  interaction  effects. 

2.  The  CSl  appears  to  be  a  reasonably  accurate 
measure  for  the  relative  severity  of  manoeuvre 
dominated  fighter  spectra. 

3.  The  CSI  Is  used  as  a  standard  tool  in  the  RNLAF 
F-16  Fatigue  Load  Monitoring  Programme 

U  The  CSI-concept  can  also  be  successfully  u.sed 
in  studies  how  to  influence  the  operational 
fatigue  life  cons'imption 
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SUMMARY 

The  current  state  of  crack  ^ovsth  prediction  models  for 
aaospace  applications  is  reviewed  with  special  reference  to 
limitations  and  possible  improvemenb  Ihe  present  work  aims 
at  examining  the  dilTerent  crack  ^owth  prediction  models  with 
reference  to  elTcctivc  application  for  practical  use  (i  e  with  the 
objective  of  identifying  the  expenmenLi!  data  necessary  to 
apply  the  model)  and  at  quantifying  the  reliability  of  the 
dilTcrent  models.  Both  crack  growth  prediction  models 
currently  used  by  aerospace  industries  and  prediction  methods 
under  development  within  the  scientific  community  are 
considered  An  experimental  pro^am  has  been  earned  out  to 
help  achieve  the  alorementioncd  ubj:  lives 

LIST  OF  SYMBOLS 

l^tin  Symbols 

a  =  crack  length 

CA  =  Constant  Amplitude 

tl[X|) »  displacement  at  point  x,  due  to  the  nominal  stress  m  the 
strip  yield  model 

~  displacement  at  point  Xj  due  to  a  unit  stress  applied 
at  point  Xj  in  the  stnp  yield  model 
K  =  Stress  Intensity  Factor 
LLFM  =  Linear  Elastic  Fracture  Mechanics 
Lj  =  length  of  the  i-lh  element  in  the  strip  yield  model 
OL  =  OverLoad 

R  -  ratio  of  minimum  to  maxin.um  stress  in  the  load  cycle 
S  =  nominal  stress 
UL  =  IlndcrLoad 
VA  =  Vanablc  Amplitude 

Vj  =  vcilical  displacement  of  the  i-th  element  m  the  strip  yield 
model 

Greek  Symbols 

AK  =  Stress  Intensity  Factor  Range 
o  =  local  stress 

sulTixcs 

calc  =  calculated 
e(T  =  elTective 
exp  =  experimental 
max  =  maximum 
min  =  minimum 
op  -  opening 


1.  -  INTRODUCTION 

Atlcr  (he  introduction  of  damage  tolerance'  rcqiiireiiieiits. 
at  first  issued  for  USAF  military  aeroplanes  {1|  and 
subseciuentiy  also  for  commercial  transport  aircrad  (2|.  the 
development  of  reliable  methods  tor  crack  growth  analysis 
under  Vanabie  Amplitude  (VA)  latiguc  loading  has  become  a 
crucial  point  for  all  aerospace  indu.stnes  Ihc  application  of  a 
crack  growth  model  is  essential  in  the  JitTereiit  phases  of 
design,  certification  and  operation  of  aeronautical  and 
aerospace  structures  From  the  point  of  view  of  industrial 
designers,  the  ideal  method  should  obviously  provide  reliable 
predictions,  be  very  easy  to  handle,  should  not  require  t(x>  many 
cmpincal  constants  (derived  from  spccif'c  tests)  for  its  use  and. 
lastly,  should  not  require  much  computer  time,  because  of  its 
extensive  use 

A  flood  of  literature  has  been  published  ii>  the  last  twcmlv 
years  on  this  subject  and  has  led  to  considerable  understanding 
of  certain  problems  associated  with  fatigue  crack  propagation, 
at  least  from  a  phenomenological  point  of  view  Many  methods 
have  been  developed  and  arc  available  to  the  industrial 
designer,  some  of  them  are  quite  simple,  but  others  are  very 
complex  Anyhow,  still  insuflicient  help  and  information  are 
too  oflen  provided  to  the  user  who.  besides  the  general  limits  of 
applicability  oi  (he  models,  needs  suggestions  as  to  how  to 
identify  the  most  suitable  model  lor  his  specific  problem 
Among  other  things,  a  very  imporiant  piece  of  mfomiation  for 
an  industrial  desi^cr  is  knowing  how  far  the  results  of  his 
calculations  depend  on  the  scatter  of  the  input  J;ita.  as  well  as 
the  sensitivity  of  the  method  to  changes  in  the  design  vari.ibles, 
both  in  a  qualitative  as  well  as  in  a  qiiantiUilivc  way  In  a 
previous  research,  carried  out  at  the  beginning  of  the  80's  (^].  a 
systematic  evaluation  of  the  existing  models  was  made  In  the 
following  sections,  updated  crack  growth  prediction  methods 
arc  reviewed  and  evaluated,  following  the  same  logic  approach, 
with  the  help  of  experimental  results,  some  of  which  ohlaincd 
from  a  specific  test  program  and  others  from  the  literature 

2.  ■  CRACK  GROWTH  PREDICTION  METHODS 

A  number  of  excellent  review  papers  on  fatigue  crack 
growth  have  been  puhhshed  rcccrtlv  among  others,  mechanism 
aspects  arc  well  discussed  m  14),  vhilc  papers  (5'8]  are  mostly 
devoted  to  the  description  and  analysis  of  models 

Fatigue  crack  ^owth  under  CA  loading  is  a  W'ell  estab¬ 
lished  (^cnomenon,  typically  analyved  with  the  use  of  Linear 
Llastic  Fracture  Mechanics  (l.LI  M)  On  the  contrary,  the 
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prcdiclinr.  of  fatigue  crack  grov^th  under  VA  spectra  is  a  much 
more  complex  matter  Yhc  basic  assumption  of  the  models 
based  on  LlihM  is  to  postulate  the  possibility  of  correlating  CA 
propagation  data  to  VA  loading  histones  through  the  identifi¬ 
cation  of  a  similanty  parameter,  gencrall)  related  to  the  stress 
intensity  factor  Unfortunately,  there  are  so  man>  interaction 
ciTecIs  betv^een  load  c>cles  of  dilTerent  amplitudes  that,  even  if 
some  of  them  are  quite  \^ell  understood  (at  least  fremt  a  (^e- 
nomenological  point  of  view),  raming  out  accurate  quantita¬ 
tive  predictions  is  still  a  formidable  task  Among  other  things, 
just  to  quote  only  the  most  relevant  ones,  an  ideal  prediction 
model  should  simulate  the  following  interaction  etTects 

•  crack  growth  delav,  following  an  overload. 

-  crack  growth  acceleration. 

-  delated  retardation. 

•  intcractKM)  between  incompatible  crack  front  onentations. 

-*  dcvdupTkiCid  shea! 

-  interaction  with  microsiructural  features  ( surface  roughness) 

It  IS  quite  clear  that  a  single  model  should  take  all  these 
rtitv  Actount  ami  tlrcKVoi :  ^  ts  4o  undeTAtand  tii&t 
both  simple  (but  rough)  and  refined  (but  complex)  meiiiods 
have  been  proposed  b>  many  researchers 

According  to  the  modelling  of  the  mechanism  that  is 
considered  to  be  responsible  for  the  mam  interaction  effects, 
crack  growth  prediction  methods  can  be  broadly  classified  in 
the  following  groups 

•  Non  interaction  assumption 

-  Characteristic  K  concepts 

-  Yield  /one  models 

-  (‘rack  (Opening  models 

•  Strip  yield  models 

fhe  simple  linear  calculation,  developed  first 
chronologicallv  speaking,  provides  usiuillv  conservative  results, 
orten  too  conservative,  since  m  a  tvpical  wing  stress  historv 
retardation  ciTects  in  general  largclv  prevail  over  acceleration 
clTecls  Ibcicforc.  most  of  ilio  methods  have  been  dovclopcd  to 
overenme  the  limited  rcliabilitv  of  the  nnn-intcraction 
procedure  The  various  crack  propagation  methods  are  based 
n(Mm  the  following  two  essential  elements 
(1)  interaction  moiclling.  i  e  how  sequence  etTects  are  taken 
into  account,  including  the  selection  of  the  kev  parameter  and 
the  definition  ofmemorv  clTects, 

(ii)  how  the  clTetlivc  current  stress  range  and  K  ratio  arc 
related  to  crack  increment  (crack  growth  law  ) 

2  I  Non-interaetiun  assumption 

Ihc  nonnnte»’aclion  assumption  is  based  on  the 
hvptitiiesis  that  a  stress  intensuy  laetor  range  occurring  in  a  VA 
loading  history  produces  the  siime  cravk  incrcnienJ  as  if  it  were 
part  of  a  CA  loading  historv  This  assumption  generallv 
provides  conservative  predictions,  which,  depending  on  the 
load  sjicclnim.  may  be  otlen  loo  much  conservative  I’smg  the 
non-interaction  assumption,  trend  eliccts  related  to 
modilications  of  design  varidbles  .ire  gencralK  not  predictable 
Non-mtcraciion  calculations  ma’  be  carried  out  in  accorcLincc 
with  vaiions  crack  growlh  laws  or  u.-.ing  an  interpolation 
prixicdiire  throUjji  test  diila 

2.2  Characteristic  K  concept 

It  IS  asMimod  that  it  is  possible  to  correlate  cr.ick  growth 
in  a  VA  load  historv  with  ii  characteristic  stress  nitensitv  f;utor, 
dcjvnding  on  the  spectrum  and  its  stress  level  'ITits  nicthixl  is 
not,  strictly  s^Kaking.  a  prediction  method,  but  rather  a 
simili’.iide  method  useful  when  cxfxinmental  chita  from  stinilar 
lo.id  NfVetra  are  available  Ibc  results  of  the  caknl.ition,  winch 


arc  sulTieicnlly  accurate  in  some  cases  ]9-II].  arc  in  general 
sensitive  to  spectrxim  vanations 

lliis  method  is  tvpicallv  applied  for  block  spectra  or 
random  gaussian  spectra,  in  the  case  of  llight-by-tlight  spectra 
It  IS  not  widely  used 

2.3  Yield  zone  models 

Yield  /one  models  were  developed  in  the  7t)‘s  in  the 
United  States  and  were  the  first  attempt  to  take  retardation 
etTects  af\er  the  application  of  an  overload  into  account  They 
arc  based  on  the  assumption  that  retardaticm  is  related  to  the 
dimensKHi  of  the  plastic  /one  created  ahead  of  the  crack  tip  by 
the  preceding  (>l.s  The  amount  of  retardation,  i  e  the 
dilTerence  in  crack  growth  produced  by  the  current  cvcie 
compared  with  the  growth  pertinent  to  the  same  cycle  if  it  wctc 
part  of  a  CA  blo^.k.  is  related  to  the  amount  of  propagation  that 
iS  MiU  fiec^satfy  bn  tl.e  bvvsndtff  t)iC 

plastic  /one  in  which  it  is  embedded  The  first  and  most  famous 
models  developed  according  to  these  concepts  were  proposed 
by  Wheeler  |I2)  and  Willenborg  (13)  lliese  models  require  as 

data  yicbd  vd  the  ma^iai  CA  ^tac4 
data  The  Wliceler  model  also  needs  an  empirical  constant, 
given  b\'  the  operator  as  an  input  datum,  which  is  in  practice  a 
parameter  regulating  the  average  ictardation  of  the  spectrum,  it 
IS  usually  obtained  hv  fitting  the  model  results  to  test  data 
previously  obtained  under  similar  conditions  (i  e  matenal.  load 
spectrum,  load  seventy,  etc  ) 

These  models,  in  practice,  simulate  only  the  retardation 
aHer  Ol.  ctTect.  generallv.  ihev  are  considered  as  not  being 
accurate,  because  the  interaction  modelling  based  onlv  on 
plastic  /one  si/e  evolution  is  insiitTicient  for  such  a  complex 
phenomenon  Manx  modified  versions  have  been  proposed  for 
the  Wheeler  |14.|bl  as  well  as  for  the  WillenN)rg  (17-191 
models,  in  an  attempt  to  eliminate  the  need  for  an  unknown 
fitting  parnmeicr  (Wheeler  model)  and  to  take  into  account 
cflccts  otherwise  not  predicted  b\  such  models,  like  multiple 
Ol  s  interaction  and  Ul.  elTett  These  updated  versions  arc  also 
based  on  the  same  modelling  of  crack  growth  mechiinics 

Anvhow.  ihev  are  extensively  used  b\  the  aerospace 
industrv.  mainlv  due  tn  their  simplicitv  In  particular,  since  the 
designer  must  provide  some  test  Jala  in  support  of  his  analvsis, 
whatever  the  model  used,  the  fitting  parameter  of  the  Wheeler 
model,  specific  for  the  material,  spectrum  and  crack  interval 
examined,  can  be  easily  evahuted  On  the  other  hand,  the 
(rcnerali/ed  WTllcnborg  model  (17)  is  also  quite  simple  to 
handle  and  generallv  provides  conservative  predictions,  all 
these  reasons  justify  its  wide  use  in  aerospace  industries 

2.4  (  rack  opening  modelv 

Ihc  crack  oivniiig  ir.odds  work  on  tlie  assuniplion,  based 
nn  cxpcnineiital  evidence  first  provided  hv  I  Iber  (2ih2l(.  that 
not  atl  the  load  excursion  is  active  for  propagation,  hut  onlv  a 
part  of  It  In  purtKiiUr,  it  is  assumed  lliat  propagation  takes 
place  only  when  Uie  crack  is  tullv  open,  which  occurs  fur  a 
Stress  level  above  the  miiuirum  stress  of  the  cycle  Such  a 
stress  level  is  mmied  opening  stress,  and  depends  on  the 
previous  load  historv  According  to  such  an  assumption,  only  a 
pait  of  the  nominal  stress  nitensitv  factor  ninge  is  active  for 
crack  propagation  and  that  pwul  is  mimed  elTective  stress 
intcnsitv  factor  range  \K^.,(  (  The  \K,.,^is 

considcTed  to  be  the  siinilaiilv  parameter  tliat  allows 
corielation  between  (.'A  and  VA  loading  a  cvcTe  ol  a  VA 
historv  produces  the  same  growtli  as  '•  cvcle  of  a  t*A  historv 
with  the  s«inie  \K^,||  v.ilue 

Ihe  various  crack  oix-'iiiiig  niodek  availahle  in  the 
litciatme  dilic*!  from  each  other  m  the  iiiteriKtioii  assnniptions, 
I  e  how  the  material  reiiieiiilHjrs  the  pa.si  stress  lu^to^v.  as  well 
as  m  the  estundte  o!  the  priranietcrs  of  the  utilized  ciack  growlh 
law  Ihe  simplest  model  is  the  one  projiosed  hv  S\.lii|\e  (22 (, 
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\^ho  assumed  that  remains  constant  during  each  tlight  of  a 
night’bv-tlight  sequence  Other  models  have  been  proposed  in 
recent  years,  the  most  interesting  being  those  of  Aliaga  |23*25|, 
of  Baudin  |26.  27|  and  of  !>:  Konmg  |28,  29|.  Such  models, 
considered  the  most  promising  ones,  receive  further  attention  in 
the  present  paper 

2.5  Strip  yield  models 

Strip  yield  models  are  based  on  a  discrete  modeli/ation  of 
the  Dugdale<Barenblatt  1 30,  3 1 1  stnp  yield  model  According  to 
the  Dugdale  assumptions,  yielding  is  supposed  to  occur  m  a 
narroNv  strip  ahead  of  the  crack  tip  and  on  the  crack  Hanks  The 
propagation  of  a  crack  interacting  with  its  plastic  wake, 
embedded  in  a  far  elastic  field,  is  studied  as  a  supenmposition 
of  two  elastic  problems  (see  fig  1)  This  model  h^  been 
discreti/cd  by  many  researchers  |32‘39|  in  order  to  study  crack 
propagation  through  a  discrete  description  of  the  crack  flanks 
ana  of  the  plastic  zone  Newman  |36j  discrcti/ed  the  material 
sunouiiding  the  crack  with  bars  with  clastic-pcrfect  plastic 
beliuviour  The  problem  is  governed  b\  the  compatibility 
equations  of  the  vertical  displacem*‘nts  ( V^)  and  lengths  (Lj)  of 
the  i-th  bar  elements,  le  =  1.^  1.^  is  equal  to  the  residual 
defomiaiion  of  the  i-th  bar  eleiiient  fhe  displacements  can  be 
dctennined  from  the  supenmposition  of  two  clastic  problems, 
such  as 

n 

=  S  •  /  (xi)  +  Z  cTj  •  g{xi  ,  xj) 

>  =  1 

ITom  the  system  of  compatibility  equations,  a  linear 
system  follows,  which  can  be  rescihed  stcp-b\  siep.  usually 
wuh  the  (iau.sS'Seidel  method  ihc  boundary  conditions  arc 
that  the  j-th  bar  m  the  plastic  /one  ahead  of  the  crack  tip  yields 
in  tension  at  =  ao^  while  elenienl-s  both  on  the  crack  Hanks 
and  in  the  plastic  /one  yield  in  compression  for  If  for 

the  j'th  clement  on  the  crack  Hanks  is  positive,  then  .such  an 
element  is  not  in  contact  with  its  corresponding  opposite 
element  and  it  is  posed  Crack  growth  is  modelled  by 
di.scoimectmg  the  bar  cleinenis  ahead  of  the  crack  tip  Crack 
growth  calculation  is  not  earned  out  on  a  c>cic*b> -cycle  basis, 
that  would  be  too  expensive,  but  for  a  fixed  crack  incTemcnt  or 
number  of  cveies  It  is  assumed  that  Uie  parameter  a  makes  it 
possible  to  take  the  clfcctive  three-diinensionahty  of  the  stress 
into  account,  i  e  the  transition  from  plane  strain  to  plane  stress 
conditions  Calculations  earned  out  by  varying  the  constraint 
factor  a  are  reported  to  simulate  the  expcriincnUl  plain  strain- 
plane  stress  iT'insilion  ver\  well  j39)  Due  to  the  very  long 
calculation  tune,  this  model  is  at  piesent  mainly  utili/cd  to 
verify  a.ssuniptions  used  in  simpler  models,  although  interesting 
results  for  Hight-by-llight  hi.storics  have  been  published 

One  of  the  main  features  of  the  model  is  the  identification 
of  the  functions  g(x,.Xj)  and  Hx,);  Newman  reported  such 
functions  for  the  centre  crack  tension  .specimen  and  for  a  crack 
emanating  from  a  hole,  but  displacement  functions  foi  othcT 
geometries  may  be  obtained  from  the  open  litciature  or  using 
the  weight  function  method  (40)  Intcrc.sting  results  have  also 
been  obtained  with  such  models  in  the  analvsis  of  short  crack 
growth  [40-421 

Stnp  yield  models  arc  still  being  developed  in  order  to 
acquire  a  better  definition  of  Uie  physical  meaning  and 
evaluation  ot  the  parameter  a 

3.-  DESCRIPTION  OF  THE  MAIN  CRACK  OPENING 
MODELS 

In  the  present  investigation  particular  attention  was 
devoted  to  the  crack  opening  models,  therefore  iii  the  following 


the  PRILEFAS.  ONI'RA  and  CORPUS  models  arc  bncHy 
desenbed 

3.1  The  PREFF AS  model 

The  PRKFFAS  model  |23-25|  was  devised  by  Ahaga, 
Davy  and  SchafT  of  Aerospatiale  in  1985.  The  model  was 
proposed  for  short  load  sequences,  i  e  such  that  the  crack 
grows  inside  the  plastic  /one  generated  by  the  highest  peak  of 
the  block.  The  authors  claimed  accurate  predictions  for  simple 
VA  as  well  as  for  complex  Hight-by-Hight  load  histones  Ram- 
How  cHects  fw  the  sequence  arc  also  considered 

3.11  Load  interaction  modelling 

The  effect  of  the  previous  load  history  is  taken  into  account, 
considering  that  each  previous  peak  produces  an  opening  level, 
which  can  be  estimated  by  relating  it  to  the  lowest  trough 
mcluded  between  the  peak  considered  and  the  current  cycle 
(see  fig  2)  The  opening  stress  of  the  cunent  cycle  is  the 
highest  opening  stress  calculated  by  considenng  all  Uie 
previous  peaks,  utilizing  the  opening  function  described  below 
Ihe  model  was  originally  proposed  for  snort  spectra  and 
asi;unies  that  the  plastic  /one  associated  wiUi  the  highest  peak 
in  the  spectrum  is  dominant,  i  e  the  boundary  of  the  plastic 
/one  associated  with  the  cunent  c;  cle  never  exceeds*  the 
maximum  extension  of  the  plastic  /one  The  model  evaluates 
the  interaction  etlects  bv  taking  only  stress  levels  and  cycle 
sequence  into  account  Compressive  .stres.ses  are  set  equal  to 
zero 

3  1  2  Opening  function 

llic  function  that  expresses  the  ratio  of  the  eH'ectivc  stress 
intensity  factor  range  to  the  nominal  one  is  supposed  to  be 
linear  m  R,  i  e  U(R)  =  A  B  R.  the  coasiants  A  and  B  must  be 
obtained  experimentally  for  each  material  and  Uiickness  llic 
authors  also  provide  a  recommended  test  procedure  to  obtain 
such  constants,  which  cannot  be  denved  Uuough  standard  crack 
opening  measurements 

3  I  3  Crack  propagation  law 

Ihe  crack  pr<ipagation  law.  proposed  by  die  auUiors,  is  an  1-dber 
tvpe  law  m  .  i  e  da/dN  =  C  Due  to  Uie  short 

length  of  the  tvpical  spectrum,  the  crack  length  can  be 
coasidered  to  be  constant  dunng  the  application  of  one  block 
Because  of  this,  the  crack  growth  in  a  block  can  be  expressed 
by  where  Uie  stress  dependent  term  ha.s  Uie 

same  value  for  each  bliKk.  except  Uie  fir-st  one.  where  Uie 
regime  of  opening  stresses  is  not  yet  stable  Ihcrcforc,  it  is 
much  more  convenient  to  evaluate  crack  growth  on  a  block-by- 
block  basis,  rather  than  on  a  cvclc-by-cvcle  basis 

3  1  4  Lxpenmcntal  tests  needed  to  apply  the  model 
There  are  four  matenai  dependent  parameters  to  be  obtained 
for  applying  the  method  A  and  13  for  Uie  opening  function,  C 
and  rn  for  the  propagation  law  CA  tests  at  dilTcrcni  R  ratios  as 
well  as  a  block  te.'.t  (lOfX)  cycles  with  R=0  1  plus  a  cycle  with 
the  same  minimum  stress  level  but  maximum  stress  level  equal 
to  1  7  times  the  maximum  stress  level  of  the  CA  bl(K'k)  mast  be 
performed  Ihc  latter  test  is  supposed  to  introduce  some 
correction  for  OL  interaction  clTects  )43)  and  is  fundamental  in 
obtaining  the  coasiants  A  and  B.  values  for  such  constan's  are 
given  by  Uie  auUiors  for  2024-i'3  and  *1351  ifor  diHercnt 
thicknesses).  7075.  7010  and  7050  with  16  and  -T7  heat 
treatment  conditions 

3.2  The  ONERA  model 

Ihis  m(xlel  was  originally  devised  by  Buudin  and  Robert 
of  ONhRA  m  1981  j26).  while  some  modifications  were 
presented  in  1984  |27j  ihc  model  was  proposed  for  Hight*by* 
(light  load  histones  and  initialK  applied  to  2024-'r3 
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y  2  \  Load  interaction  modelling 

llic  elTcct  of  the  previous  load  hi$tor>  is  considered  through  the 
definition  of  an  equivalent  load  c>cle,  based  on  an  appropriate 
algonlhm,  such  c>cle  keeps  meinor>  of  all  the  previous  load 
history  Plane  stram-plane  stress  transition  is  taken  mto  account 
by  means  of  a  relationship  with  the  ratio  of  the  Irwin  plastic 
zone  sue  to  the  thickness  of  the  material.  A  thickness  effect  is 
also  considered  through  a  relaxation  of  the  inllucnce  of  on 
the  mteraction  rule 

3  2  2  Opemng  funcUca 

The  opening  stress  is  obtained  as  a  weighted  average  of  two 
opening  function  values  the  first  one  is  referred  to  CA  load 
histories  (considered  to  be  a  particular  case  of  multiple  OLs) 
and  the  second  one  for  single  OL  effect  The  weight  parameter 
was  defined  as  a  fittmg  parameter  when  the  model  w-as  first 
publistwd  |26)  and  later  related  to  spectrum  seventy,  |27|  The 
authors  obtained  the  opening  functions  for  2024-T3 
expcnmentallv,  m  plane  stress  conditions,  |26| 

3  2  3  Crack  propagation  law 

Ihe  suggested  crack  propagation  law  is  an  Klber  type  one,  i  e 
da/dN  =  C  t 

3  2  4  I'xpenmental  tests  needed  to  apply  the  model 
To  apply  the  model  the  opening  functions  for  smgle  OL  and  for 
Uie  CA  case  are  needed,  as  well  as  the  parameters  C  and  m  for 
tlic  crack  propagation  law  For  the  evaluation  of  the  C  and  m 
con.stanls,  the  authors  use  the  results  oi  CA  tests 

3  3  The  CORPUS  model 

fhe  CORPUS  model  was  proposed  by  De  Koning  of  NLR 
in  19111  {211,  29]  At  present,  the  model  is  considered  the  most 
sopitislicated  and  accurate  crack  ofiening  model  It  is  based  on 
fractographic  observations  of  crack  growth  surtaces,  which 
provide  support  for  the  hypothesis  of  a  mechanism  of  plasticity 
let!  in  the  wake  of  a  growing  crack  Ihe  model  is  also 
inipicnicntcd  in  the  1;SACRACK  software  for  crack  growth 
predictions 

3  3  1  Load  interaction  modelling 

Hie  interaction  i$  based  on  the  modelling  of  the  behaviour  of 
the  plastic  /one  wake  of  a  crack  liach  stress  peak  is  assumed  to 
create  a  ridge  on  the  crack  Hanks  Ihc  crack  is  considercxJ  to  be 
completely  open  whc*n  the  last  nd^'.e  loses  contact  the 
conesponding  stress  level  is  the  opening  stress  for  Uiat  crack 
length  Ihe  minimum  strcs.s  of  each  cvcle  ftattens  the  existing 
ndges.  1  e  reduces  the  opening  .stress  level  li.ach  ridge  is 
coiiMdered  to  be  active  in  the  determination  of  the  doniinutmg 

a.’i  luii^  U.S  blO  viuvk  1.^  wii  d*Cddwd  HI  Uiv 

l'lu..iic  /one  of  the  peak  that  genc'rated  it  Multiple  ()I.  cftc'Cts 
arc  taken  into  account  through  an  expermicmlal  relationship 
I'Ua'  tnuor  is  cim  lUi  m  (at  as 

the  dimensions  of  the  plastic  /one  si/e  arc  conccmcd  Ihe 
elVccls  on  the  ojieiiing  level  of  secondars  plastic  /ones,  i  c 
pia.stic  /ones  developing  in  alreadv  stretched  material,  arc  also 
nuKlelied 

3  3  2  Opening  function 

Ihe  opening  function  is  ba.>ed  on  experimental  measurements 
and  also  lakes  the  eftect  of  maximum  stress  into  account,  the 
importance  of  this  was  pointed  out  hy  Newman  )36|  with  the 
use  of  llie  strip  vield  model  and  finite  elcmient  calculations  Ihc 
same  function,  relevant  to  plane  slrc.ss  conditions,  is  a.s.sumcd 
to  be  applicable  for  2t)24-'l  3  and  7075*'16  aluiiiiiiiuni  allovs 

3  3  3  Crack  propagation  law 

Ihe  .suggested  ctack  propagation  law  is  an  I'.lbcr-tvpe  one.  i  c 

d;i/dN-C(.\K^(T-/" 


3  34  Expenmental  tests  needed  to  apply  the  model 
Experimental  tests  with  CA  loading  at  dilTerent  R  values  are 
neeessarv  to  obtain  the  crack  propagation  law  parameters  for 
the  matenal  and  the  thickness  under  examination,  as  well  as 
the  opening  function. 

4.  -  EXPERIMENTAL  PROGRAM 

An  experimental  program  was  earned  out  to  support  the 
analysis  of  the  models  The  material  used  w'as  Alclad  2024-T3, 
2  54  mm  thick,  tested  m  the  longitudinal  (L>T)  orientation.  CA 
tests  as  well  as  VA  (Hight-by^night  spectrum  and  simple  flight 
simulation  spectrum)  tests  were  performed  It  was  d^ided  to 
mvestigate  the  'gust-dominated'  spectra,  typical  of  transport 
aircraft,  to  begin  with,  but  in  the  follow-on  part  of  the  research 
other  spectra  will  be  used 

tn  particular,  simplified  flight  simulation  spectra,  similar 
to  those  used  by  Schijvc  and  Misawa  )44),  were  used,  as  well 
as  more  realistic  load  sequences,  like  MiniTWlST  |45)  and  the 
tlight-by-flight  wing  root  design  loading  history  of  a  medium- 
range  executive  aircraft,  j46) 

4.1  Fatigue  test  apparatus 

1'w'o  diticrent  servohydraulic  fatigue  machines  were  used, 
with  capacities  of  50  KN  and  2iX)  iCN.  respectively  l^h  test 
was  completely  controlled  by  a  programmed  to  monitor  the 
load  generation  and  to  acquire  the  crack  length  measurements 
at  regular  intervals,  bv  means  of  the  direct  cuneni  potential 
drop  technique  The  200  KN  machine  was  used  for  the 
executive  aircraft  flight -by -(light  load  sequence  and  for  some 
CA  tests  All  the  other  tests  were  performed  on  the  50  KJ4 
machine 

Centre  cracken  panel  specimens  were  used,  of  different 
width  in  the  central  section  all  the  CA  tests  and  the  VA  tests 
under  executive  aircraft  spccinim  were  earned  out  on 
specimens  160  mm  wide,  while  all  the  Miiii  lWIST  tests  and 
simple  fliglit- simulation  tests  were  earned  out  on  100  mm  wide 
specimens  Ihc  length  of  the  test  section  was  at  lea.st  equal  to 
twice  the  width  Ihc  initial  notch  wa.s  inUtxluced  bv  means  of  a 
jeweller's  saw  and  a  natural  fatigue  crack  was  nucleated,  under 
a  profier  CA  load,  up  to  3  inm  lor  narrow  spociiiieiis  and  4  mm 
for  large  specimens,  then  Uie  lest.s  staried  Aiiiihuckhiig  guides 
were  used  in  all  cases 

A  detailed  description  o»'  the  tesi.s  and  oi  the  result, s 
obtained  can  be  found  in  |47j 

4.2  CA  tests 

Ihc  CA  tests  weie  carried  out  at  four  ditlerenl  K  ratio 
values  ik=-04.0  I.  04.  Ot)5i  lor  the  analvsi.s  ot  predictions 
tclcMeA  L  piA  it  'aa'  vei<  sietzd  of  yjcM 

importance  to  obtain  (  A  cratk  growth  data  al^)  in  the  low 
stress  mtciisitv  loctur  region  Iherdbre,  some  lest.s  were 
out  UM  4  iV  knd-«beddut4  tcsl « tqui*  •  di'isc'*mtqi  • 

Ihc  results  obtained  are  leporled  in  fig  3.  iraiisilion 
points  in  the  Ua/dN  vs  \K  plot  arc  clcuilv  visible  and  all  the 
results  arc  coasisteiit  with  similar  re.sults  in  the  literature.  {4H] 

4.3  Simple  VA  tests 

Simple  VA  lesis  were  cained  out  with  simple  hltKk 
spa'lra.  wiUi  the  aim  of  obtaining  exivninenUil  data  for 
situations  wheiconlv  a  specific  mteraction  eftect  wa.s  active,  a 
doiilieratciv  exaggerated  sitiuitiun  More  in  purticiilar,  the 
simple  VA  spcctiu  used  weie 

fai  the  block  spccinim  required  for  obtaining  the  tiila  for  the 
application  of  the  I'KI.l  I  AS  model  Iwo  tests  were  earned  out, 
asing  dilTcrenl  maximum  stresses  of  the  CA  eviles  Ml’a 
and  Ml’a 


(b)  a  sequence  of  200  c>clcs,  starting  NMth  a  UL  •  OL  (-45  MPa, 
1 10  MPa).  N^iiile  the  remaining  cycles  were  a  CA  sequence  (45 
MPa.  85  MPa); 

(c)  a  sequence  of  200  cycles,  identical  to  the  previous  one 
except  that  this  time  the  second,  the  third  and  the  fourth  peaks 
were  also  set  equal  to  the  overload  (110  MPa) 

The  results  obtained  are  reported  in  fig.  4  m  terms  of 
crack  length  as  a  function  of  the  number  of  blocks. 

4.4  Flight-by-flight  tests 

Two  flight-by-flight  load  histohe.s  were  used  m  the  test 
program:  the  MiniTWIST  and  an  executive  aircraA  spectrum 
While  the  first  one  is  a  well-knowTi  standard  spectrum,  some 
comments  are  wmihwhile  for  the  second  spectrum,  which  is 
characterized  by  relatively  few  interaction  effects,  a  light 
ground  stress  (about  4)  3  times  the  mean  flight  stress)  and  short 
flights  (in  average,  about  1 1  cycles  per  flight  the  total  length 
was  about  32000  cycles  for  3382  fliglits).  OifTercnt  stress 
levels,  representative  of  actual  operating  situations,  were  used 
the  MiniTWIST  tests  were  performed  for  Sj  =  60,  65  and  70 
MPa  (3,  6  and  3  tests,  respectively),  and  mrce  stress  levels 
were  also  used  for  the  executive  aircrafl  spectrum  ,  S^^=160, 
180  and  200  MPa  (1,4  and  1  tests,  respectively)  The  tests 
results  are  reported  in  figs  5  and  6 

5.  -  ANALYSIS  OF  THE  PREDICTIONS  OF  THE 
CRACK  OPENING  MODELS 


S.l  Main  purpose  and  objectives  of  the  analysis 

In  the  past,  interesting  reviews  of  crack  propagation 
models  have  been  published  (5>8|  The  models  have  been 
examined  in  detail,  as  well  as  their  ability  to  qualitatively  and 
quantitatively  predict  certain  physical  phenomena  single  and 
multiple  OL,  IJI.  cTectj,  effect  of  high  nominal  stresses,  plane 
strain  -  plane  stress  transition,  delayed  retardation,  etc.  A 
summary  of  these  analyses,  from  (5),  is  to  be  found  in  tab  1 

In  the  present  investigation,  particular  attention  is  paid  to 
the  evaluation  of  existing  models,  earned  out  through  an 
homogeneous  set  of  test  data,  obtained  both  under  CA  and  VA 
load  spectra,  and  to  the  assessment  of  the  reliability  of  the 
models  and  their  (kpcndcnce  on  input  data.  Crack  growth 
predictions  were  earned  out  using  input  data  from  the  literature 
(an  interesting  suney  is  to  be  found  m  (49|)  and  compared  with 
the  results  of  the  predictions  earned  out  on  the  basis  of  the  CA 
data  obtained  in  the  present  test  program,  this  allows  a  better 
assessment  of  the  capabilities  of  the  vanous  models  and  the 
evaluation  of  the  scatter  in  the  accuracy  and  reliability  of  the 
predictions  in  the  two  cases 

As  far  as  the  assessment  of  the  reliability  of  the  models  is 
concerned,  following  the  methodology  already  developed  m  |3(, 
the  ratio  N^^p^calc  ®  track  growth  interval  has  been 
evaluated  and  considered  as  a  random  variable  assumcxl  to 
have  a  log-normal  distribution  Ihe  median  value  and  the 
standard  deviation  of  may  provide  more  useful 

information  on  the  predictive  ability  of  the  model  A  model  is 
commonly  classified  as  ”accc*ptable"  when  the  value  of  the  ratio 
Nc~/N^l^  falls  within  the  0.5  -  2  0  range,  (Sj.  However,  the 
evaluation  of  a  model  on  this  basis  only  may  lead  to  errors  if 
there  is  the  possibility  of  self  compensatmg  mistakes  (c  g 
deceleration  m  the  first  part  of  Uie  propagation  and  acceleration 
in  the  final  part)  To  overcome  such  a  setback,  the  companson 
of  the  expcnmental  to  the  predicted  crack  growth  rate  for  the 
two  flight<by<flight  load  histories  was  also  considered 

The  use  of  diflerent  spectra  should  increase  confidence  m 
the  evaluation,  from  this  point  of  view,  research  is  still  in 
progress  and  will  be  extended  to  other  load  spectra,  all 
belonging  to  the  same  group  of  "transport  aircrafl"  spectra,  with 
similar  interaction  effccLs 
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5.2  DeiermiBitioD  of  experimental  parameters  for  (he 
applicidon  of  models 

Computer  programs  were  implemented,  in  accordance 
with  the  onginal  references,  and  checks  were  made  against 
results  in  the  literature  In  the  case  of  the  CORPUS  model,  an 
interpolation  algonihm  wus  also  set  up,  as  an  alternative  to  the 
use  of  an  Elber-type  law  The  reason  for  this  choice  stems  from 
the  observation  that  crack  growth  under  a  "gust  dominated'' 
^Kctium  is  the  result  of  the  application  of  many  small  load 
cycles,  which  correspond  to  aack  growth  rates  in  the  medium- 
to-small  range,  below  the  field  of  validity  of  the  linear  relation¬ 
ship  of  the  Elber  law  Therefore,  the  use  of  an  interpolation 
procedure  seems  to  be  a  better  solution  and  is  usually  adopted 
by  many  computer  codes  which  are  commercially  available,  its 
extension  to  the  other  opening  models  is  m  progress 

The  parameters  of  the  Elber-type  equation  are  obtained 
by  fitting  the  opening  functions  used  by  the  models  to  the 
expcnmental  data  collected  m  the  CA  tests  It  was  necessary  to 
select  a  given  range  of  data,  smee  the  linear  behaviour  in  a  log- 
log  plot  is  relevant  only  to  the  Pans  region  Sensitivity  tests 
were  earned  out.  by  varying  the  range  of  crack  growth  rates 
considered  for  the  evaluation  of  the  parameters  C  and  ni  It  is 
worthwhile  pointing  out  that  the  related  variations  of  C  and  m 
may  be  such  to  influence  considerably  the  models  predictions 
1his  fact  highlights  the  need  for  a  clear  and  well-defined 
procedure  to  obtain  the  values  of  the  constants  of  the  crack 
propagalKm  law  from  test  data  for  a  correct  prediction  (in  the 
sense  of  consistency  with  the  model  logic  strudure).  'I'hercforc. 
the  data  relevant  to  crack  growth  rates  included  hetweem  lO*^ 
and  10*^  mm/cvcle  were  selected  Ihe  following  constants  were 
obtained  (units  MPavm,  mm/cycle) 

ONERA  model  m=2  857,  C=9  415  x  lO''', 

PREFFAS  mode!  m=2  780,  C=6  327  x  lO  l 

while  from  data  in  the  literature,  it  was  assumed 

CORPUS  model  (|3I.51|)  m=3,7,C-l  26x  lo’, 

ONERA  model (|29|)  m=3  0,  C=8  92  x  Id 
PREFFAS  model  m=3  7,  C,=l  53M  x  Id  *  for  R“0  I  (|49|), 
opening  function  constants  A=0  55  and  13=0  44  (|25|),  hence 
m=3  7,  C=9.92  X  Id  * 

As  far  as  the  PREH  AS  model  i.s  concerned,  this  method 
would  prove  not  to  be  stnctlv  applicable  for  the  matenal  and 
the  thickness  under  examination  according  to  {23-25|.  one 
should  find  that  the  expcnmental  data  from  R=()  1  and  R=()  1 
plus  OL  tests  provide  two  parallel  data  fit  lines  on  a  da/dN  - 
.\K  log-log  graph,  but  that  was  not  obtained  in  the  present  ca.se, 
as  may  be  observed  from  fig  7  IhercTorc,  following  the  logic 
approach  of  the  model,  the  values  suggested  b\  Uic  model's 
authors  were  used  for  the  constants  A  and  M.  while  the  slope  m 
was  given  the  value  pertinent  to  CA  lesl.s  with  1<^)  1.  C  is 
denved  from  the  A,  13  and  m  values 

5.3  Comparison  of  the  experimental  and  analytical 
crack  growth  predictions 

Ihe  first  point  taken  into  con.sidcration  is  Uie  influence  of 
input  data  on  predictions;  Figs  8  show  some  of  the  results  for 
flight-by-llight  spectra,  mly  one  stie.ss  level,  i  c  the  one  with 
the  greater  number  of  test  curves,  was  selected  As  can  be  seen, 
the  effect  of  the  input  parameters  for  the  dcr>cnption  of  the 
crack  growth  law  is  ditTerent,  according  to  the  model  taken  into 
consideration  As  far  as  the  CORPUS  model  is  concerned,  the 
ctfect  IS  negligible,  notwithstanding  the  fact  that,  as  (ar  as  the 
input  of  data  from  the  literature  (LD  in  the  figs  )  is  concerned, 
an  Elber  law*  was  u.scd,  while  an  interpolation  procedure  was 
used  fw  the  present  test  data  ( FD)  input  On  the  contrary,  for 
the  PREFFAS  model  considerable  impiovcmcnts  in  the 


m 
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accuracy  of  the  predictions  can  be  observed  for  ail  the  spectra 
considered,  using  the  matenal  constants  obtained  according  to 
the  above  mentioned  procedure  Instead,  the  predictions 
obtained  by  means  of  the  ONERA  model,  in  the  case  of  simple 
VA  loading,  show  a  noteworthy  decrease  in  accuracy,  even 
though  for  these  spectra  they  were  already  poor  Calculations, 
carried  out  in  the  course  of  the  investigation  but  not  reported  m 
this  paper,  ^owed  this  method  is  particularly  sensitive  to  the 
crack  growth  law  the  use  of  a  best-fit  Elber  law  obtained  on 
data  relevant  to  crack  growth  rates  up  to  10'^  mm/cycle 
resulted  in  considerable  prediction  dilTercnces  This  was 
attributed  to  the  change  in  the  slope  of  the  best-fit  line  that 
produces  differences  in  the  evaluation  of  the  crack  growth  for 
small  AK^^,  which  very  often  occur  in  a  *gust  dominated” 
spectrum  Besides,  differences  in  crack  increments  are  also 
related  to  differences  in  the  memory  effects 

For  a  deeper  understanding  of  the  relevant  ments  of  the 
three  opening  models,  a  comparison  was  made  between 
predictions  and  test  results  as  far  as  the  average  crack  growth 
rate  in  a  block,  as  a  function  of  crack  length,  is  concerned  Figs 
9  show  some  of  the  results  it  is  clevly  evident  that  predictions 
based  on  present  test  data  (TI))  are  slightly  closer  to  the 
expenmental  data  than  those  obtained  using  data  from  the 
literature  data  (I  D)  Fig  9a.  relevant  tc  the  MiniTWIST 
spectrum  with  =  65  MPa,  is  particularly  interesting 
CORPUS  predictions  are  the  only  ones  capable  of  following  the 
trend  of  the  experimental  results,  while  all  the  other  methods 
predict  an  average  crack  growth  rate  which  increases  linearly  in 
a  log  plot  Therefore,  for  small  crack  lengths  such  methods 
under-estimate  the  growth  rate,  while  for  large  crack  lengths 
the  opposite  ccciirs  in  other  words,  compensating  mistakes 
ma\  occur  in  the  evaluation  of  the  number  of  tlights  required 
fur  a  given  crack  growth  interval 

As  Tar  as  the  executive  aircraft  spectrum  is  concerned,  as 
alrcadv  specified,  it  has  certain  characteristics  that  make  it 
ditTcrent  from  the  others  relatively  few  interaction  elTcxts,  a 
light  ground  stress  and  short  tlights  As  a  consequcntce,  the 
maximum  peak  in  the  s})cctnim  coinpleteK  controls  the 
opening  stress  evolution  The  logic  of  most  models  recognizes 
the  features  of  such  a  spectrum  as  being  similar  to  those  of  a 
block  spectrum,  this  is  mamly  the  reason  why  the  CORPUS 
predictions  are  less  similar  to  test  data  than  in  the  case  of  the 
Minii'Vr'lST  spectrum,  fig  9c 

The  simplified  Va  spectra  had  ’  ,wn  chosen  in  a  manner 
that  proved  to  be  too  mild'  the  delay  effect  was  too  small  and 
the  tests  were  almost  completely  C'A  tests  It  is  interesting  to 
note  that  also  in  this  case  CORPUS  predictions  arc  not  verv 
accurate,  tig  9d,  in  these  tests  the  crack  grows  for  a  long  period 
m  plane  strain  conditions 

'ITic  acTonaulical  industry  muinlv  rc*quircs  crack  growth 
models  for  the  as.ses.snienl  of  inspection  intervals  it  is  quite 
important  for  a  m^xicl  to  provide  estimates  that  aie  independent 
ot  spectnim  and  track  interval  llierefore,  the  use  of  log  nonnal 
plots  of  the  random  variable  for  a  s<?lectcd  interval 

w;is  considered  to  be  useful  for  a  practical  evaluation  of  the 
reliability  of  crack  growth  models  I  wo  intervals  were  selected 
fd)  from  the  initial  crack  length  to  12  mm  and  (b)  from  the 
nnliai  crack  length  to  25  mm  A  number  of  results  are  shown  m 
figs  H)  It  is  impc^rlant  ’o  point  out  that  PKI!I'I  AS  model 
icsnlts  show  the  lowest  scatter  and  a  reasonably  log-normal 
distribution,  while  the  results  of  CORPUS  do  not  seem  to 
belong  to  a  unique  distribution  For  comparison,  data  from  j-lvi 
are  also  shown,  suen  results  are  from  various  spectra  (included 
Mint  TWIST.  T27.  T'AFSTAFF.  and  their  variations,  all  of  them 
for  dift'erent  stress  Icveb)  and  refer  to  track  growth  intervals 
ditVerent  from  those  considered  m  this  paper  lliese  results  arc 
much  belter  than  the  present  ones,  both  from  the  point  of  view 
of  die  mean  value  and  the  scatter  Anvhow  ,  the  present  results 
relevant  to  the  MunlWl.Sl  s|KX'trum  Jire  quite  consistent  with 


literature  data,  while  the  results  from  the  other  spectra  seem  to 
belong  to  a  ditTcrent  distribution  A  possible  reason  for  this 
behaviour  is  assumed  to  be  that  such  results  refer  to  tests  where 
the  crack  propagated  for  a  long  perio*!  in  plane  stress 
conditicns,  which  is  a  situation  where  the  CORi’US  model 
works  very  well 

The  results  relevant  to  the  Generalized  Willcnborg  model 
are  shown  in  fig  lOd,  in  general,  the  predictions  are 
conservative  and  the  scatter  of  the  results  of  this  rather  simple 
model  is  not  hi^er  than  the  one  of  other  models 

S.4  Some  simple  modiflcalioos  to  the  models 

Some  modiHcations  were  made  to  the  models  to  assess 
the  possibility  of  extending  their  capabilities  or  in  an  attempt  fo 
improve  their  accuracy 

In  particular,  tlK  PREFFAS  program  was  modified,  as 
already  done  in  (49),  in  order  to  take  each  of  the  foilowmg 
aspects  into  account  separately 

(a)  disregarding  the  effects  of  ram-flow  on  the  ^.‘ff  history, 

(b)  extreme  simplification  of  the  mcmiory  effect  hy  keeping  the 
opening  stress  constant  in  the  whole  spectnim,  relating  the  max 
peak  to  the  minimum  stress,  which  is  posed  by  tlie  m<^cl  <:x)ual 
to  zero 

The  modifications  introduced  did  not  produce  signPcant 
changes  in  the  remits,  as  shown  in  fig  i  i ,  relevant  to  the 
MinilAVlST  spectnim.  Sj^  =  65  MPa.  where  the  prc'fJictions 
relevant  to  the  modifications  are  scarceK  distinguishable  The 
conclusion  is  that  such  modifications  arc  vc  little  help, 
because  the  model  contains  certain  scmi-cmpincai  'onstants 
that  allow  a  balancing  of  over-  and  under-cstimates  in  vanous 
parts  of  the  spectrum 

The  CORPUS  model  is  the  one  that  receives  most  credit 
since  It  IS  able  to  simulate  most  of  the  interaction  elTecLs  The 
results  of  the  present  investigation  revealed  a  certain  lack  of 
accuracy  in  those  cases  whc*re  a  large  part  of  the  c.ack  growth 
occurs  in  plane  strain  conditions  The  spectra  used  m  the  test 
program  are  quite  'mild',  which  has  delayed  the  transition  to 
plane  stress  conditions  The  onginal  CORPUS  model  lakes  the 
traiismon  mto  account  only  bv  varying  the  si/e  of  the  plastic 
zone,  in  this  was.  the  initial  part  of  the  crack  growth  curve 
undergoes  a  small  adjustment  hut  does  not  foliuv*  too  faithfully 
the  test  curve  In  the  attempt  to  obtain  a  better  pteJitiion  in  this 
area,  and  following  indications  of  recent  papers  by  Newman 
|^6{  and  Wang  (50),  a  modification  was  introduced  in  the 
computer  program  b\  changing  the  condition  relevant  to  the 
beginning  and  completion  of  the  transition,  which  is  expressed 
bs  two  values  of  and  bs  using  a  specific  opening  function 
lor  plane  strain  conditions,  namely  the  one  proposed  in  |5 1 1  A 
number  of  results  arc  shown  in  fig  1 2  an  appreciable  luftncncc 
can  be  observed,  which  indicates  that  this  is  an  nn{X)rl;int  point 

6  -  SUMMARY  AND  CONCLUSIONS 

A  p'searcb  progiaiii  is  in  progress  at  the  Department  of 
Aerospace  I'ngincernig  ol  the  Uinvcfsity  ol  Pisa  concerning  Uie 
assessment  of  cunentK  available  cra^k  growth  prediction 
methods  Ihe  cxpcnmenlal  part  of  the  resoartli  is  carried  out 
on  2024- lA  Alclad  allov.  lest  results  muter  CA  and  VA  loading 
have  been  obtained,  to  be  used  as  a  lest  case  for  the  models 
I'arlicular  attention  has  been  devoted  lO  the  nuxlels  based  on 
the  crack  opening  phenomenon  and  in  some  cases  atten.pts 
have  been  made  to  nuxlifv  tliose  aspects,  which  arc  supfxised 
not  to  be  covered  udeipiatelv  b\  the  ni'xlels 

In  [larticiihu,  the  following  is  a  suiniiiaA  of  oiu 
conclusions 

(aj  CA  test  results  obtained  in  the  present  investigation  are 
fairlv  consistent  with  similar  results  available  in  the  liteniture. 
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(b)  the  influence  of  the  use  of  present  test  datn  instead  of  data 
in  the  literature  is  relatively  small  in  the  case  of  CORPUS, 
while  the  changes  in  the  predictions  obtained  with  PREFFAS 
have  shown  the  importance  of  the  range  of  data  selected  for 
obtaining  the  constants  C  and  m, 

(c)  the  CORPUS  model,  mainly  for  the  MiniTWlST  spectrum 
but  to  a  minor  extent  for  other  spectra,  too,  is  capable  of 
providing  the  same  trend  of  c^k  growth  rates  in  relation  to 
crack  length  as  the  test  data,  this  is  attributed  to  the  more 
complex  logic  of  CORPUS  and  is  better  simulated  in  the  case 
of  spectra  with  a  short  period  of  plane  strain  conditions; 

(d)  a  relatively  simple  method,  like  PREFFAS,  is  able  to 
provide  the  industrial  designer  with  virtually  good  estimates  of 
crack  growth  interval  ratios,  in  a  significant  range  of  spectrum 
and  stress  level, 

(e)  the  Generalized  Willenborg  model,  still  widely  used,  even 
though  based  on  a  rough  modelling  of  the  crack  growth 
phenomenon,  provides  in  general  conservative  results,  with  a 
scatter  not  larger  than  the  one  of  the  other  methods  Similar 
conclusions  can  be  drawn  for  the  Wheeler  model,  which  is  not, 
stnetiv  speaking,  a  'prediction'  method,  since  it  needs  to  be 
tuned  on  the  basis  of  the  results  of  some  tests,  which  anvhow 
n,usl  always  be  carried  out  to  validate  the  analysis. 

(f)  some  simple  modifications  nave  been  made  to  PRliKFAS, 
with  negligible  effects  on  the  predictions, 

(g)  the  transition  from  plane  strain  to  plane  stress  conditions 
seems  to  play  an  important  role,  a  better  description  should  be 
introduced  in  the  models,  since  its  elTect  is  important, 
particularly  for  'mild'  spectra 
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Tap  ]  *  Ccwnpanson  of  various  crack  (^lemng  models,  from  [5]. 


Fig  1  -  Superimposition  of  ihe  two  clasli'^  stress  fic'ds  for  the  slnp  yield  model  analysis,  from  [3C 


Fig  2  -  Previous  cycles  effects  on  the  current  opening  stress  according  to  the  PRF.FFAS  modei,  from  (43( 


Fig  4  -  Results  of  the  simple  VA  lowling  tests 
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Fig  7  -  Block  test  results  for  parameters  evaluation 
according  to  the  PRF.FFAS  model 
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Fig.  8d  -  Comparison  of  experimental 
results  (executive  aircraft  spectrum, 
Si„^=lM  MPa)  with  predictions 
obtained  by  means  of  yield  zone 
models. 
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Fig  -  Comparison  of  experimental 
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using  different  input  data  for  material 
properties. 
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Fig  9a  -  Companson  of  experimental  (miniTWlST, 

Kffa)  with  predicted  crack  growth  rales  obtained  by  means  of 
crack  opening  models  using  dirferenl  input  data  for  malenal 
propaties 
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Fig  9c  -  Comparison  of  experimental  (executive  aircraft 
spectnim,  S,^=lfl0  MPa)  with  predicted  crack  growth  rates 
obtained  by  means  of  crack  opening  models  using  difTerenl  input 
data  for  matenal  properties 
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MPa)  with  predicted  crack  growth  rates  obtained  by  means  of 
yield  zone  models 
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Fig  12  -  FfTccts  of  variation  of  plane  strain/plane  stress  transition  range  in  the  C'ORJ’US  model 
(SI  =  start  transition,  FT'  =  end  transition) 
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SUMMARY 

Experimental  measiuement  and  neural  netw^^k  based 
prediction  of  wind  tunnel  model  empennage  random 
pressures  are  discussed.  Artificially  generated  neural 
network  power  spectral  densities  of  surface  pressures  are 
used  to  augment  existing  data  and  then  load  an  elastic  finite 
element  model  to  obtain  response  spcctrums.  Details  on  the 
use  of  actual  response  spcctrums  from  flight  test  data  are 
also  discussed.  A  random  spectra  fatigue  method  is 
described  which  e^ectivcly  combines  buffet  and  maneuver 
loads  into  a  time  scries  based  on  aircraft  usage  data.  A 
p>cak-vallcy  damage  analysis  procedure  is  employed  to 
compute  the  aggregate  fatigue  life  of  the  structure  based  on 
the  combined  load  time  scries  information.  Applications  of 
the  method  as  a  continual  learning  tool  for  buffet  response 
spectra  is  elaborated. 

LlSrOF  SYMBOLS 


AOA 

Angle  of  Attack  (degrees) 

F 

Frequency  (H/.) 

F(n) 

Contribution  to  power  spectrum  of  p^/q" 
in  frequency  band  n 

HCNN 

Hybrid  Cascading  Neural  Network 

L 

Charactensuc  Length  Scale 

Mrb 

Root  Bending  Moment  (in-#) 

Wrb 

Nondimensional  Root  Bending  Moment 

MDA 

McDonnell  Douglas  Aerospace 

MLP 

Multi-Layer  Pcrccptron 

n 

Nondimensional  Frequency  Parameter 
f  LAJ 

NASA 

National  Aeronautics  and  Space 
Administration 

P 

),'C5sure  (PSl) 

PSD 

Power  Spectral  Density 

q.Q 

Dynamic  pressure  (PSF) 

RBF 

Radial  Basis  Function 

RMS 

K(M)t  Mean  Square 

U 

Free  Stream  Velocity  (irv'scc) 

NOTE: 

Bar  over  symbol  means  RMS  value. 

LJNTRQDLCTIQN 

Aerodynamic  vortices  develop  from  the  leading  edge's  of 
fighter  aircraft  during  high  anglc-of  attack  maneuvers. 

These  vortices  impinge  upon  portions  of  the  aircraft 
structure  causing  high  frequency  vibrations.  The  high 
frequency  vibrations,  known  as  buffet,  induce  dynamic 
stresses  into  the  siructuit,  which  in  turn,  cause  rapid 
accumulation  of  fatigue  damage.  Figure  1  shows 
aerodynamic  vortices  originating  from  a  forward  position  on 
the  aircraft  crating  buffet  loading  on  the  aft  portion. 


Because  future  aircraft  will  be  more  maneuverable,  they 
may  be  subjected  to  even  more  severe  buffet  environments. 
Buffet  toads,  therefore,  should  be  included  with  maneuver 
loads  in  preliminary  aircraft  design  to  prevent  early  fatigue 
damage  and  reduce  maintenance  costs.  The  ability  to 
accurately  predict  random  pressure  environments  on  the 
empennage  of  a  fighter  aircraft  in  the  advanced  design  stage 
has  been  quite  difficult  due  to  the  complexity  of  the 
interaction  between  the  aircraft  geomclry,  flow  field,  vortex 
path,  and  empennage  structure.  While  existing  aircraft  test 
data  can  provide  an  estimate  of  these  dynamic  and  static 
load  environments,  more  accurate  and  robust  prediction 
methods  must  be  addressed  to  avoid  costly  post-prcxluction 
repairs. 

To  be  able  to  accurately  predict  the  fatigue  life  of  aircraft 
structures  exposed  to  buffeting  environments,  detailed  flight 
test  or  wind  tunnel  response  data  must  be  obtained.  Project 
limitations  and  time  constraints  do  not  always  allow  for  the 
gathering  of  this  detailed  information  at  all  possible  Q  and 
AOA  conditions.  To  alleviate  this  problem  a  neural 
network  based  learning  algorithm  has  been  investigated  for 
possible  use  in  augmenting  this  information  which  is 
required  for  fatigue  life  calculations. 

Since  empennage  environments  on  fighter  aircraft  arc  a 
complex  comtnnation  of  dynamic  loads  and  static  maneuver 
loads,  the  neural  network  generated  PSD’s  arc  combined 
with  maneuver  load  spcctrums  to  form  a  total  fatigue 
spectrum,  fhe  load  history  is  then  used  for  a  [)cak  valley 
analysis  to  compute  crack  initiation  and  crack  grow  th 
fatigue  lives. 

2.  BIFFET  ENVIRONMENT  MOOKLlNt; 

In  1987  a  uxipcraiivc  research  effort  between  NASA  LaRC 
and  MDA  was  initiated  to  study  the  effcct.s  of  vortex- tail 
interacuon  process  for  a  76  degree  delta  wmg  with  twin 
verticil  tails  placed  aft  of  the  wing  (Kef.  1 ).  The  twin  tails 
are  illustrated  in  Figure  2.  This  getimetrically  simple 
configuration  was  chosoi  for  this  initial  investigation  into 
buffet  environment  modeling  because  it  contained  the 
(KFtincnt  physics  involved  in  the  vortex  tail  interaction 
process  and  reduced  undesired  aircraft  gc(;melric  influences. 
The  experimental  investigation  measured  Nil);  die  RMS 
magnitude  and  frequency  of  die  rigid  tail  pressures  as  well 
as  the  bending  and  torsion  moments  of  die  flexible  tail  for 
various  Q.  AOA  and  tail  position.s. 

This  set  of  test  data  was  chosen  as  the  first  test  bed  for 
using  a  buffet  environment  neural  network  iiukIcI  before 
implementation  on  actual  aircraft  flighi  test  data  The 
approach  was  to  create  a  neural  network  nnxlcl  of  the  rigid 
|>ressurc  loads  on  the  empennage  stniclure  and  then  u.se 


I'n-stnied  at  an  A(i\RI> \fcfitniion  An  Asu’ssrnvni  <tl  lalinuc  ihimaiiv  aml(  nuk  (innxth  I'rniu  m>n  lt\  hnu^nrx'. 
Svptetnhfr  /W.f 


these  loads  for  finite  element  analysis  of  flexible  tail 
response.  In  this  manner,  the  neural  network  system 
verifies  the  pressure  field  model  and  its  ability  to  predict 
and  correlate  flexible  response  with  wind  tunnel  data. 
Eventually,  the  method  will  he  used  to  model  actual  full 
scale  night  lest  empennage  response  data. 

Figure  3  represents  the  RMS  buffet  pressures  near  the  tip  of 
the  rigid  tail  and  the  RMS  bending  moments  of  the  Hexiblc 
tail  for  inboard  and  outboard  tail  locations  as  ('liservod 
during  the  NASA/MDA  lest  program.  The  RMS  buffet 
prc.ssurc  and  the  RMS  bending  moment  exhibited  similar 
trends  as  the  angle  of  attack  was  increased.  Near  30°  angle 
of  attack  there  was  significant  increase  in  the  buffeting 
levels  for  both  tail  positions.  These  highly  nonlinear 
changes  in  the  RMS  pressures  and  bending  moment 
responses  arc  typical  of  empennage  strucnircs  exposed  to 
buffet  environmenLs,  A  distinct  change  in  frequency  content 
of  the  pressures  was  also  observed  as  the  angle  of  attack 
was  changed  (Figure  4).  The  peaks  represent  coherent 
fluciuaiiotis  in  the  How  and  arc  extremely  difficult  to 
predict  even  with  uxlay's  nuKlcm  CFD  melh(nls  hut  are 
imptirianl  for  accurate  fatigue  life  prikliciion''. 

The  data  gathered  during  this  joint  NASA/MDA  progrim  in 
ri.nilar  to  that  of  previous  model  and  full  scale  tests. 

Several  investigators  have  developed  techniques  to 
nondimcnsionali/e  both  rigid  and  flexible  resix>nse 
information  into  u.sahlc  quantities.  However,  those 
techniques  lack  the  ability  to  effectively  extrapolate  toother 
test  conditions  or  c<mfigurations  not  invesligataj  (Ret.  2.3). 
Attempting  U)  u.se  traditional  regression  techniques  to  nuxlel 
this  type  of  huffet  data  is  extremely  difficult  due  to  the 
mu‘’*'ple  number  of  noisy  parameters  that  interact  in  a  non¬ 
linear  n..i;.r.cr  ^Rcf  4),  Mowever.  neural  nctwork.s  arc 
cstKcially  adept  at  nuvleling  this  kind  of  data  because  their 
intcT-tvmnecled  algorithms  can  accommixlaic  these 
nonlincarilies,  l*hey  can  generally  he  defined  as  massively 
umncctcd.  massively  parallel  networks  with  the  ability  to 
leant.  One  of  their  most  imp(»riant  characteristics  is  the 
ability  to  gcncTalize  from  the  data  they  have  already  seen, 
which  makes  them  a  good  candidate  for  mulcling  the  sparse 
huffet  data  (Ref,  5). 

Tile  details  on  the  evalualiitn  of  sjxcific  neural  neiwtuk 
aiehiieciure’s  to  mo»lcl  the  huffet  data  can  be  fimnd  in 
Reference  ft.  Thi.s  pajter  will  only  show  the  applUahit.;;,  of 
the  ineihid  fiir  generation  of  PSD  stvcirums  which  can  Ik 
used  for  a  combined  loads  fatigue  analyses, 

It  is  desired  to  prcilicl  tlie  PSD  pressure  of  the  aircraft 
enijvnnage.  caased  by  upsimani  vortex  impingement,  as  a 
function  of  free  stream  dynamic  pressure,  angle  of  allji-k. 
tail  chord  and  span  hx’aiion  of  the  pressure  sensors,  and 
positions  of  the  rigid  tail  relative  to  the  delta  wing.  In  total, 
three  dynamic  pressures  rangin^r  fn»m  3.3  U)  7.7  PSF.  fifteen 

angles  of  atuu  k  ranging  (•  -It)  fis^-  v*rwV 

ptisuion.s,  AO  tail  positions,  and  49  frequency  bands  weie. 
conibmaj  U)  form  7350  iiipul'ouiput  pairs.  13ie  neural 
network  architecture  dcveliMvd  to  model  this  data  is  shown 
m  Figure  5  A  combination  of  two  types  of  networks  were 
AiciJ  w  1  ttm  xioixl  ti(  1  Mylo  ( 

(Ref.  7)  and  a  Radial  Ba.sis  Function  (RBF)  (Ref.  S).  T7ie 
overall  network  is  called  a  Hybrid  ca.scading  Neuial 


Network  (HCNN)  The  HCNN  accounts  for  the  wide 
variation  of  PSD  magnitudes  between  low  and  high  angles 
of  attack  by  employing  a  scaling  meth<xi  which  allows  for 
equal  emphasis  of  all  training  data. 

Prediclions  of  this  network  as  compared  to  the  actual  test 
data  is  shown  in  Figure  6  for  ?  few  representative  angles  of 
attack  Its  ability  to  maintain  the  ctmcei  shape  and  identify 
modes  in  the  PSD  make  'ts  increased  complexity 
worthwhile  Individual  frequency  PSD  values  varial  by 
approximately  10%  for  the  trained  data.  However,  the 
inlcgratul overall  RMS  values  wtTC  within  5%  ol  the  lest 
results. 

3.  BL  FTF.T  RESPONSE  SPECTRA  (iEVKRATION 

In  general,  bending  moment  n'spon.se  of  an  empennage 
structure  is  directly  obtained  from  full  scale  fliglil  lest  data 
and  used  for  subsequent  fatigue  calculations  Since  the 
neural  network  was  trained  with  rigid  pressure  wind  tunnel 
data,  flcxihie  response  information  wa.s  still  requited  for  use 
in  fatigue  calculations.  To  demonstrate  this,  and  to 
correlate  with  the  resjxmse  t*f  the  tlcxihlc  fail  in  the  wind 
tunnel,  a  finite  element  mtxle!  was  constructed  of  ilie 
flexible  tail.  The  details  of  the  nuxlel  arc  discussed  in 
Reference  6.  The  neuial  network  nuxlel  of  the  pressure 
environment  was  used  to  generate  pressures  over  the  entire 
surface  of  the  tail  to  supply  refined  pressure  di.strihutions  to 
the  finite  element  mixiel.  The  neural  network  pn)vides  an 
unbiased  mcth<xl  of  di.siributing  pressures  measured  at  only 
five  (x»inis  the  tail  over  the  entire  surl  ace  of  the  tail  The 
level  of  icsoliJlion  which  is  obtainable  for  the  pressure  field 
i.s  illu.\tratcd  in  Figure  7.  Two  sets  of  random  forced 
response  solutums  were  run  on  the  NASTRAN  finite 
clement  mtxlcl.  The  first  set  consisted  of  a  segmented  grid 
i»f  pressures  which  were  simply  a  PSD  value  fiom  one  of  the 
five  sensors  based  on  the  best  guess  distribution  of  the 
model  lest  data.  The  second  set  used  unique  PSD 
mfomiaiion  for  each  grid  based  on  the  neural  network 
predItiMm.  Solutions  were  run  for  AOA‘s  from  20°  to  4(P 
and  the  results  are  shown  for  both  Liil  positions  iFig.  S), 

The  neural  network  has  comparable  result.s  as  ilui  of  the 
use  of  the  lest  data  directly.  An  important  benefit  of  the 
neural  network  appri>ach  is  its  ability  to  continue  learning 
with  more  infiirmaUon  without  re  training  the  whole  system 
Hu-,  can  Ik  very  advantageous  fi>r  incorjxtraiing  nuiliiple 
flight  »esi  d.ila  over  Uic  lifetime  of  an  aili-r.ifi. 

Ihc  niclhixl  descnlKd  in  the  preceilmg  p.iragr.iplis  is  a 
general  approach  to  imxlcling  sparse  buffet  l)pe  d.tta,  Ihis 
methtxl  can  be  employed  in  a  similar  manner  on  aetual 
flight  lest  resjxmsc  data  as  is  illustrated  in  Figure  9,  In  the 
future,  autonutcil  prixedures  will  download  flight  lest 
respimse  data  directly  inU)  a  learning  algonilim.  such  a.s 
described  within.  Ii»  fill  in  missing  P.SD  information  for 
•iSrt  n  a  3  Al  JA  nrnUiiift  i  u  wr*tl4«  rw 
aircraft  designers  with  a  valuable  tool 


res|xmsc  must  be  characten/ed  in  terms  of  a  stress  history. 
Tlic  fii  d  step  is  to  generate  a  PSD  curve  at  each  AO  A  Q 
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condition  using  the  neural  network  method.  A  random 
buffet  load  history  is  then  generated  for  each  PSD.  The 
load  history  is  obtained  by  using  a  random  number 
generator  to  select  points  on  the  PSD  curve.  These  points 
defmed  a  random  sequence  of  load  levels.  Fatigue  analysis 
requires  only  the  peaks  and  valleys  of  each  load  cycle. 
Therefore,  the  peak  and  valley  history  are  extracted  from 
the  random  sequertce  of  load  levels. 

Next,  the  steady  stale  load  experienced  by  the  structure  at 
each  AOA  Q  condition  needs  to  be  superimposed  with  the 
bu^et  loads. 

The  buffet  information  must  be  organized  into  a  scries  of 
high  angle-of  attack  maneuvers  which  represent  the  way 
aircraft  fly.  Right  test  data  indicate  that  as  an  aircraft 
increases  its  angle  of  attack,  the  Mach  number  and 
corresponding  dynamic  pressure  drop.  The  angle  of  attack 
decreases  as  the  maneuver  ends,  and  in  general,  the  Mach 
number  and  dynamic  pressure  remain  at  or  near  the  lowest 
level  experienced  (Ref.  9). 

In  a  possible  model  of  high  angle-of*altack  maneuvers,  the 
angle-of  attack  during  each  maneuver  is  ordered  in  a  low- 
high-low  sequence.  The  corresponding  buffet  and  steady 
state  loads  occurring  at  each  AOA-Q  condition  are  then 
ordered  as  illustrated  in  Figure  10.  The  duration  at  each 
AOA-Q  condition  is  determined  from  fleet  usage  data  which 
describes  the  amount  of  lime  aircraft  spend  at  various 
anglcs-of-attack  and  dynamic  pressure  levels. 

If  low  angle-of-attack  maneuvers  occur,  they  may  induce 
steady  state  loads  without  buffet.  These  loads  can  be 
included  as  a  separate  block  of  cycles  or  they  can  be 
included  at  the  beginning  and  at  the  end  of  each  flight. 

These  two  options  are  illustrated  in  Figure  1 1 . 

The  final  step  is  to  convert  the  load  history  to  a  stress 
history  using  standard  stress  analysis  procedures.  Tlicy  can 
make  use  of  strength  of  material  equations  or  finite  element 
methods. 

5.CQMBLNED  LOADS  FATIGUE  ANALYSIS 

Buffet  cycles  occur  in  large  number  because  of  their  high 
frequency  relative  ;o  steady  stale  loads.  In  the  analysis  and 
verification  of  fatigue  life,  these  large  numbers  can 
contribute  to  long  test  times.  Two  methods  exist  fur 
decreasing  the  number  of  cycles  in  the  buffet  stress  histories 
described  in  the  various  section  (Ref.  9).  ()nc  technique  is 
to  simply  eliminate  small  cycles  that  do  not  cause  much 
damage  compared  to  the  rest  of  the  stress  cycles,  is  typically 
called  truncation  and  is  illustrated  in  Figure  12. 

In  the  second  pr(x;edurc  for  reducing  the  spectrum,  stress 
cycles  with  similar  amplitudes  and  peak  stress  level  are 
grouped  into  "blocks".  A  reduction  in  spectrum  size  can  be 
obtained  by  replacing  blocks  uf  constant  amplitude  cycles 
with  larger  amplitude  blocks  amtaining  fewer  cycles.  The 
value  of  each  peak  stress  is  held  constant,  hut  the  amplitude 
is  increased  so  that  the  new  spectrum  is  predicted  to  do  the 
same  fatigue  damage  as  the  original  spectrum.  Figure  1 3 
illustrates  an  example  of  this  method.  In  the  figure,  110 
cycles  have  been  replaced  with  55  cycles  which  cause  the 


same  damage.  This  procedure  is  effective,  but  needs  to  be 
verified  for  the  particular  application,  because  excessive 
reductions  in  the  number  of  cycles  can  lead  to  inaccurate 
results. 

Once  the  stress  history  has  been  determined  and  the  number 
of  cycles  reduced  with  the  above  procedures,  the  fatigue  life 
can  be  predicted.  The  total  fatigue  life  is  composed  of  a 
period  needed  to  initiate  the  fatigue  cracks  and  the 
remaining  life  needed  to  propagate  these  cracks  until  failure 
of  the  strucnire  occun. 

Crack  initiation  predictions  use  stress  versus  life  (S-N) 
curves  for  the  materials.  The  stress  for  each  load  cycle 
causes  fatigue  damage  which  can  be  computed  with  the 
S-N  curve.  The  damage  is  added  using  cumulative  damage 
procedures  such  as  Miner's  Rule.  Crack  growth  is  predicted 
using  crack  growth  rate  versus  stress  intensity  factor  (da/dN 
vs.  AK  curves  for  the  material).  The  stress  intensity  factor 
for  each  load  cycle  is  used  to  predict  the  crack  growth  rate. 
Crack  growth  is  predicted  by  adding  the  growth  predicted 
during  each  cycle.  In  both  segments  of  the  life,  the  presence 
of  buffet  stresses  cause  a  major  impact  on  the  total  life. 

One  area  of  particular  concern  is  the  superposition  of  buffet 
and  steady  state  loads.  The  fatigue  damage  caused  when 
buffet  and  steady  state  loads  occur  simultaneously  is  much 
greater  than  when  buffet  occurs  by  itself  (Fig.  14). 
Analytical  models  need  to  correctly  combine  dyitamk  and 
static  loads  n  order  to  predict  accurate  fatigue  life. 

The  results  of  including  these  combined  loads  into  the 
calculation  of  fatigue  life  is  illusixated  in  Figure  1 5.  In  this 
figure,  a  seri^  of  aluminum  test  specimens  were  tested  with 
various  combinations  of  load  spectra.  As  can  be  seen  in  the 
results  for  crack  initiation  and  crack  growth  life,  the 
structural  life  is  significantly  reduced  when  the  maneuver 
load  cycles  are  combined  with  the  random  buffet  load 
c7cles. 

6.  COXCLLDLNG  REMARKS 

A  method  has  been  esublished  which  utilizes  buffet 
response  PSD  airves  to  combine  with  static  loads  lor  a 
combined  spectrum  life  analysis.  Neural  network  learning 
algorithms  have  shown  the  ability  to  learn  and  then  augment 
sparse  huffetdata  for  needed  Q  AOA  conditions  Combining 
this  information  with  maneuver  load  time  histones  provides 
the  necessary  mromiati<m  to  perform  crack  initiation  and 
crack  growth  analysis  in  order  to  arrive  at  more  accurate 
fatigue  life  predictions.  Results  from  coupon  testing  shows 
that  structural  fatigue  life  is  greatly  reduced  when  buffet 
loads  are  included  wiUi  maneuver  load  cycles  in  the 
excitation  spectra.  The  random  PSD  method  for  fatigue  life 
prediction  is  cons^vative  when  compared  to  actual  flight 
lest  data  but  is  a  simplified  way  of  generating  flight-by- 
flight  spectra  for  test,  analysis,  and  design  (Ref.  9).  Future 
work  in  neural  network  modeling  and  fatigue  caused  by 
buffet  environments  will  include  the  effects  of  upstream 
geometry,  vortex  characteristics,  and  transient  maneuvers. 
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Figure  3.  NASA/MOA  Buffet  MOdel  Typical  Rigid  and  Flexible  RMS 
Responses  of  Vertical  Tails 


Figure  4.  Nondimensional  Frequency  Response  of  Rigid  Tails 
tor  Various  Anglos  of  Attack 
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Figure  6.  -  Comparison  of  Neural  Network  Generated  and  Experimental 
PSD  Curves  for  Various  Conditions 
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Figure  7.  -  Surface  Contours  of  RMS  Pressure  Using  Neural  Network 


Figure  8.  -  Comparison  of  Analytical  and  Experimental  Flexible  Response 
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Figure  9.  -  Coirbined  Buffet  Analysis  and  Fatigue  Life  Prediction  Procedure 
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Figure  13.  Example  of  Increased  Amplitude  Spectrum 


Figure  14.  Buffet  Load  Cycle  Incorporation  with  Maneuver  Loads 
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Figure  IS.  Comparison  of  Individual  vs  Combined  Load 
Fatigue  Lives  for  Experimental  Coupon  Tests 
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SUMMARY 

Fatifue  life  evaluation  has  been  perfonned  for 
fli(hl-by-fli(hl  loaded  coupons  and  real  aircraft 
structural  components  made  of  707S-T73SI  using 
the  local  strain  approach  and  a  fracture  mechanics 
baaed  parameter.  Results  show  that  ttus  appravch 
can  well  compete  with  the  tradHionally  used  nomi¬ 
nal  stress  approach.  The  advantages  are  a  better 
understanding  of  material's  fatigue  behaviour  and  a 
less  experimental  effort  required  for  the  detemiuu- 
tion  of  baseline  data  making  the  local  strain  appro¬ 
ach  inteiesting  also  for  redesign  within  aircraft 
mid-life  improvemem  updates. 


UST  OF  ABBREVIATIONS 


a 

crack  length 

a 

constraint  factor 

C 

constant  in  crack  growth  law 

D 

damage  sum 

E 

Young's  modulus 

e 

strain 

F, 

size  factor 

U 

stress  integral 

i 

J-integral 

K, 

fabgue  notch  factor 

K, 

stress  concentrabon  factor 

K 

cyclic  hardening  coeffiaem 

m 

exponent  in  crack  growth  law  and 
damage  parameter  life  curve 

MAFT 

major  aircraft  fatigue  test 

N 

number  of  cycles  to  intianon  of 
cracks  of  technical  size 

n 

cyclic  hardening  expoiiem 

P. 

J  based  damage  parameier 

P.WT 

Smith.  Watson.  Topper  damage 
parameier 

P.  Heuier  and  M.  VormwaM 

Induvtrieanlagen-Betriebvgesellschaft  mhH  (lABG) 
D-83.S21  Ottohrunn 
Germany 


0  coiKtant  m  damage  parameier  life 

curve 

q  exponent  in  Weibull-equation. 

related  to  stress 
R  stress  ratio 

S  nominal  stress 

a  stress 


I  INTRODUCTION 

In  Europe  fangue  assessmem  of  components  of 
military  aircraft  is  conventionally  performed  on  the 
basts  of  ptehmuuuy  parametric  fatigue  analyses 
foUoured  by  a  Itill-sciJe  fangue  test  Key  elements 
of  the  frtigtt-;  analysis  are  a  stress  concentrsbon 
factor,  stress  vs  fatigue  life  (S-N)  curves  for  joints 
and  coupons,  baseline  atrcrafl  fatigue  leads  spectra, 
load  cycle  countaig  algonthms  and  the  Palmgren- 
Miner  damage  accumulatioo  rule.  Based  co  these 
elements  components  ate  designed  where  assump¬ 
tions  have  to  be  made  when  understanding  of  real 
material  fangue  behaviour  is  still  not  fully  accom¬ 
plished.  These  assumptions  tlwiefoie  mainly  lequiie 
valrdation  ui  a  full-scale  fatigue  lesi 

A  melhodology  aiming  al  bener  undersianding  of 
ihe  fangue  behaviour  of  componerus  which  inevita¬ 
bly  contain  notches  has  been  given  with  the  local 
.strain  approach  According  lo  that  approach  notch 
root  stress-strain  ranges  are  calculated  and  u.sed  for 
cumulanve  damage  assessment  based  on  material 
fangue  data  Thus  ihe  failure  entenon  is  equivalent 
to  a  pven  'techrucal'  crack  sin  In  pnncqile  fan- 
gue-relevaiK  effects  resulting  from  mean  and  resi¬ 
dual  stresses,  difleieni  specimen  sizes  and  surface 
condibons  can  be  accounted  for  Vanous  vemons 
of  tlvt  local  strain  approach  pnnaple  have  been 
proposed  so  far.  yet  il  has  lo  be  acknowledged  that 
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Ibe  C(]iiiv3leiice  pfinciple  between  die  noiih  root 
ind  unnolciied  fpeoiiien  m  well  as  the  laear  acew- 
mulanon  of  btigne  dwway  ate  aapecis  wheie  an- 
provemems  aee  nil  leqwicd. 

Appbcauon  of  the  local  MiaHi  ajipfoacfa  to  aircnA 
stnictwies  has  been  lanaed  dnimi  the  past  |l^) 
Rcaaons  aidade  the  peometne  ccaiplexay  of  air- 
ciaA  stiactaeei  le  p.  nveted  jonast  nl  (he  aiflaea- 
ccofvafiotB  BMnifactaniif  (c.p  sarfkcticaBBeH) 
and  envttomiemal  le  |  conotiooi  etiecis  It  b 
iiaetcaiai(  to  note,  howevet.  dM  the  US  Nav> 
applies  dial  approach  for  asape  moaMonif  in  con- 
bmatna  widi  Ml  scale  lest  lesidis  |})  On  a  lese- 
arch  level,  other  examples  atclndr  imhes  on  lift 
prtdKtion  for  notched  2024  and  70)0  yecanetB 
(ONERAi.  fatipae  life  evalaanon  of  modifird  air- 
craA  sovctines  and  low  cvcie  falifur  rvahunon  of 
aitciafi  enpaie  pans  |4-0| 

The  uadmuiBl  nomaial  sness  approach  accaans 
for  faltfiae-irlevaia  effects  globally  by  lestuig  coai- 
penetas  for  detentiaianon  of  buehiir  S-N  carves 
The  icspiBes  a  large  amouia  of  componera  lesong 
and  pves  no  dueci  access  to  the  prevaihng  falifur 
mechamsms.  though  it  has  to  be  acknowledped  that 
often  a  detailed  madellmg  of  complex  aruciures  for 
fangiK  analyses  is  beyond  ihr  scope  of  practical 
applKanon 

It  IS  widely  accepted  that  a  mafor  pan  of  the  fati¬ 
gue  life  of  componeras  and  smiciuies  cooaisu  of 
growth  of  shon  cracks  wtach  may  nucleale  ai  a 
vety  early  stage  ui  life  followed  by  a  long  ctack 
stage  Tha  has  lesenlly  led  lo  Ibe  developmeta  of 
a  fractaie  mechanKs  based  damage  parameter  (7j 
applicable  withui  the  framewoik  of  local  nrain 
approach  concepts  considering  load  seifumoe-stnven 
opening  and  closure  of  shon  cracks  and  a  transteia 
fangue  limit  Thus  the  damage  parameter  follows 
an  effective  loading  parameiei  concept  <e()uivalent 
to  an  effective  uaci  dnsuia  paisnielci  used  in 
crack  propagation  models  >  and  a  more  realistic 
mixlelling  is  actaesed 

In  ordet  to  assess  and  validate  the  progress  aclue- 
ved.  predictions  for  a  sarKty  of  notched  7()7s. 
T7.tS|  alummium  coupons  undei  constant  amplitu¬ 
de  and  fighter  aircraft  spectnim  loaduig  are  piesen- 
led  and  discussed  Moieovei.  examples  of  real 
aircraft  components  selected  from  the  mayor  aircraft 
fatigue  lest  iMAFTi  of  Panavia’s  Tornado  fighiei 
aircraft  ate  included  in  order  lo  demonstnae  practi¬ 
cal  appbcabibty 


2  THE  AIRCRAFT  FATIGUF  DESIGN 
PROCESS 

Fangae  design  of  an  aucrafl  stiactaie  can  be  tonu- 
deied  as  an  aennon  process  between  namencal 
and  expel imenlal  fBigue  hfe  erataauon 

The  aanai  «ep  u  to  detemaaie  fangae  alowabtrs 
usaaly  m  temu  of  the  fanciian  of  aliowaHe  stms 
lasaally  miximam  sccssi  verts  K,  for  a  defiaied 
design  life  ander  a  given  load  tpectram  Tins  Mk. 
uon  IS  used  by  desipwra  as  a  gnadehae  lo  account 
fee  the  influence  of  fangae  m  a  hra  approach  K. 
salaes  for  dir  nrtches  widan  dir  ntcrafl  compiv 
nem  considned  are  raanjied 

A  drtaiiesl  anaissis  is  then  pettonne*!  im  a  numen 
cal  oasss  leg  M  faaie  tleaicni  analvsBi  lor  dir 
cntical  arras  of  the  airciafi  componmi  coashSrtril 
wbeir  IC-vaiars  can  now  hr  dritnaaad  morr  per 
early  Thu  can  lead  lo  K.-s  abacs  haghri  than  those 
deteramird  manailc  FiHthrmiocr  addmenal  aWoe 
manon  availaMe  m  dir  me  am  awe  ■«  ihr  load  Jn 
inbunon  leads  lo  changes  widan  ihr  load  sgwmaii 
wluch  iinalls  mas  rnparr  a  rrrsalualion  and  povu 
My  modificaiion  oi  langur  cniKal  pans  hrmg  dir 
second  siep  of  the  langur  drupi  pnxess 

tkafan  the  next  step  ihr  nuanrncally  rptim./rd 
aircrall  sinKtuir  is  validaMd  rxprnmmalls  ndiri 
hs  irsling  specific  cienpreims  or  in  a  fall  u.tk 
fangue  irsi  Areas  wiihan  Ihr  jiicrafi  suveture 
whrie  cracks  dreads  (xcur  Jurmg  ihr  rails  stsgr 
of  fangue  lesiaig  are  reanaly  red  with  rrsprd  lo  dir 
sliains  occunng  m  ihr  rrsrrvlisr  area  I  oad  Irsrls 
and  distnhulionc  are  mrasuied  in  >*rdri  to  ohsam  a 
moir  realicin  ••.'c-sv'ctraai  sriyurncr  Thr  nr»  ciresc 
srsyumcr  is  now  osrd  foi  a  numrrKai  lersaluano*) 
of  faugur  lilr  which  mas  rrvt  m  a  m'ldific atowi 
of  Ihr  aiicrifl  cimpeirnl  Fangue  Iractuie  occunng 
in  thr  lalrr  ciagr  i>l  ih<  'Irsign  hir  mas  fccjuirr 
mivhlicaiion  ot  ihr  aiidall  iixnp<nrni  ac  wiTI 

A  moir  ilcljilrs!  -F'cenprom  •»!  rcisSlichcd  latigiar 
assresmeni  pt.>cei|iirrs  fix  mihlars  aiuiali  i<  gisrn 

ir  (Hi 

<  RFIF\ANtT  OF  lMPfto\ff)  NOTITI 
FATItil  F  ASSbS.SSfFNT  Fx  )K  AIR 
I  RAFT  <  imPONFNTS 

Fatigue  IS  a  mayoi  leavm  for  failure  m  compieirnis 
ol  aiicrah  slnidurec  FoUowing  a  studs  perfomied 
by  lABti/DASA  around  ‘‘(>‘1  of  failures  ohsersed 
on  Tornado- MAIT  weir  •elaled  lo  fangue  An 


« 
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analyus  of  He  fitigue  fiilum  idnilifin  two  major 
(ro«|a  each  cootpnsng  ahota  half  of  the  failures 

Abom  OIK  half  is  lelaled  (o  faagur  faihires  lesul- 
tmg  from  faMcnen  nreh  «  nvets  or  bohs  For  such 
a  lype  of  failwes  He  local  snarn  approach  appears 
nor  lo  be  MHaMe  for  a  stmfenl  anesaaneta 

The  remanMif  approtmute  half  of  He  fatigue 
fariuies  houeset  are  not  idated  lo  faneners  and  are 
pruermal  areas  for  appbcauoo  of  a  local  nraHi 
baaed  evilnatHin  In  rrtropipeii  approunaKls  one 
thud  of  these  failut«.i  coaU  be  relattd  lo  non  slan- 
daid  surface  coaaliUorH  much  u/e  efircu  and 
daiuapr  srruusalsrum  piobksui  Aaoiher  Hurt  n 
due  lo  aauafiscieiH  knouledpr  of  ksuj  daunbutiori 
The  msaMHig  durd  les^icd  (mu  v  arums  effects 
such  m  si-f  hired  orach  leranemrs  vs'rmsson 
arul  sanous  others 

The  abme  jnaisiis  desuomtrjses  dial  areas  estsi 
uhete  du  deset  ipaseia  esd  applscamai  of  uh  arued 
locaf  uraui  btuesl  hie  precheuen  ipprr>akhrs  ifpean 
lo  hr  penaDnuig 


a  FSTABLiSKEll  FATK^  f  ASSfcSS 
MFVT  PHra-FrHhtS 

a  I  *s<auuuf  Screes  Agpmaib 

FaUfut  arses sase or  asrudts  ipptud  Sv  Furofear 
asdsun  UKrah  o  prarrids  •cared  sa  a  •■mwssi 
•csesn  agproaib  Thes  lepu'ei  drammaui'e  -t 
Ktc»  itai.i  M  usi  e  f**on  A  S  s  .mes  cs* 
joUKs  nf  icafmib  tjcague  trwh  ^sectra  rsad  .s  <.fe 
snadaig  aigresduan  uul  die  hadrspen  Muut  taaci 
ge  acc— aldi-n  rsdr 

h.  ahuh  tus  so  Or  <eiard  so  .  ued  drhurd  nsatu 
iiaf  saress  n  raher  drarsnstaeu  frotu  ifs»i  sac  s 
(amr  cirutrru  anaissB  oc  a  sriaitfe  test  Ftagur  Irsu; 
sesgueuces  aer  pmemed  «  de  ^aBn  -a  espeesrd 
fhghl  eoseioprs  espr  ’smeaujfts  feservumrd  -r 
aucTUir  of  a  sjutitar  tsge  se  asartaMr  as  ntniir! 
sei|umcrs  ei  FALSTrAfF"  Trahoruudi  Ksei 
cfsstnaig  (<sad  .sclr  .nuuusg  has  been  «e>4  ‘>tr 
reendfs  raaftou  icwuaig  has  been  levrsdsuord  • 
he  mote  reahatc  S-N  vutces  hw  hfleseai  rapes  -e 
ortchri  mi  asaumah  are  r ahtr  isaibhtr  jr<«i 
hoadhewAs  or  boisr  s  be  drsneuned  as  par  < 
drugn  gssidrhssrs  be  die  iprcifW  ur-^rab  .i«ssj 
deled 

Faugue  hfe  of  ehr  anuiucal  lorngatarta  is  esalua 
sesl  for  ihe  load  sprebsun  .oustdered  using  S  \ 


curves  for  diffeiem  mean  stiesses  and  ihe  appro- 
pnate  Ij-pe  of  specunen.  and  ihe  Palmgren-Miner 
damage  accumulalion  rule 

Given  the  (act  that  S  N  curves  arc  nor  available  (or 
artcinr)  values  of  K..  specific  curves  have  either  lo 
be  deteimned  bv  iMerpolaOon  between  Ihe  espen- 
metdall)  tiesemsmed  oiks  or  Ihe  compoiKnl's  fati¬ 
gue  life  IS  ev  aiuaied  on  the  batn  of  an  available 
S-N  curve  for  a  K.-«aliK  being  slightly  above  the 
K,  vahsr  of  ihr  dnatl  conaufercsl 

hlamevet  posaibfe  a  relative  Palmgien-Mmei  nile 
IS  applied  ttsmg  ripenmeidal  lesuhs  (or  vunilai 
notch  tvpe  irtnponmv  ani  a  unular  load  spectnam 

ar  lixal  Strun  Apprscub 

Thr  local  sirac  ^pr-ch  siaitv  mwn  the  nfea  itiu 
svjtenal  v  nsechanscal  bcfcavusjr  n  i  msivli  -an  hr 
acsessed  •*  dK  i-astv  t  luatenal  <lua  ■fwauirsl 
rrosB  MakUilird  spr.meTu  To  r>  ahiasr  (angstr  life 
TtVfs  fTvgasrev  I  a  vrrrs«  -f-tsenuraasn  Ixinr  tL 
a  I  sui  lu-t-b  itram  sriars-esiup  i  nvaarrcal  s 
•arrev  sKjm  srluu-tssrvp  b-r  .v-h-  asahrag  aruj  a 
sc«maa  s  rangv  bfe  ?ria»-tulsp  Fig  1 

A.  n  hu  lunid  as  fes-nbed  b-r  d»  lusnsavil  sirres 
ippe-va-h  TVr  bsuS  ac.a  uraas  n-tafu-nahip  *bu.b 
srkaat-s  r«ier«aj  •'•fc  -  »w.fc  seecsrs  mi  strauvs 
ab  V  rsatuaned  o  IVr  •canes  -f  a  fwaar  rfeinesu 
FT  usafssas  Aferman-ri-  upo  susem-e.  b  rmutu 
mib  u  Cios^rT  -*ir  * 

•  I  •  c  - 

jE  nr  ^•phrd  «•  .  nwfu&--«s  vtn  ar  jpprprs^ 
rspaaiU-K  b-v  dr  unmfs-tu-  and  .v-lu.  vi^ss  sarjin 
.trvr  -r  thr  acmrr  d  iaKt  flsadrTU>  rs  F«-s 
rtasra.  sr*  >u.?»r  a-rfes.^ar  aCa.  a  tto-uIs  ria 
siru-barjB  ar-rar  uyic  af>  r  F*,  as  cr  t 

amtsprl  • 

-  .  .  W  F 

Ss-r  -tar  .  tw  nr  -  ral  ^Casta.  -lenst  a  rfiarraUard 
wlsin-ws  arr  p-rr  :r.  it  r' 

«ibsj»ng  hr  sat  ns. b  tarur  rriatoratup  dvr 
vunrsce  v  strres  srracr  tTlatnwvlup  airaf  nijrmai 
SBOSW--VS  ptsrtvsvw-ru  f?v  rat-b  rat  o  #  pjtb  .  ars  V 
ptrda-sed  bt  pasts  bsal  sc\|isrTiv.rv  F-f  ovfesmJtaaJ 
.\-fes  almnfrrd  tuTesg  ttvar  -^-ulatats  Janvagt 
. ■  tunburatts  art  fesrrmsnrd  ts  dir  bases  d  niuers 
ai  V  .rsssaaisl  ampfssiafe  raUgsar  life  ,ursr  uvil  a.»u 
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Fig.  I  Local  Stndn  Approach 


mdated  following  Palmgren-Miner's  rule.  Mean 
suess  effects  are  usually  taken  into  accoum  by  use 
of  socalled  damage  parameters  ( 1 1 1  empirically 
formulated  on  the  basis  of  constant  amplitude  test 
results  A  damage  parameter  being  widely  applied 
has  been  proposed  by  Smith,  Watson  and  Topper 
(I2|  and  extended  in  [13] 

PswT-lio. +  k  0„)  e,  Ef-*  (3) 

where  k  is  a  material  constant.  For  application 
normally  the  baseline  material’s  fatigue  life  rela¬ 
tionship  which  may  be  derived  from  »ests  or  mate- 
nals  data  collections  [14.13]  is  formulated  in  terms 
of  the  damage  parameter  being  used  (see  Fig.  2). 

Although  the  Smith.  Watson.  Topper  parameter  has 
attracted  much  acceptance  its  application  suffers 
from  the  fact  that  load  sequence  effects  cannot  be 
accouffied  for. 

To  account  for  the  influence  of  notch  size  and  state 
of  stress,  a  notch  fatigue  factor  K,  is  used  instead 
of  K,.  Various  solutions  have  been  proposed  where 
Peterson's  formula 

IC.  +  a/r 

K,. 


1  +  a/r 


(4) 


IMPal 


B 

has  become  quite  popular,  with  a  being  a  material 

constant  and  r  the  notch  radius.  Alternative  solu-  9  9 

tions  consisting  of  an  appropriate  shift  of  the  mate- 
nal’s  damage  parameter  life  curve  by  a  constant 
factor  are  explained  in  chapter  5.5. 
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Fig.  2  Matenal's  baseline  data.  Ps»t.  damage 
parameter 


5  THE  FRACTURE  MECHANICS  BASED 

PARAMETER 

5.1  Introduction 

Aiming  at  a  closer  description  of  the  physical  pro¬ 
cess  of  fatigue  uixler  variable  amplitude  or  spec¬ 
trum  loading,  a  model  for  fatigue  life  prediction  has 
been  proposed  in  Ref  [7]  and  extendMl  and  applied 
in  some  further  papers  [16-19]  based  on  fracture 
mechanics  of  short  cracks.  For  years  crack  closure 
has  been  identified  as  a  main  driver  for  load  se¬ 
quence  effects  on  crack  growth.  Consequently 
modelling  of  crack  closure  and  opening  levels  in 
order  to  derive  some  effective  crack  driving  force 
represents  one  of  the  key  elements  of  that  socalled 
Pj-model.  Since  that  mode!  had  beer  developed  for 
prediction  of  technical  'crack  initiation'  in  the 
framework  of  local  strain  based  concepts,  it  pre¬ 
dicts  effective  stress-strain  ranges  for  each  cycle 
identified  within  the  load  sequence. 

Those  effective  stress-strain  ranges  in  conjutKtion 
with  a  gradually  decreasing  fatigue  limit  ate  the 
means  that  allow  for  nonlinear  cumulative  damage 
effects.  Some  details  of  the  model  ate  explained  in 
the  following. 

5.2  The  P,  Parameter 

Since  spectrum  peak  loads  may  introduce  elasto- 
plastic  conditions  at  notches  the  cyclic  J  integral 
for  has  been  chosen  as  an  elasto-plastic  fracture 
mechanics  parameter  for  the  description  of  crack 
growth,  i.e.  damage  accumulation.  The  baseline 
behaviour  may  therefore  be  described  by 

da/dn  =  C  (5) 

Considering  a  nearly  semicircular  crack  shape  most 
common  to  small  cracks.  Ai.„  can  be  approximated 
using  Dowling's  formula  [20] 

AJ.„=  (1.24  A(j.VE-r 

I.02A(j.>”[A£.„- Ao,„/E])  a  (6) 

where  A<j,„  =  <j„„  -  o.,  and  A£,„  =  -  £.,  The 

term  in  double  brackets  in  Eq.  (6)  is  irxlependent  of 
crack  length  and  is  interpreted  as  the  damage  para¬ 
meter  P„  leading  to 

AJ,„  =  P,  a  (7) 

Taking  into  account  the  equivalence  of  crack  pro¬ 
pagation  arxl  damage  accumulation  calculation,  P, 
is  applied  for  cumulative  damage  analysis  just  as 


other  parameters.  Accordingly  the  material's  fatigue 
(strain)-life  curve  is  represented  in  terms  of  a  Pj-N- 
curve  which  can  usually  be  described  by  a  power 
law  equation  (see  Fig.  3). 

P,“  N  =  Q  (8) 


CYCLES 


Fig.3  Material's  baseUne  data.  P,  damage  para¬ 
meter 

Since  N  in  Eq.  (8)  represents  the  life  between  a,, 
and  a,,  integration  of  the  crack  growth  law  (Eqs. 
(5)  and  (8))  allows  an  estimate  of  the  initial  crack 
size  ag  which  is  associated  with  the  original  strain- 
life  curve  via 

ag  =  (a,'*”-(l-m)  C  Q)’'"*”  (9) 

It  has  to  be  emphasized,  however,  that  Eq.  (9) 
gives  a  fictitious  or  equivalent  initial  crack  or  flaw 
size  which  implicitly  lakes  into  account  the  effects 
of  microstructure,  surface  finish  and  specimen  size. 

5.3  Crack  Closure  and  Opening 

Opening  and  closure  of  short  cracks  has  been  in¬ 
vestigated  by  several  authors  (e.g.|l6.2l,22|)  with 
the  -  surprising  -  result,  that  the  experimenal  trends 
are  reasonably  predicted  by  Newman's  formula 
originally  developed  for  long  cracks  [23  j.  New¬ 
man's  formula  as  well  as  an  extension  introduced 
in  order  to  better  allow  for  mean  stress  dependency 
of  different  materials  can  be  found  in  Ref  [18]. 

As  a  second  important  result  of  short  crack  closure 
examinations,  it  was  found  that  for  elastoplastic 
loading  corxlitions  closure  arxl  opening  better 
coincide  in  terms  of  strain  than  in  terms  of  stress, 
Fig.  4.  Consequently  crack  closure  and  opening 
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4  Crack  closure  and  cpening  levels  as  mea¬ 
sured  'dr  a  nickel  base  superalloy  for  three 
limits  of  strain  [31] 

strain  levels  should  be  considered.  For  multi-level 
loading  an  immediate  change  of  the  opening  strain 
level  for  low-high  sequences  and  a  gradual  adapta¬ 
tion  of  the  new  opening  level  for  high-low  sequen¬ 
ces  bad  been  observed.  These  findings  nave  been 
translated  into  a  set  of  rules  for  the  determination 
of  load  sequence  dependent  strain  levels  for  crack 
opening  and  closure  which  are  given  in  detail  in 
Ref  [16].  The  corresponding  opening  and  closure 
stress  levels  are  calculated  using  the  cyclic  stress- 
strain  curve  on  a  cycle-by-cycle  basis  in  connection 
with  lainflow  analysis  techniques  (i.e.  memory 
effeas). 

5.4  Transient  Endurance  Limit 

A  fiirthei  impoitant  featuie  of  the  model  is  the 
consideration  of  a  transient  endurance  limit  which 
depends  on  the  accumulated  damage.  Based  on 
Tanaka's  model  [24]  for  the  threshold  behaviour  of 
short  cracks  and  the  above  equations,  it  can  be 
shown  how  the  current  endurance  limit,  P|,,  de¬ 
pends  on  the  current  accumulated  damage,  D  ^ 

£  n/N„  leading  to 


P...  =  P,.,,  - (10) 

[( v-C)  D  +  v-r 

where  a'  >  is  called  an  intrinsic  aack 

length.  TIu  equivalence  between  dani.'ge  and  crack 
length  is  visualized  in  Fig.  5  where  normalized 
eudurance  limit  is  plotted  versus  crack  length  (Kita- 
gawa-Takahashi  plot)  as  well  as  versus  damage  D. 

Since  the  failure  crack  size  was  0  25  mm  for  the 
example  chosen  (specimen  diameter  6  mm),  the 
endunmee  limit  for  D  •  I  is  still  higher  than  zero. 


Fig.  5  Crack  length  dependent  endurance  limit 
(Kitagawa-Takahashi  plot)  (top)  and  endu¬ 
rance  limit  as  a  function  of  damage  sum  D 
(bottom)  for  a  structural  steel 

5.5  NotCii  Size  and  State  of  Stress 

Size  affects  the  fatigue  strength  of  specimens  and 
components.  Size  effects  due  to  the  statistical  dis¬ 
tribution  of  failures  can  be  successfully  bandied  by 
weakest  link  principles  introducing  WeibuU's  equa¬ 
tion  describing  the  probability  of  failure  in  terms  of 
life  or  stress.  As  shown  in  [25],  the  relative  fatigue 
strength  of  components  of  different  sizes  and  sha¬ 
pes  can  be  des.''ribed  by  a  factor 

F,  =  (1A.,-)''’  (11) 

where  I, » /[o(x,y,z)/o„„)''  dV  is  the  stress  integial 
representing  a  measure  lor  the  highly  strained  volu¬ 
me  (or  surface)  under  consideration  of  some  (in¬ 
trinsic)  scatter  of  the  material's  fatigue  strength. 
With  respect  to  the  P,  parameter  concept,  F,  gives 
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Fig.  6  Coupon  geometries  and  dimensioas 

a  measure  for  adjustment  of  the  basic  Pj-N  curve  in 
terms  of  P,.  Since  P,  exhibits  a  quadratic  stress 
dependency,  the  actual  shift  factor  is  F,'.  In  terms 
of  crack  growth,  a  different  initial  equivalent  flaw 
size  1^  can  be  associated  with  the  adjusted  Pj  curve 
(smaller  for  smaller  volumes)  which  unambi¬ 
guously  corresponds  to  engineenng  views. 

Mulhaxial  states  of  stress  at  notches  may  influence 
crack  growth  by  at  least  .'wo  mechanisms:  the  ope¬ 
ning  and  closure  stress  levels  are  different  (lower 
for  plain  strain  when  compared  to  plane  stress)  and 
the  crack  opening  displacement  may  be  affeaed. 
Crack  opening  displacement  is  proportional  to  the 
1  integr^  and  to  tte  Pj  parameter.  In  Ref.  (18]  an 
approximative  solution  is  given  for  biaxial  stress 
states  which  prevail  at  near-surface  areas.  For  this 
solution,  the  constraint  factor  a  used  in  Newman's 
crack  opening  equations  as  well  as  the  ratio  of 
biaxial  versus  uniaxial  crack  opening  displacements 
have  been  formulated  as  a  function  of  the  stress 
ratio 


6  APPUCA'nON  -  TEST  DETAILS 

6.1  Specimens 

The  ^roaches  discussed  above  were  applied  to 
both  c  set  of  spectrum  fatigue  data  of  notched 


coupons  with  open  holes  and  two  components  of 
the  center  fuselage  of  Tornado  MAFT  made  of  A1 
7075-;  ’351  alloy. 

The  experimemal  results  for  the  notched  specimens 
were  taken  from  earUer  studies  (26,27).  Specimen 
geometries  and  dimensions  are  given  in  Fig.  6. 
Notch  factors  and  other  constants  ate  compiled  in 
Table  I.  Fbr  the  majority  of  tests,  crack  initiation 
lives  have  been  determined  besides  total  life.  Crack 
initiation  is  equivalent  lo  a  crack  with  a  fractured 
surface  of  about  0  3  mm^ 

Two  different  aircraft  components  of  Tornado  with 
representative  fatigue  cracks  were  selected  for  the 
present  study.  The  on*  is  r  frame  of  the  center 
fuselage  where  fatigue  cracks  onginated  from  cor¬ 
ners  of  a  large  cutout.  Fig.  7  gives  an  overview  of 
the  component,  where  the  notches  of  consideration 
have  been  specially  referenced  The  other  airframe 
component  is  a  comer  segment  close  to  the  outbo¬ 
ard  air  intake  where  a  fatigue  crack  onginated  on 
the  lower  flange  side  during  early  stage  of  MAFT. 
An  overview  of  this  component  is  given  in  Fig.  8. 

Following  the  fatigue  design  procedure  used  for  the 
Tornado  fighter  aircraft  notches  can  be  related  to 
either  one  of  the  three  K,  values  2.0,  2.5  and  3.6 
when  appropnate.  For  the  components  under  consi¬ 
deration  values  of  K,  «  2.5  (cutout  of  frame  of 
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center  fuselage)  and  K,  >  2.0  (comer  segment  of 
outboard  air  intake)  had  to  be  set. 


CRACK  POSITION  i 


Hg.  7  Crack  location  in  frame  of  center  fuselage 

The  length  of  the  cracks  detected  was  in  the  order 
of  30  mm  at  the  cutout  and  about  6  mm  at  the 
frame  close  to  the  outboard  air  intake.  Results  of 
previous  inspections  as  well  as  a  crack  growth 
calculation  for  a  similar  detail  indicate  •  !:'gh 
growth  rate  of  the  oac/s  once  initiated  at  ihe  cu¬ 
tout  which  suggests  a  crack  "initiation'  life  of 
about  90  percent  of  the  life  renotted  through  in¬ 
spection. 


CRACK  POSITION  3 


Fig.  8  Crack  location  in  comer  segment  of  out¬ 
board  air  intake 

6.2  Load  Spectra 

The  load  spectra  considered  have  been  service  load 
sequences  generated  for  the  Tornado  design  pro¬ 


gramme.  Due  to  slight  modifications  in  the  design 
programme  and  the  componea  test  results  availa¬ 
ble,  six  different  load  sequences  were  selected 
(fig.9): 

Sequetxe  A:  A  sequence  derived  from  a  typical  n,- 
sequetKe  for  fighter  aircraft  and  being  used  to 
determine  the  fatigue  life  of  unootched  and  notched 
components.  The  sequence  comprises  200  flights  of 
IS  differem  flight  types.  Each  flight  contains  bet¬ 
ween  48  and  I  IS  load  cycles. 

Sequence  B:  A  sequence  derived  from  19  different 
flight  types  monitored  on  F-104  G  fighter  aircraft. 
The  sequence  comprises  20S  flights  with  7  to  169 
load  cycles  per  flight. 

Sequence  C:  equivalent  to  B  with  a  different  order 
of  flight  types. 

Sequence  D:  A  sequence  developed  for  the  design 
of  fighter  aircraft  tailerons  with  an  overall  stte.s$ 
ratio  R  *  » -0.7S.  The  sequence  comprises 

400  flights  with  26  different  flight  types  of  appro¬ 
ximately  6S  load  cycles  each. 


Sequence  E:  A  sequence  gerierated  from  the  level 
crossing  spectrum  of  sequence  D.  For  the  new  load 
sequence  the  mean  loads  of  each  load  cycle  had 
been  set  to  zero.  The  sequence  comprises  400 
flights  with  10  different  types. 


Sequence  F'.  This  is  the  sequence  used  for  Tomado- 
MAFT.  It  is  composed  of  1095  different  load  cases 
which  have  been  the  basis  for  configuration  of  42 
different  flight  types.  Each  flight  type  contains 
about  400  load  cyck-s  One  b'uck  contains  900 
flights.  The  loads  themscW-Ts  are  given  in  terms  of 
bending  moments  at  a  defined  coordinate  center  of 
the  aircraft.  To  conver  the  load  sequence  to  a 
sequence  of  nominal  stresses  for  the  location  consi¬ 
dered  wing  position  dependent  conversion  factors 
were  introduced  on  the  basis  of  fully  elastic  load 
transfer  behaviour  being  the  ratio  of  calculated 
maximum  nominal  stress  vs.  the  maximum  load 
generated  for  the  specific  wing  position  dependent 
load  cases.  Depending  on  the  location  considered 
this  led  to  .slightly  different  load  spectra  being 
denoted  as  FI,  F2  atxl  F3  throu^out  the  following. 


The  above  load  s  ectra  are  shown  in  Fig.  9  as  a 
result  of  Ihe  peak  counting  algorithm.  For  the  (no¬ 
minal  stress  based)  predictions  discussed  later, 
however,  rainflow  counted  spectra  were  applied 
where  the  individual  mean  loads  were  considered. 
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^  —  Load  spectrum  F3 


“  Load  spectrum  D 


Load  spectrum  E 


Fig.  10  Compaiison  of  load  spectra 

A  compaiisoQ  of  the  normalized  load  spectra  is 
given  in  Fig.  10  where  load  levels  and  the  cumula¬ 
tive  frequency  have  been  normalized  to  the  respecti 
ve  maximum  values  of  each  spectrum.  Typically 
the  taileron  sequences  D  and  E  differ  from  the 
other  sequences,  but  also  the  peak  load  distribution 
of  sequences  F  appears  to  be  less  severe  than  those 
of  sequences  A  to  C.  However,  sequences  F  com¬ 
prise  a  total  number  of  cycles  which  is  about  one 
order  of  magnitude  larger  than  the  others.  Sequence 
A  has  been  generated  during  an  earlier  stage  of 
Tornado  design  while  B  and  C  have  been  derived 
on  a  different  fighter  aircraft. 

6.3  Baseline  Mate-<al  Data 

Tensile  properties  of  the  7075-T7351  alloy  deter¬ 
mined  on  specimens  machined  from  16  mm  and  2S 
mm  thick  plates  were:  E  =  71000  MPa,  o,  =  514 
MPa,  o,  =  441  MPa,  elongation  =  11  %.  Stress- 
strain  and  strain-life  data  for  cyclic  constant  am- 
plito'-c  loading  were  determined  on  urmotched 
cyclindrical  specimen.  The  corresponding  coefft- 
cients,  the  specimens'  dimensions  and  the  materi¬ 
al  s  fatigue-life  curve  plotted  in  terms  of  ^SWT  are 
given  in  F:g.  2.  Tue  failure  criterion  selected  for 


these  fatigue  tests  was  a,  ^  0.5  mm.  The  stress- 
strain  relationship  used  for  cyclic  loading  is  written 
in  terms  of  a  Ramberg/Osgood  equation: 

«.  =  “  oyE  +  (o;K’)'*’  (12) 

The  material's  baseline  fatigue  data  in  terms  of  the 
P^N  curve  is  given  in  Fig.  3  where  P,  is  obtained 
from  strain-life  data  via  Eq.  (6).  Since  according  to 
the  P,  model  fatigue  life  consists  of  grovth  of 
(short)  cracks  the  slope  m  =  2  of  the  P,-N  curve 
(see  Eq.  (8))  must  be  relevant  also  for  the  crack 
growth  law  which  translates  to  n  =  4  in  da/dN  vs. 
AK  diagram  due  to  the  quadratic  relationship  bet¬ 
ween  AK  and  AJ.  The  coefficient  C  =  3.9  10"* 

(dimensions  mm/cycle  and  MPa)  aixl  the  threshold 
AJ^*  =  0.0152  N/mm  have  been  obtamed  from 
long  crack  data  reported  in  [28].  The  equivalent 
initial  crack  size  corresponding  to  the  P,-N  curve  of 
Fig.  3  is  a„  =  0.057  mm. 

A  comparison  between  the  uniform  material  law  for 
aluminium  alloys  given  in  [15],  which  is  based  on 
mote  than  600  experimental  results  and  the  baseline 
a-e  and  e-N  data  used  for  the  local  strain  approach 
shows  good  coincid  ce.  As  baseline  data  used  for 
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tbr  local  strain  and  nominal  stress  approach  were 
not  available  bom  the  same  batch,  the  required  set 
of  S-N  curves  of  the  notched  specimens  at  different 
R-ratios  was  calculated  by  use  of  the  local  strain 
approach  including  the  P,wt  parameter.  These  S-N 
curves  were  applied  for  nominal  stress  based  crack 
initiation  life  prediction.  For  two  specimen  types  at 
two  toad  levels  a  comparison  with  experimental 
data  could  be  made  which  indicated  a  reasonable 
accuracy. 


7  RESULTS  AND  DISCUSSION 

7.1  Crack  Initiation  Life  Prediction 

Fatigue  life  predictions  for  crack  initiation  were 
compared  to  the  experimental  results  mentioned 
above.  The  following  models  were  applied: 

•  nominal  stress  approach  using  S-N  curves 
derived  fur  crack  initiation 

-  local  strain  approach  using  P,wt  damage 
parameter 

-  local  strain  approach  using  P,  damage 
parameter. 

The  nominal  stress  based  predicitons  used  a  set  of 
S-N  curves  for  R  ■  0.5,  0,-1  and  -2  as  described 
in  chapter  6.3.  The  curves  were  fined  to  a  four- 
parameter  WeibuU  equation  always  accounting  for 
the  endurance  limit.  Intermediate  R-ratios  were 
considered  via  interpolation  between  the  above 
curves. 

For  the  local  strain  approach  the  influence  of  notch 
size  and  transient  endurance  limit  was  accounted 
for  by  different  means  depending  on  the  damage 
parameter  used  With  the  P,wt  parameter,  a  tran¬ 
sient  endurance  limit  (or  damage  below  the  fatigue 
limit)  was  globally  accounted  for  by  neglecting  the 
endurance  limit.  Notch  size  effects  were  included 
by  using  the  fatigue  notch  factor  K,  instead  of  K, 
(see  Table  1). 

Transient  endurance  limit  as  well  as  size  effects 
were  considered  by  the  P,  parameter  as  described  in 
chapter  5.  The  relevant  constants  and  coefficients 
aie  compiled  in  Table  1  where  a  value  of  q  =  IS 
was  used  for  calculations  of  F,  and  I,  [18]. 

An  example  of  the  predicted  atxl  experimental 
spectrum  S-N  curves  of  the  notched  coupons  is 
given  in  Fig.  II.  With  two  exceptions  five  tests  per 
load  level  were  available  to  establish  the  respective 
mean  value.  For  all  cases  the  ratio  of  the  experi¬ 


mental  mean  vs.  the  predicted  fatigue  lives  were 
determined  and  plotted  in  a  bar  chart  (Fig.  12) 
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Tab.  I  Coupon  notch  factois  and  related  constants 

where  the  specimen  type,  load  spectrum  and  load 
level  is  given  for  each  case.  To  visualize  the  quali¬ 
ty  of  the  different  models,  the  life  ratios  are  plotted 
in  a  probability  chart  (Fig.  13). 

For  the  aircraft  components  notch  size  effects  were 
not  considered  within  local  strain  based  calculations 
because  of  the  relatively  large  notches.  However 
the  influence  of  multiaxial  stresses  seemed  relevant 
for  the  cutouts  of  the  center  fuselage's  frame.  The¬ 
refore  additional  calculations  were  done  to  discuss 
that  effect. 

The  fatigue  lives  and  respective  life  ratios  deter¬ 
mined  with  the  different  approaches  are  summari¬ 
zed  in  Tables  2  and  3. 

Following  the  Tornado  fatigue  design  process  the 
stress  concentration  factor  K,  for  the  comer  segm¬ 
ent  was  set  to  2.0  even  though  approximations  from 
handbooks  yielded  a  lower  value.  An  additional 
calculation  with  K,  =  1.5  was  therefore  performed. 

7.2  Discussion 

Notched  Coupons 

For  the  assessment  of  life  prediction  hypotheses 
different  criteria  can  be  applied  [29].  One  important 
critenon  is  the  spread  (or  scatter)  of  life  ratios, 
another  one  may  be  the  mean  life  ratio  indicating 
conservative  or  unconservative  predictions  on  an 
average  or  the  fact  that,  for  example,  predictions 
are  always  or  predominantly  on  the  conservative 
side. 

With  regard  to  the  spread  of  predictions  for  the 
notched  coupons.  Fig.  13  shows  that  all  three  va¬ 
riants  exhibit  .similar  numbers  with  the  lowest  scat¬ 
ter  for  the  nominal  stress  approach.  Translating 
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COMPONENT 

K, 

Nom. 

Stress 

Approach 

PswT 

f 

1 

Without  Multiaxiality 

With  Multiaxiality 

Frame  in  Cenier 
Fuselage 
-  Upper  Nocch 

:.5 

265.000 

167.360 

32J90 

55.810 

-  Lower  Notch 

2.5 

70.750 

65.770 

9.870 

16.850 

Comer  Segment 
close  to  Outboard 
Air  Intake 

2.0 

15.800 

22.710 

3.500 

1.5 

1W.850 

18.440 

Tab.  2  Predicted  flights  for  aircraft  fuselage  details  using  different  approaches  (crack  initiatioo  life) 


COMPONENT 

K, 

Nom. 

Stress 

Approach 

PsWT 

f 

j 

Without  Multiaxiality 

With  Multiaxiality 

Frame  in  Center 
Fuselage 
■  Upper  Notch 

2.5 

o.w 

006 

0.21 

0.18 

•  Lower  Notch 

2.5 

0.14 

0.15 

1.02 

0.60 

Comer  Segment 
(.lose  to  Outboard 
Air  Intake 

2.0 

0.51 

035 

2.28 

1.5 

0.08 

0.43 

Tab.  3  Fatigue  life  ratios  for  aircraft  fuselage  details  using  different  approaches  (crack  initiation  life) 


quantitative  requirements  as  put  forward  by  diffe 
leik  authors  [29]  into  a  scatter  value  (neglecting  the 
absolute  life  ratios),  all  concepts  may  be  assessed 
as  acceptable.  The  mean  v^ues  however  differ 
significantly.  Whereas  the  nominal  stress  based  as 
well  as  the  local  strain  based  prediefions  using  P,vt 
deliver  unconservative  results,  the  P,  parameter 
produced  mainly  conservative  predictions. 

Similar  trends  have  been  found  in  [17,18]  where  an 
extensive  study  on  a  variety  of  materials  including 
steels  and  aluminium  alloys  has  been  performed. 
The  spread  of  the  P,  based  predictions,  however, 
was  markedly  smaller  than  tiiat  of  the  conventional 
PjwT  parameter  (3.6  for  P,  vs.  5.9  for  Ps„  for  the 
10%  and  90%  probability  ratio  of  life  ratios).  The 
mean  life  ratio  for  P,  was  close  to  unity  whereas 
for  P^  a  value  of  0.3  was  found  which  is  general¬ 
ly  in  line  with  the  present  results. 

It  is  peihaps  interesting  to  note  that  the  nominal 
stress  approach  and  the  P,«rr  based  predictions 
delivered  siinilar  results  in  several  cases  (Hg.  12) 
although  the  consideration  of  damage  contributions 
below  tbe  eixhirance  limit  bad  been  different  (.■«e 


Chapter  7.1).  This  pen  of  the  spectra  obviously 


10^  10’  '0*  lo' 

Flights 

Fig.  11  Comparison  of  experimental  aixl  prediaed 
crack  initiatioo  spectrum  fatigue  Uves  for 
notebed  coupotrs 


Hg.  13  DistributioD  of  life  ratios 


does  not  contribute  to  the  calculated  damage  to  a 
significam  amount  within  those  methods.  This  has 
been  confiimed  for  selected  test  cases. 

Aircraft  Components 

Forementiooed  trends  determined  for  the  notched 
coupons  were  similar  for  the  aircraft  components. 
The  nominal  stress  as  well  as  Pj^j^based  piedic- 
tions  are  unconseivative  whereas  the  P^based  pre- 
dictioos  are  closer  to  unity.  Consideting  a  biaxial 
stress  state  at  the  cutouts  shows  a  marked  influence 
on  the  predicted  life.  With  regard  to  the  above 
results  however  the  approximate  nature  of  that  part 
of  the  P, -model  should  be  kept  in  mind. 

For  the  coiner  segment  a  later  analysis  indicated 
the  stress  concentration  factor  to  be  lower  than  2.0. 
Applying  a  value  of  1 .5  the  P, -model  again  resulted 
in  a  better  prediction  than  using  the  conventional 
P,wrparameter. 

The  significant  underestimation  of  fatigue  life  for 
the  upper  part  of  the  cutout  in  the  center  fuselage's 
ftame  may  has  been  promoted  by  an  underestima¬ 
tion  of  the  stress  level  determined  by  FE-analysis. 
The  corresponding  calculated  stress  level  for  the 
lower  notch  of  the  cutout  was  17%  higher  which 
resulted  in  a  shorter  predicted  fatigue  life  even 
though  the  experimentally  determined  fatigue  lives 
were  similar  for  the  upper  and  lower  notch.  A  furt¬ 
her  crack  along  a  rivet  row  having  occured  in  the 
vicinity  of  the  upper  part  of  the  cutout  during  the 
tinal  stage  of  the  test  life  may  have  contributed  to 
an  increase  of  the  applied  stress.  The  short  propa¬ 
gation  period  of  the  crack  imtiated  at  the  upper 
notch  gives  further  support  to  this  assumption. 

Predictions  Based  on  Handbook  Data 

.Standard  design  procedures  for  (German)  military 
aircraft  iiKlude  a  nominal  stress  i^roacb  based  on 
S-N  data  valid  for  complete  specimen  separation. 
Data  of  that  kind  is  mainly  obtained  ftom  hand¬ 
books  [30]  and  has  been  used  for  predictions  of  the 
respective  total  fatigue  test  lives  of  the  notched 
coupons  and  the  total  test  lives  of  the  aircraft  com- 
poneiKs.  For  the  notched  coupons,  unconservauve 
predictions  were  obtained  with  a  mean  hfe  ratio 
similar  to  that  obtained  with  the  nominal  stress 
approach  based  crack  initiation  fatigue  life  predic¬ 
tions.  Scatter  however  increased  by  60%. 

Similar  trends  are  observed  for  the  aircraft  compo¬ 
nents.  For  the  three  examples  predictions  are  un- 
conservative  and  differ  significantly  with  hfe  ratios 


between  0.(X)I6  and  0.73.  In  particular  the  first 
number  being  out  of  order  gives  rise  t‘-  the  fore- 
mentioned  assumption  of  a  considerable  uixKiesti- 
mation  of  the  overall  stress  level  for  the  respective 
detail. 


g  CONCLUDING  REMARKS 

Fatigue  life  predictions  to  crack  initiation  were 
performed  using  the  nominal  stress  appraoch  and 
two  veisions  of  the  local  strain  approach.  A  socal- 
led  P,-model  for  explicit  consideration  of  load- 
sequence  eNecLs  based  on  crack  opening  and  closu¬ 
re  phenomena  has  been  outlined  which  can  be 
appUed  within  the  framewoik  of  a  local  strain 
approach.  The  spread  of  hfe  ratios  for  notched 
coupons  tested  under  different  fighter  aircraft  spec¬ 
tra  was  similar  for  the  three  variants.  Only  the  P,- 
model,  however,  resulted  in  conservative  predic¬ 
tions. 

In  order  to  demonstrate  appheabihty  to  fatigue- 
critical  areas  of  real  aircraft,  three  examples  have 
been  sdected  for  Tomado-MAFT.  P, -based  predic¬ 
tions  led  to  the  best  result  which  can  be  taken  as  a 
motivation  to  extend  this  analysis  to  fuither  details 
arxl  materials. 

Even  if  appheation  of  the  local  strain  approach  to 
fasteners  appears  to  be  impractical,  there  is  a  consi¬ 
derable  amount  of  details  where  such  a  type  of 
apinoacb  is  promising.  One  of  these  aspects  to  be 
noted  is  the  relatively  small  experimental  effort  for 
determination  of  baseline  fatigue  data.  This  makes 
the  local  strain  based  approach  potentially  mter- 
esting  not  only  for  prototype  design,  but  also  for 
redesign  (e.g.  structural  or  material  modification) 
within  aircraft  mid-hfe  updates. 
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ABBTaACT 

The  paper  describee  an  experimen¬ 
tal  study  of  notch  root  fatigue 
crack  growth  under  FALSTAFF  spec¬ 
trum  loading  in  an  Al-Cu  alloy. 
Crack  growth  rates  were  n.aasured 
from  crack  size  as  small  as  20 
microns  using  optical  fractography 
and  replication  technique.  Frac- 
tographic  measurements  indicate 
similar  scatter  levels  between 
notch  root  short  crack  and  long 
growth  rate  data,  'his  is  in  con¬ 
trast  to  surface  replica  based 
measurements  which  are  indicative 
of  large  scatter.  Growth  rate  vari* 
at  ion  was  noticed  between  multiple 
cracks  initiating  after  different 
periods  of  natural  crack  forma¬ 
tion.  This  is  attributed  to  the 
influence  of  larger  existing 
cracks  on  smaller  cracka  that  ap¬ 
pear  later.  In  contrast,  identical 
artificially  initiating  cracks 
grew  at  a  similar  rate. 

IimiODUCTIOM 

Fatigue  failures  as  a  rule  initiate 
at  stress  raisers  like  holes,  fil¬ 
lets,  etc. .  Even  though  crack  in¬ 
itiation  is  localized  in  this 
manner,  a  careful  study  of  service 
failures  often  indicates  that  the 
large  crack  at  failure  actually 
resulted  from  the  merger  of  multi¬ 
ple  cracks  that  initiated  at  dif¬ 
ferent  locations  on  the  notch 
surface.  A  large  fraction  of  total 
fatigue  life  can  be  exhausted  in 
the  formation  and  growth  of  small 
cracks  at  the  notch  root. 

A  number  of  theoretical  studies 
have  been  carried  out  on  the  esti¬ 
mation  of  sttess  intensity  factors 
for  multiple  crack  situations  in¬ 
volving  interaction  and  coales¬ 
cence  (1-5).  Many  studies  involved 
numerical  techniques  and  wete  usu¬ 


ally  restricted  to  modeling  a  pair 
of  cracks  (6-9).  Statistical  tech¬ 
niques  have  been  used  to  handle  the 
merger  of  multiple  cracks 
(5,10,11). 

A  few  experimental  studies  were 
restricted  to  the  stuoy  of  the 
growth  and  coalescence  of  two  ar¬ 
tificially  initiated  cracka  at  the 
notch  root  (6-9).  Much  work  has 
been  devoted  to  the  study  of  the 
distribution  of  total  fatigue  life 
over  crack  initiation  and  growth, 
including  questions  of  crack  den¬ 
sity  (12-14). 

Published  experimental  data  often 
lack  information  on  the  interac¬ 
tion  of  multiple  cracks  by  way  of 
influencing  crack  growth  rate.  In 
fact  ref.  9  which  describes  experi¬ 
ments  on  a  pair  of  cracks  initiated 
artificially  (and  of  equal  size) 
concluded  that  there  was  indeed  no 
interaction  between  them. 

This  paper  describes  an  experimen¬ 
tal  study  on  the  growth  of  multiple 
naturally  initiating  cracks  at  the 
notch  root.  The  study  was  carried 
out  under  a  fighter  aircraft  wing 
load  spectrum  to  simulate  realis¬ 
tic  loading  conditions.  The  objec¬ 
tive  was  to  track  the  initiation 
and  growth  of  small  cracks  through 
replication  technique,  and  through 
optical  fractography.  It  was  ex¬ 
pected  that  in  contrast  to  previous 
work  (e.g.  ref.  9)  which  was  re¬ 
stricted  to  multiple  cracks  of 
identical  size,  multiple  cracks  of 
different  size  may  interact  and 
thereby  influence  growth  rates. 
One  would  expect  a  related  vari¬ 
ation  in  growth  rates  for  cracks 
when  compared  with  reference  to 
similar  size  and  shape.  This  can 
have  implications  for  life  predic¬ 
tion  as  well  as  nondestructive 
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inspection.  The  next  section  de¬ 
scribes  the  experimental  procedure 
used  In  the  study.  This  Is  followed 
by  a  summary  of  test  results  and 
discussion. 

EXPERIMENTAL  PROCEDURE 

Material  and  specimens:  The  ex¬ 
periments  were  conducted  on  Al-Cu 
alloy  L168  from  an  Indian  manufac¬ 
turer,  which  Is  an  equivalent  of 
2014-  T6511.  Specimens  were  cut 
along  the  extrusion  direction  from 
200x70  mm  bar  stock.  The  geometry 
and  dimensions  of  the  test  speci¬ 
mens  appears  on  Fig.  1.  A  total  of 
three  specimens  were  used  In  the 
experiments:  Specimen  1  had  two 
similar  co-planar  crack  Initiators 
Introduced  by  electrical  discharge 
machining  (EDM),  specimens  2,  3 
were  tested  with  a  smooth  notch 
surface  to  ensure  natural  crack 
Initiation.  The  notch  surface  was 
polished  to  assist  crack  tracking 
using  replication  technique. 

Testing:  The  specimens  were  tested 
under  a  progranuned  verclon  of  the 
FALSTAFF  1  ad  spectrum  (IS).  In 
this  version,  the  loads  are  ar¬ 
ranged  In  such  a  manner  so  as  to 
cause  the  formation  of  discernible 
strlatlon  (beach  mark)  patterns 
that  can  later  be  recognized  by 
optical  f ractography .  Ref.  IS  pro¬ 
vides  a  detailed  description  of 
this  technique  and  how  It  can  be 
used  to  measure  the  growth  rate  of 
small  cracks  under  the  FALSTAFF 
spectrum.  It  also  provides  evi¬ 
dence  suggestive  of  little  or  no 
distortion  In  overall  test  results 
due  to  the  rearrangement  of  the 
randomized  FALSTAFF  source  load 
sequence.  One  complete  block  of 
FALSTAFF  corresponds  to  200 
flights.  Briefly,  the  FALSTAFF 
load  spectrum  Is  rearranged  into 
16  Identical  multilevel  programmed 
steps,  each  with  one  of  the  18 
major  loads  In  the  spectrum,  a 
schematic  of  the  sequence  appears 
on  Fig.  2.  The  major  loads  are 
Identical  to  the  18  most  severe 
ones  in  FALSTAFF,  while  the  pro¬ 
grammed  steps  were  shown  through 
analysis  and  testing  to  be  the 
equivalent  of  the  rest  of  the 
FALSTAFF  sequence  in  damage  con¬ 
tent  (15). 

Specimens  1,2  were  tested  at  the 
seune  spectrum  reference  (maximum) 
nominal  stress  level  of  225  MPa. 


This  stress  level  Induces  mono¬ 
tonic  yield  at  the  notch  root. 
However,  as  the  ratio  of  the  lowest 
to  highest  stress  level  in  the 
spectrum  is  -0.3,  reversed  yield 
did  not  take  place.  Earlier  experi¬ 
ments  under  FALSTAFF  spectrum  on 
the  same  material  had  shown  [15], 
that  this  stress  level  causes  large 
hysteretlc  variations  In  notch 
root  plasticity  Induced  crack  clo¬ 
sure  and  also,  that  the  local 
stress  level  Is  sufficiently  large 
to  cause  early  crack  initiation. 
Finally,  the  selected  stress  level 
had  In  earlier  experiments  pro¬ 
duced  excellent  fractographlc  evi¬ 
dence  of  strlatlon  mode  crack 
growth  from  small  sizes  right  up 
to  a  few  millimeters  from  the  notch 
root.  The  objective  of  these  tests 
was  to  compare  growth  rate  behav¬ 
iour  for  artificially  initiated 
cracks  as  opposed  to  naturally 
initiating  cracks.  Specimen  3  was 
tested  at  a  spectrum  reference 
stress  level  of  275  MPa.  This 
stress  level  causes  cyclic  yield 
at  the  notch  root.  The  objective 
of  this  experiment  was  to  assess 
stress  level  effect  on  the  growth 
of  naturally  Initiating  cracks. 

All  tests  were  carried  out  to 
fa.ilure  and  no  additional  Instru¬ 
mentation  was  used  to  track  crack 
growth.  The  testing  was  carried  out 
on  a  100  kN  computer  controlled 
servohydraullc  testing  machine  at 
an  average  test  frequency  of  10  Hz. 
The  specimen  was  held  by  hydraulic 
grips,  whose  wedging  action  in¬ 
duced  uniform  displacement,  rather 
than  uniform  stress  conditions.  It 
may  be  suggested  that  this  differ¬ 
ence  may  have  only  a  negligible 
effect  on  short  cracks  growing  out 
of  the  notch. 

Crack  growth  measurements:  Two 
methods  were  used  to  determine 
notch  root  short  crack  growth 
rates:  notch  surface  replication 
during  the  test  and  optical  frac- 
tography  after  failure.  During  the 
test,  the  replica  was  Initially 
applied  to  the  notch  surface  once 
every  block  of  the  FALSTAFF  spec¬ 
trum,  while  maintaining  a  load 
equal  to  75%  of  the  maximum  spec¬ 
trum  load.  This  was  to  ensure  that 
those  cracks  that  did  appear  could 
be  open  for  the  replica  to  pene¬ 
trate.  Once  a  crack  could  be  de¬ 
tected,  replication  was  carried 
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out  more  often.  A  Neophot-  2  opti¬ 
cal  microscope  was  used  to  study 
the  fatigue  fracture  surfaces  af¬ 
ter  failure. 

The  replica  technique  is  re¬ 
stricted  to  surface  measurements. 
Fractography  assists  in  tracking 
growth  across  the  entire  crack 
front.  It  may  be  fair  to  note  that 
fractographic  approach  gives  ex¬ 
cellent  results  everywhere  with 
the  exception  of  the  specimen  sur¬ 
face,  because  the  surface  region 
is  often  damaged  due  to  rubbing, 
debris  formation,  fallout  or  abra¬ 
sive  action.  As  a  consequence, 
crack  depth,  'c',  rather  than  sur¬ 
face  length,  'a'  is  a  better  cri¬ 
terion  to  assess  short  crack  growth 
rate.  To  make  this  possible,  a:c 
ratio  was  determined  from  optical 
fractography  as  a  function  of  sur¬ 
face  crack  length.  Using  this  re¬ 
lationship,  replica  measurements 
of  surface  crack  size  were  trans¬ 
lated  into  crack  depth  data.  The 
translation  assumed  that  a:c  ratio 
cannot  see  sudden  (discrete)  vari¬ 
ation  -  as  clearly  indicated  by  the 
fractographic  evidence  on  growth 
across  the  crack  front.  All  growth 
rates  obtained  from  this  study 
appear  in  terms  of  dc/dF,  rather 
than  da/dF. 

Crack  growth  rate  measurements: 
Growth  rates  were  determined  di¬ 
rectly  from  fractography.  As  men¬ 
tioned  earlier,  the  programmed 
FALSTAFF  Sequence  contains  eight¬ 
een  steps,  each  with  a  charac¬ 
teristic  major  load  cycle  and  a 
number  of  programmed  minor  load 
cycle  steps  (see  Fig.  2).  Each  of 
these  sets  of  cycles  leaves  behind 
a  characteristic  'macro'  striation 
on  the  fracture  surface  that  can 
be  seen  through  an  optical  micro¬ 
scope. 

Crack  growth  rate  was  determined 
from  replica  based  growth  measure¬ 
ments  as  the  derivative  of  a  para¬ 
bolic  fit  through  three  points.  Use 
of  a  greater  order  polynomial  or 
greater  number  of  points  would  have 
resulted  in  less  of  data  in  the 
earlier  stages  of  crack  growth.  For 
exeunple,  use  of  seven  point  po'y- 
nomial  as  per  ASTM  E-647  would  have 
meant  discarding  the  first  three 
growth  data  points.  The  parabolic 
fit  results  in  the  loss  of  only  the 
first  and  last  points  in  the  growth 


curve.  Average  growth  rate  esti¬ 
mate  from  successive  crack  exten¬ 
sion  and  block  interval 
measurements  was  discarded  after 
observing  a  larger  degree  of  scat¬ 
ter  than  in  the  case  of  parabolic 
fit  through  three  points. 

RESULTS 

Fig.  3  shows  the  fracture  surface 
from  specimen  1.  One  of  the  arti¬ 
ficial  crack  initiators  is  clearly 
visible  at  the  left.  Also  seen  are 
the  striation  patterns  left  behind 
by  the  programmed  FALSTAFF  load 
sequence.  These  are  visible  only 
at  certain  locations  in  view  of  the 
poor  depth  of  focus  with  optical 
fractography.  Locally  magnified 
pictures  were  used  to  determine 
crack  growth  rates  from  a  crack 
size  under  20  microns  right  through 
to  failure. 

Fig.  4  shows  replica  based  crack 
growth  measurements  for  the  two 
tests  carried  out  at  225  MPa.  In 
case  of  the  specimen  with  EDM  crack 
initiators,  crack  growth  was  ob¬ 
served  almost  immediately  after 
commencement  of  testing:  4  and  6 
load  blocks  respectively  for  the 
two  initiators.  The  two  cracks 
merged  after  42  load  blocks  as 
indicated  by  a  jump  in  crack  size 
which  now  appears  as  a  single 
symbol,  representing  the  sum  of  the 
two  crack  sizes.  Also  shown  on  Fig. 
4  are  replica  based  crack  growth 
measurements  for  Specimen  2  with 
naturally  initiating  cracks.  The 
replica  technique  indicated  dis¬ 
cernible  first  crack  formation  and 
growth  after  more  than  30  blocks 
of  loading,  which  translates  to 
about  6000  flights.  Other  cracks 
appeared  subsequently  and  this 
along  with  their  merger  and  growth 
to  failure  accounted  for  the  re¬ 
maining  60  blocks  of  fatigue  load¬ 
ing  (12000  fligtits). 

Fig.  5  shows  fractographic  and 
replica  based  crack  growth  rate 
estimates  for  specimen  1.  The  con¬ 
tinuous  lines  are  from  replica  data 
while  the  points  are  from  optical 
fractography.  Growth  rate  data  in 
the  same  format  for  specimens  2  and 
3  with  multiple  naturally  initiat¬ 
ing  cracks  at  the  cwo  spectrum 
stress  levels  appear  on  Fig.  6.  A 
total  of  31  crack  origins  were 
counted  in  Specimen  3.  A  crack 
origin  was  identified  as  the  locus 
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of  radial  lines  passing  through  a 
developing  crack  front.  All  ori¬ 
gins  were  traced  to  the  notch 
surface.  Figs.  S,  6  are  indicative 
of  considerable  scatter  in  short 
crack  growth  rates  when  perceived 
through  replica  based  measure¬ 
ments.  This  is  consistent  with 
experience  cited  in  the  literature 
[16).  However,  scatter  is  not  so 
apparent  i.i  the  fractographic  es¬ 
timates  of  growth  rates.  Consider¬ 
ing  the  log  linear  variation  of 
growth  rate  versus  crack  depth,  the 
linear  fit  correlation  coefficient 
is  an  indicator  of  scatter.  Linear 
fits  through  replica  based  growth 
rates  versus  crack  depth  yielded 
coefficients  ranging  between  0.6 
and  0.8.  This  applied  to  both 
naturally  initiating  as  well  as  the 
artificially  initiated  cracks.  In 
contrast,  log-linear  fits  of  frac¬ 
tographic  crack  growth  estimates 
versus  crack  length  yielded  corre¬ 
lation  coefficients  always  exceed¬ 
ing  0.97.  In  the  case  of  the  two 
artificially  initiated  cracks,  the 
coefficient  was  0.99.  This  higher 
coefficient  may  be  attributed  co 
the  larger  effective  crack  size  in 
view  of  a  preexisting  EDM  notch  of 
finite,  well  defined  size  and 
shape. 

In  view  of  the  better  quality  of 
fractographic  growth  rate  esti¬ 
mates,  further  analysis  was  re¬ 
stricted  to  this  source  of  data. 
Fig.  7  shows  greater  detail  of 
multiple  crack  growth  rate  data 
from  Specimen  2  (Sref  =  225  MPa). 
We  find  data  points  down  to  a  crack 
depth  of  20  microns  and  less.  Data 
points  for  a  particular  crack  are 
denoted  by  a  separate  symbol.  A 
total  of  eighteen  crack  origin 
points  were  detected  on  this  speci¬ 
men.  Data  only  for  ten  of  these 
appear  on  the  figure  to  avoid  a 
cluttered  picture.  Data  for  the  two 
slowest  cracks  are  denoted  by  a 
continuous  line.  These  were  the 
dominant  cracks  as  shown  by  ohe 
supporting  data  in  Figs.  8  and  9. 

Fig.  8  contains  linear  approxima¬ 
tions  of  growth  rate  data  for 
specimens  1  &  2.  The  growth  rates 
for  artificially  initiated  cracks 
are  somewhat  less  than  for  the 
slowest  naturally  initiating 
cracks.  Lines  A  and  B  are  for  the 
dominant  cracks  whose  growth  rates 
were  denoted  by  a  continuous  line 


in  Fig.  7.  This  is  also  apparent 
from  the  picture  of  crack  front 
sizes  reconstructed  by  reverse  in¬ 
tegration  of  growth  rates  and  shown 
for  specimen  2  in  Fig.  9  at  load 
block  71.  We  find  cracks  A  and  8 
have  already  grown  to  a  depth  of 
almost  1.5  mm,  while  most  other 
cracks  are  much  smaller.  As  shown 
by  the  lines  in  Fig.  8,  the  cracks 
that  appeared  later  grew  at  a 
faster  rate  -  under  the  influence 
of  A  and  B.  Thus,  F,  the  smallest 
crack  shown  in  Fig.  9  started 
growing  at  a  rate  about  ten  times 
higher  than  that  of  A  (when  A  was 
of  the  same  size).  As  these 
smaller  cracks  'catch  up'  with  the 
dominant  one(s),  a  through  crack 
finally  appears.  This  is  accompa¬ 
nied  by  a  gradual  merger  of  growth 
rates  at  the  high  end.  Our  obser¬ 
vations  did  not  indicate  any  sign 
of  rapid  acceleration  after 
merger. 

In  contrast  to  the  cracks  in  Speci¬ 
men  2,  the  two  artificially  initi¬ 
ating  cracks  in  Specimen  1  grew  at 
an  almost  identical  growth  rate. 
Obviously,  because  their  sizes 
were  at  any  given  time  similar, 
their  influence  on  each  other  was 
also  even.  It  would  be  fair  to 
suggost  that  they  had  an  equal 
effect  on  each  other,  rather  than 
conclude  that  they  did  not  affect 
each  other.  To  support  the  latter 
claim,  one  would  have  to  test 
another  specimen  with  a  single 
(artificially  initiated)  crack  and 
compare  growth  rates  for  the  two 
cases.  Equal  growth  rates  would 
indicate  that  indeed  two  coplanar 
cricks  cf  equal  size  do  not  affect 
each  other. 

DISCUSSION 

It  roust  be  noted  that  the  replica¬ 
tion  technique  permitted  the 
tracking  of  all  cracks  that  ap¬ 
peared  on  the  notch  surface.  Opti¬ 
cal  fractography  could  be  used  to 
track  only  those  cracks  that  fi¬ 
nally  merged  to  form  the  dominant 
crack.  Those  that  were  on  other 
planes  ended  up  as  non-propagating 
cracks  and  could  not  be  studied 
usi.ng  fractography.  One  may  con¬ 
clude  that  replica  technique  per¬ 
mits  the  study  of  crack  formation 
on  the  notch  surface,  while  frac¬ 
tography  (where  applicable)  can 
provide  a  detailed  and  high  preci- 
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•  ion  picture  of  how  riomlo-int 
crack(8)  leading  to  failure  devi  1- 
oped  and  propagated. 

The  f ractographic  study  on  speci¬ 
men  2  revealed  as  many  as  18  crack 
origins  that  were  not  necessarily 
coplanar.  At  a  higher  stress  level 
(specimen  3  at  275  MPa),  as  many 
as  31  crack  origins  were  traceable 
on  the  fracture  surface.  This 
suggests  that  as  applied  stress  is 
increased,  more  cracks  will  origi¬ 
nate  at  the  notch  root.  It  may  be 
suggested  however,  that  from  the 
viewpoint  of  exhaustion  of  fatigue 
life,  one  needs  to  consider  only 
the  dominant  crack(s)  which  ac¬ 
count  for  the  largest  fraction  of 
total  fatigue  life.  Their  growth 
occupies  a  sizeable  fraction  of 
total  fatigue  life.  The  smaller 
ones  that  appear  after  them  would 
have  only  a  negligible  influence 
over  the  remaining  period. 

The  observations  made  above  may 
!' .ve  implications  for  assignment 
of  inspection  periods  and  detect¬ 
able  crack  sizes  in  design  and 
operation  of  airframes.  If  a  po¬ 
tential  fatigue  critical  area  is 
accessible  for  inspection  from  all 
sides  where  a  crack  is  likely  to 
initiate,  one  may  readily  assume 
that  detection  will  always  involve 
the  dominant  crack  (which  will 
happen  also  to  be  the  slowest).  On 
the  other  hand,  if  the  design  is 
of  a  fastener  (inner  notch  surface 
concealed)  or  some  other  part  where 
the  opposite  side  also  may  be 
inaccessible,  the  design  would 
have  to  assume  the  worst  case 
scenario,  whereby,  when  a  small 
crack  is  detected,  a  much  larger 
crack  is  likely  to  already  exist 
inside  that  will  accelerate  the  new 
ones '8  growth.  This  problem  is  more 
critical  for  thicker  components 
where  a  through  crack  is  more 
likely  to  be  of  critical  dimen¬ 
sions. 

Fractographic  estimates  of  growth 
rates  show  negligible  scatter  and 
a  clear  log-linear  relationship 
with  crack  length.  This  observa¬ 
tion  strongly  supports  the  appli¬ 
cation  of  Fracture  Mechanics  to 
very  small  cracks.  Considering 
that  at  higher  stress  level,  crack 
growth  was  found  to  account  for 
total  fatigue  life,  an  FM  approach 
to  life  prediction  appears  practi¬ 


cal.  Ihase  otnervfitions  may  appear 
to  contradi.L  ^hose  often  found  in 
the  literature,  suggestive  of  con¬ 
siderable  scatter  in  test  results 
and  also  :he  characteristic  dip  in 
growth  rates  after  initial  accel¬ 
erated  growth,  sometimes  leading 
to  crack  arrest.  It  may  be  noted 
that  our  tests  were  carried  out 
under  spectrum  loading  and  at 
stress  levels  of  practical  inter¬ 
est,  which  are  rather  high.  Scatter 
reported  in  the  literature  may  be 
attributed  to  limitations  of 
growth  measurement  (replica  tech¬ 
nique)  and  the  very  nature  of  crack 
growth  under  constant  amplitude 
near  threshold  conditions.  Spec¬ 
trum  loading  on  the  other  hand  has 
always  been  known  to  result  in  less 
scatter  due  to  the  'control'  exer¬ 
cised  on  the  process  by  the  infre¬ 
quent  overloads. 

The  artificially  initiated  cracks 
appeared  to  grow  noticeably  slower 
than  the  slowest  naturally  initi¬ 
ating  cracks  (Fig.  F.,.  This  dif¬ 
ference  may  be  attributed  to  a 
smaller  ^..active  size  (given  as 
total  depth  minus  notch  dept  i)  of 
'■hese  cracks  in  th.  .I'.i'l  stage 
of  growth  as  t'.ey  ar<-  growing  out 
of  an  EDM  'notch  ’thin  a  notch'. 
If  this  observation  is  acceptable, 
it  would  follow,  that  one  cannot 
r..ake  a  useful  study  of  notch  root 
small  crack  growth  using  artifi¬ 
cial  crack  initiators. 

Finally,  it  may  be  noted  that  the 
fractographic  technique  involving 
specially  engineered  load  sequenc¬ 
ing  and  a  material  that  is  condu¬ 
cive  to  ductile  striation 
formation  may  not  always  be  a 
realistic  proposition.  However, 
both  inputs  in  this  study  were  of 
practical  relevance  and  they  pro¬ 
vided  data  that  may  not  have  been 
obtained  using  other  methods.  Con¬ 
sidering  the  requirement  of  ob¬ 
taining  a  better  understanding  of 
spectrum  load  notch  root  fatigue 
of  greater  application  value,  it 
is  proposed  to  extend  the  same 
technique  to  fasteners,  including 
lugs  with  and  without  interference 
fits. 

CONCLUSIONS 

1.  The  growth  of  multiple  cracks 
at  notches  was  experimentally 
studied  in  L168  Al-Cu  alloy 
coupons.  Crack  growth  was 
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measured  using  replication 
technique  and  optical  ^  c- 
tography. 

2.  Replication  technique  provides 
information  on  the  formation 
and  growth  of  cracks  over 
the  entire  notch  surface.  How¬ 
ever,  the  quality  of  crack 
growth  rate  measurements  us¬ 
ing  this  technique  may  not  be 
adequate  in  view  of  large  ob¬ 
served  scatter  in  results. 

3 .  Fractographic  measurements  of 
crack  growth  rates  show  excel¬ 
lent  consistency  and  low 
scatter,  that  is  comparable 

to  long  crack  growth  rates. 
They  also  permit  identifica¬ 
tion  and  tracking  of  multi¬ 
ple  cracks  chat  initiate  at 
the  notch  root. 

4.  Cracks  growing  from  identical 
crack  initiators  grow  at  the 
same  rate.  However,  natu¬ 
rally  initiating  cracks  sel¬ 
dom  do  su  simultaneously. 
Conseque'*'ly,  cracks  that  ap¬ 
pear  la'  grow  faster  un¬ 
der  thr  ..luence  of  existing 
fatigue  cracks. 

5.  As  applied  spectrum  stress 
level  is  increased,  crack  in¬ 
itiation  sites  increase  in 
number.  Also,  the  fraction  of 
total  fatigue  life  consumed 
in  crack  growth  increases  and 
can  reach  loot  at  a  suffi¬ 
ciently  high  stress  level. 
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Fig .  t ingle  edge  notch  (SEN)  specimen  with  tuo  EDM  crack  in¬ 
itiators.  The  other  specimens  tested  were  similar,  but 
without  the  EDM  crack  initiators. 


Fig .2 .Progi ammed  FALSTAFF  load  seguence  used  in  experiments. 

This  spectrum  was  found  to  provide  the  same  crack  growth 
rates  as  the  full,  randomized  version  (IS). 
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SUMMARY 

In  this  paper  the  methods  used  for  cniciiinting  the 
fatigue  life  of  metallic  dynamic  components  in 
rotorcraft  is  reviewed.  In  the  past,  rotorcraft 
fatigue  design  has  combined  constant  amplitude 
tests  of  full-scale  parts  with  flight  loads  and  usage 
data  in  a  conservative  manner  to  provide  "safe  life" 
component  replacement  times.  This  is  in  contrast  to 
other  industries,  such  as  the  automobile  industry, 
where  spectrum  loading  in  fatigue  testing  is  a  part 
of  the  design  procedure.  Traditionally,  the  linear 
cumulative  damage  rule  has  been  used  in  a 
deterministic  manner  using  a  conservative  value  for 
fatigue  strength  based  on  a  one  in  a  thousand 
probability  of  failure.  Conserv'atisms  on  load  and 
usage  are  also  often  employed.  This  procedure  will 
be  discussed  along  with  the  current  U.S  Army 
fatigue  life  specification  for  new  rotorcraft  which  is 
the  so-called  "six  nines"  reliability  requirement  In 
order  to  achieve  the  six  nines  reliability  requirement 
the  exploration  and  adoption  of  new  approaches  in 
design  and  fleet  m.-in.-igement  may  also  be  necessary 
if  this  requirement  is  to  be  met  with  a  minimum 
impact  on  structural  weight.  To  this  end  a  fracture 
mechanics  approach  to  fatigue  life  design  may  be 
required  in  order  to  provide  a  more  accurate 
estimate  of  damage  progression  Also  reviewed  in 
this  paper  is  a  fracture  mechanics  appro.ach  for 
calculating  total  fatigue  life  which  is  based  on  a 
erack-closure  small  crack  considerations. 


I.  INTRODUCTION 

Over  the  past  several  deeadcs  rotoreraft  have  been 
designed  under  the  safe-life  philosophy  using  the 
Palmgren/Miner  |l,2j  nominal  stress  rule. 
According  to  one  rotorcraft  manufacturer  very  little 
h.-is  clianged  (3j  philosophically  over  this  time 
period  with  most  of  the  changes  being  made  in  the 
mechanics  of  the  calculations  where  high  speed 
digital  eomputers  have  replaced  slide  rules  and 
mechanical  calculators.  As  technology  in  other 
areas  increases  this  often  allows  for  more 
sophisticated  aircraft  systems  that  produce  different 
flight  operations  such  as  nap-of-thc-earth,  night 
flying,  and  air-to-air  combat.  These  operations  will 
add  an  even  more  variable  fatigue  load  environment 
on  rotorcraft  than  in  the  past  thus  requiring  a 
fatigue  life  analysis  that  can  reliably  evaluate  the 
effects  of  v.ariable  amplitude  loading  on  the  damage 
process. 

Because  of  two  studies  |4,5]  done  about  a  decade 
apart,  the  safe  life  approach  using  the  Palmgrcn- 
Miner(P/M)  linear  cumulative  rule  has  been 
questioned  as  being  the  most  reliable  approach  to 
predicting  fatigue  life.  In  the  work  in  reference  4 
by  Jacoby,  the  predicted  lives  of  one-third  of  about 
300  tests  on  all  types  of  structures  and  materials 
were  considered  to  be  on  the  unconservative  side. 
The  work  in  reference  5,  the  hypothetical  pitch  link 
problem  formulated  by  the  American  Helicopter 
Society(AHS),  showed  variations  in  predicted 
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fatigue  life  from  9  to  2.59  t  hours  The  AHS  pitch 
link  problem  caused  some  people  in  the 
intematioral  rotorcraft  comniunits  Jb]  to  re\ie\s 
this  problem  is  \sell  as  to  add  a  test  program  on  a 
simulated  pitch  link  so  fatigue  life  ealeiilations 
could  be  compared  to  test  results  tvhiel'i  was  not 
done  in  the  AHS  problem  1 5 1 

The  large  differences  m  the  AMS  pitch  link 
predicted  fatigue  lives  has  resulted  from  each 
manufacturer  using  various  conservatisms  on  the 
various  parts  of  the  fatigue  life  prediction  process 
Vanous  rcxiuctioiis  techniques  in  the  comp<.>nenl 
fatigue  strength  curves  and  the  use  of  top  of  scatter 
flight  loads  are  but  two  of  these  conservatisms 
One  of  the  reasons  for  conservative  design  lias  been 
a  lack  of  accurate  and  detaikvl  structural  anaivses 
Over  the  vears  advances  m  computer  speed  and 
inemorv  have  resulted  in  more  elTicient  inetlKKls  for 
lad  anaivsis  However,  these  methcKis  have  been 
implemented  without  a  better  delinition  of  the  level 
of  conserv  atism  As  a  eonsequence  the  I  S  Arniv 
is  requiring  that  the  next  rotorcraft  to  be  developed 
have  and  oxpexted  value  of  six  iiiik's  reliabilitv  for 
flight  critical  components 

The  exploration  and  adoption  of  iie'w  approaches  in 
design  and  Ikvit  iiianagenient  iiiav  be  iieeessarv  to 
achtevc  a  reliabilitv  of  six  nines  with  miiiiniuiii 
impact  on  structural  weight  Actual  fleet  loads 
monitoring  iiiav  be  required  to  reduce  the 
uncertamtv  in  usage  Some  of  these  new 

approaches  have  bevn  implemented  m  a  life  cvcie 
management  program  started  during  the  |viX(i's  |7| 
Fracture  mechanics  fatigue  life  approaches  iiiav  be 
required  to  provide  more  accurate  estimates  of 
damage  progression  .Also  llight-bv-tlight 

spectrum  testing  of  full-scale  pans  mav  be  required 
to  reduce  the  uncenaiiitv  of  spectrum  fatigue  life 
predictions  and  possible  lower  the  coetfieieiits  of 
variation  Tlie  purpose  of  this  paper  is  to  review 
the  past  practice  of  the  rotorcraft  safe-life 
approach,  to  review  some  of  the  aspects  of  the 
current  six  nines  reliabilitv  fatigue  life  requirement 
paiticulaiiy  the  recent  AHS  six  nines  fatigue  hie 
round-iobin  .  and  to  review  a  possiblv  future 
approach  to  fatigue  life  prediction  using  a  fracture 
mechanics  approach  were  total  fatigue  life  is 


prcxiieled  using  onlv  crack  propagation 
considerations 


2.  PAST  PRACTIC  ES 

SiiK'e  the  AHS  pitch  link  problem  involvcxi  almost 
all  of  the  I'  S  rotorcraff  manufacturers  as  well  as 
two  Furopean  maiuificturers  an  overview  of  fatigue 
life  prediction  of  rotorcraft  in  the  past  will  be 
prcseiiVc'd  bv  reviewing  some  of  pitch  link 
participants  design  praetiees  In  the  pitch  link 
problem  the  threv  kev  ingredients  givc-n  to  the 
participants  were  the  mission  spectra,  the  flight 
lo.tds.  and  six  stress  versus  fatigue  life  cvcles(S<'N) 
d.ita  points  Since  the  P  M  linear  cumulative  rule  is 
the  basis  for  rotorcraft  fatigue  life  prediction  up  to 
the  present  these  three  ingredients  provide  all  the 
data  that  is  needed  to  predict  fatigue  life  The 
linear  eiiniul.ilive  d.miage  nile  slates  that  fatigue 
t.iihire  iVccurs  when  the  siinmulion  of  the  so-called 
cvcie  ratios  (n  Nl  is  equal  to  one  In  the  nominal 
stress  .ippri'.ieh.  the  flight  loads  are  grouped  into 
discrete  lo.id  levels  so  the  mimeralor  in)  of  the  cvcie 
r.iiios  can  be  defined  In  the  design  of  rotorcraft  the 
denoniinaiorlM  is  determined  from  fatigue  tests  on 
the  actual  part  being  designed 

2  I  Mission  si'-eetrumltlight  loadsj  Tlie  life 
caleulations  often  st.irt  bv  developing  the  mission 
speetrum  wliieli  defines  the  nianuevers  the 
rotvireraft  will  experienee  as  well  as  the  percent 
iKcurenee  h'r  e.ieli  of  these  nianuevers  in  the 
mission  s(Vciriim  .As  stated  previoulsv  the  flight 
liKids  from  the  various  nianuevers  are  used  to  form 
the  mimer.ilortii)  of  the  evcie  ratios(n/'N)  .Also 
specified  are  wh.il  is  often  called  the  flight  profile 
spills  which  define  the  percent  lime  spent  at  various 
gross  weights  center  of  graviiv,  altitudes,  ro'or 
spevds  and  villier  pertiiieiil  data  For  thv  pifeh  link 
piohleiii  the  mission  speetniiu  is  shown  in  Table  I 

1  he  flight  buds  aie  delermined  from  a  flight  loads 
siirvev  on  a  priduelmn  eonfigured  rotorcraft  where 
the  rotorcr.ifl  is  fle.vvn  at  all  of  the  maneuvers 
dcTuicd  m  the  niissum  s|)c'etriini  These  flight  loads 
are  usiiallv  collected  from  flights  in  different  air 
condilioiis  such  as  smixith,  Uiibulent,  hot.  cold.  wet. 
drv.  etc  flicse  various  weather  conditions  often 
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require  taking  loads  data  on  difVcrent  days  which 
some  manufactures  require  |3|.  An  example  of 
flight  loads  on  the  pitch  link  for  a  high  speed  dive  is 
shown  in  Figure  I . 

The  preferred  way(in  the  sense  of  most 
consevativc)  of  determining  which  load  values  will 
be  used  in  the  damage  calculations  is  termed  top-of- 
scatter  loads.  From  Figure  I  it  is  seen  that  the 
maximum  top-of-scatter  load  is  2352  pounds 
When  combined  with  the  minimum  load  during  this 
maneuver,  minus  1386  pounds,  the  maximum  load 
range  becomes  3738  pounds  which  when  divided  by 
two  gives  the  top-  of-scatter  alternating  load  for  this 
maneuver  as  shown  in  Table  2  For  the  purpose  of 
the  damage  calculation  this  load  is  considered  to 
occur  over  the  entire  time  of  the  maneuver  Tins 
procedure  is  performed  on  all  of  the  maneuvers  in 
the  mission  spectrum  and  produces  the  results 
shown  in  Table  2  As  it  will  be  seen  later,  the 
steady  load  for  all  of  the  condition*  mat  will 
contribute  to  the  damage  usinu  th  t'/M  rule,  is 
fairly  close  to  the  steady  loa''  ue  .  m  the  pitch  links 
S/N  cune,  therefore  i  K'jiflcation  to  the 
alternating  loads  to  accoir  ,  tor  what  is  called  tlie 
Goodman  effext  is  lOt  required  Tlie  so-called 
Goodman  effect  arises  because  the  fatigue  load 
cycles  from  'iic  flight  lo.ads  data  arc  at  iii.any 
different  s'lcss  ratios.K  (ratio  of  immniiuii  to 
maximun  stress)  These  t'jads(stresses)  are 
"corrected”  to  stress  values  that  give  the  equivalent 
darijge  os  the  flight  load  stresses  but  at  the  stress 
ratio  used  for  the  eoiiqionents  SN  curve  (he 
linear  form  of  what  has  been  called  the  Gexidiiaii 
coiTCCtion  was  used  by  must  participants  in  the 
pitch  link  problem  |3|  when  it  was  considered 
necessary  to  "correct"  the  altcriutiiig  loads 

2  2  Fatigue  strength(S-'N  curve)  llie  first  step 
in  establishing  the  design  S  M  curve  which  is  used 
to  determine  the  denoininatur(\)  iii  the  I'  M  rule,  is 
to  determine  the  endurance  liiiiit  of  the  cuui|)oueiii 
of  interest  fhe  endurance  liiiiu  is  deteruiined  bv 
first  testing  a  minimum  of  six  full-scale  exact 
replicas  of  the  component  to  failure  at  ditfereiil  load 
levels  |3|  In  the  situ.il>oiis  where  the  eoiiiplexitv  of 
the  component  .md  loading  is  such  that  more  than 
one  failure  site  is  possible,  eight  or  more  tests  are 
run  by  some  m.miifactiirers  |8|  I  he  eiidiiraiicc 


limit  is  determined  by  extrapolating  each  of  the  six 
or  more  tests  points  to  10  million  cycles(for  ferrous 
materials)  using  a  standardized  curve.  Once  the 
c.xtrapolated  endurance  limit  for  each  test  point  is 
known,  the  mean  and  other  statistical  values  of  the 
endurance  limit  are  determined.  The  standardized 
shape  of  the  S/N  curves  is  one  place  where  different 
procedures  arc  used.  Most  manufacturers  use  a 
shape  that  is  determined  by  running  numerous 
coupon  specimens  of  the  component's  material  with 
a  stress  concentration  that  closest  simulates  that  of 
the  failure  site  of  the  actual  component  [3,8,9].  The 
methods  used  to  establish  Cie  shape  of  these  curves 
is  different  for  each  manufacturer.  Some  use  a 
Wohler  curve  1 10. 1 1  j  some  a  Weibull  equation  [9] , 
some  tlK’ir  own  exquations  [8] ,  and  some  use  two  or 
more  procedures  depending  on  which  seems  to  be 
the  most  valid  for  the  particular  situation  [12]. 
Since  each  manufacturer  uses  a  different  piocedure 
for  determining  the  curve  shape  that  is  used  to 
determine  the  endiir.-vnce  limit  ,  different  endurance 
limits  v>ill  result  thus  providing  some  differences  in 
the  final  calculated  fatigue  life. 

Probably  the  greatest  difference  in  fatigue  life 
calculations  comes  from  the  method  used  to  reduce 
the  mean  endurance  limit  to  the  design  allowable 
[6]  Each  manufacturer  has  its  own  $ct  of  reduction 
factors  Tlie  component  life  is  usually  calculated 
using  the  lowest  value  of  the  endurance  limit  as 
determined  by  one  of  the  several  reduction  factors 
Almost  all  manufacturers  use  the  reduction  factor 
of  mean  minus  three  times  the  standard 
deviationfiiK'an  -  3o)  Some  manufacturers  use 
X()“o  of  the  mean  as  a  reduction  ijctor  [3.10]  and 
others  used  a  reduction  factor  based  on  an  equation 
bv  Maid  1 1 1 1  Table  3  shows  a  comparison  of  the 
mean  endurance  limit  for  the  pitch  link  problem  as 
well  as  the  design  allowable  endurance  limit 

2  3  Fatigue  Jife  calculations  With  the  design 
allow.ible  fatigue  limit  determined  and  the  flight 
loads  for  the  various  maneuvers  established,  the 
fatigue  life  can  then  be  calculated  using  the  P/M 
rule  bv  comparing  the  flight  loads  to  the  endurance 
limit  of  the  com|)oncnt  The  maneuvers  where  the 
flight  loads  are  above  the  endurance  limit  are 
considered  to  be'  the  damaging  maneuvers  The 
niinieiator  in  the  cvcic  ratio  for  the  P/M  rule  for 


each  maneuver  is  determined  by  calculating  the 
number  of  load  occurrences  that  are  experienced  by 
the  eomponent  over  a  certain  time  period(often  for 
one  hour).  For  the  pitch  link  problem  with  a  rotor 
speed  of  324  revolutions  per  minute  and  assuming  a 
load  frequency  of  once  per  rotor  revolution,  the 
numerator  becomes  1 45. 8  damaging  load  cycles  per 
hour  for  the  l.5g  right  tum(324  X  60  X  0.0075) 
The  denominator  of  the  cycle  ratio  is  then 
determined  for  each  maneuver  b\  reading  from  the 
component's  S/N  curve  the  fatigue  life  at  the  stress 
level  for  each  maneuver.  The  cycle  ratio  for  each 
damaging  maneuver  is  formed  as  just  stated  and  the 
total  fatigue  damage  is  determined  by  summing  all 
the  cycle  ratios  for  each  loading  condition,  Z(n/N) 
The  reciprocal  of  total  fatigue  damage.  I/S(n/N), 
then  becomes  the  fatigue  life  of  the  component  If 
using  the  top-of-scatter  procedure  for  determining 
the  flight  loads  gives  a  too  conservative  value  of 
fatigue  life,  then  a  more  formal  t>pe  of  c>cle 
counting  is  employed. 

Again,  each  compan\'  uses  a  different  t\pe  of 
counting  method.  One  manufacturer  uses  a  method 
that  reduces  the  flight  loads  into  a  histogram  that 
contains  every  load  reversal  that  exceeds  the 
endurance  limit  [3|.  The  details  of  this  method  are 
found  in  Bruhn's  .Analysis  &  Desitm  of  Fliuht 
Vehicle  Structures.  [  1 3 1.  One  manufacturer  did  use 
the  tainflow  method  [lO]  which  has  been  considered 
by  many  to  be  the  more  reliable  counting  procedure 
for  accounting  for  load  sequence  effeets.  Most 
manufacturers  used  a  method  derived  to  adapt  to 
computer  prc^rains  that  they  use  to  reduce  the 
flight  loads  data  from  the  actual  flight  load  surveys 
18,12). 

The  final  assignment  of  a  fatigue  life(sometinies 
called  a  safe  retirement  life)  ctlen  depends  on 
proven  engineering  judgment  [8,9, 14|  Most 
manufacturers  recognize  that  the  P/M  rule  has  often 
been  shown  to  predict  unconservative  fatigue  lives 
[4,14]  because  of  such  phenomena  as  load  sequence 
interaction  effects  and  the  fact  that  loads  below  the 
scKialled  endurance  limit  often  produce 
nonpropagating  cracks  that  can  become  damaging 
again  when  large  compressive  loads  are 
experienced.  Because  of  this,  various 


manufaeturers  also  use  a  reduction  factor  on  the  life 
calculated  by  the  P/M  rule  [  10,14). 


3.  CURRENT  DESIGN  REQUIREMENT 

The  intent  of  this  section  is  to  review  some  of  the 
aspects  of  the  new  "six  nines"  reliability  U.S.  Army 
design  requirement  on  the  fatigue  life  of  dynamic 
compents.  As  stated  previously  this  requirement 
was  implemented  in  the  middle  of  the  decade  of  the 
I980‘s  in  order  to  help  quantify  the  overall  risk 
associated  with  a  given  components  fatigue  life. 
Prior  to  this  requirement  the  studies  of  Jacoby  [4[ 
and  the  AHS  pitch  link  problem  of  1980  [5[  had 
shown  that  the  safe  life  approach  using  the  P/M 
rule  to  calculate  fatigue  life  was  frought  with 
difficulties.  Some  of  these  difficulties  come  from 
the  inability  of  the  P/M  rule  to  handle  such 
phenomena  as  the  affects  of  load  interactions  on 
fatigue  damage  progression  While  other  problems 
stem  from  the  fact  that  different  manufactures  will 
inlierently  choose  different  procedures  in  handling 
the  various  ingredients  that  arc  needed  in 
calculating  the  fatigue  life(i.e.  reduction  on  mean 
S/N  curve  to  a  design  allowable  curve).  The  six 
nines  reliability  requirement  and  the  associated 
concerns  about  implementing  such  a  philosophy 
resulted  m  establishing  a  round  robin  in  1988 
involving  the  U  S  Army  Systems  Command,  now 
called  the  .Aviation  and  Troop 

Conuiiand(ATCOM),  and  the  U.S.  rotorcraft 
industry.  This  study  was  undertaken  by  the 
Amerii-an  Helicopter  Society(AHS)  Subcommittee 
for  Fatigue  and  Damage  Tolerance.  The  intent  of 
this  section  is  to  examine  some  of  the  computational 
methods  neecssary  to  determine  fatigue  life  as  a 
function  of  reliability  by  reviewing  some  of  the 
pertinent  aspects  of  the  1988  AHS  round  robin 
[15[ 

3.1  Round  robin  discription  The  objixtivc  of  the 
AHS  reliability  round  robin  was  to  do  more  than 
just  establish  a  consistent  reliability  analysis.  Other 
objectives  were  to  evaluate  how  the  different  U.S. 
rotorcraft  industry  methods  in  defining  fatigue 
strength  would  affect  reliability  calculations  as  well 
as  to  examine  the  issue  of  fleet  versus  individual 
aircraft  component  replacement  A  further 
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objective  of  the  exercise  was  to  contend  with  the 
probabilistic  complexities  associated  with  defining 
loads  variability  to  demonstrate  the  benefits  of 
loads  monitoring  for  achieving  six  nines  reliability. 
The  problem  as  posed,  assumed  a  normal 
distribution  for  fatigue  strength  under  precisely 
defined  cyclic  loads  and  a  normal  distribution  for  a 
simple  loading  spectrum  so  that  fatigue  lives  could 
be  calcualted  to  six  nines  reliability.  Of  course  in 
actual  design  practice  the  probability  distribution 
that  best  described  the  flight  loads  and  components 
fatigue  strength  would  have  to  be  determinedfi.e., 
normal,  log-normal,  etc.).  In  order  to  address  all  of 
the  above  issues  the  round  robin  was  divided  into 
three  phases.  In  Phase  1,  the  problem  was  defined 
such  that  only  one  numerical  answer  was  correct. 
Phases  II  and  III  were  set  up  so  that  the  experience 
of  individual  contributors  could  show  how 
differences  in  assumptions  affected  the  results 
Table  4  lists  the  round  robin  participants  and  their 
appropriate  identifier  codes 

Phase  I  -  Identical  Methods  and  Inputs  In  Phase  1 
of  the  exercise,  n  1  fatigue-related  variables  were 
strictly  controlled  to  insure  that  the  participants 
developed  consistent  solutions  for  fatigue  lives  at 
the  prescribed  reliability.  For  computational 
purposes,  a  mathematically  defined  S-N  curve  was 
provided  in  terms  of  stress  range,  and  fatigue 
limit  (fatigue  strength  at  very  large  loading  cvcles), 
Sg  for  a  stress  ratio  R=0.  Tlie  loading  spectrum 
us^  in  this  round  robin  was  tlie  standardized 
helicopter  load  spcctia  called  Feh.x/2S  116|  To 
illustrate  trends  due  to  overall  spectnim  severitv .  a 
baseline  spectrum  level  was  established  and  other 
spectrum  severities  were  created  by  multiplying  all 
loads  in  the  spectrum  bv  a  scaling  parameter  called 
alpha.  To  include  variability  of  loads  in  the 
reliability  analysis,  the  severity  of  the  spectrum  was 
assumed  to  have  a  normal  distribution  about  a  mean 
severity  (or  mean  alpha)  level  Again,  in  design 
practice  the  probability  distribution  that  best 
described  the  spectrum  severity  would  have  to  be 
determined.  It  is  important  to  recognize  that  this 
was  a  theoretical  exercise  and  that  alpha  was 
inteded  to  be  a  mathematical  artifice  used  to 
simulate  changes  in  the  baseline  spectrum  which 
account  for  differences  in  usage,  pilot  technique, 
weather,  vehicle  configuration,  etc.  Thus,  for  the 


purposes  of  this  exercise,  alpha  is  an  operational 
variable  that  combines  both  usage  and  loads 
variability  to  discriminate  in  mission  intensity.  All 
of  the  items  just  listed  that  could  affect  the  load 
spectium(pilot  technique,  etc.)  would  have  to  be 
considered  when  choosing  the  probability 
distribution  that  would  best  describe  the  load 
spectrum. 

Based  upon  these  fatigue  strengdi  and  spectrum 
loading  definitions,  the  following  three  problems 
were  proposed  and  solved  by  the  AHS  round-robin 
participants.  For  all  three  problems,  it  was 
assumed  that  fatigue  strength  was  normally 
distributed  about  the  fatigue  limit  with  a  7% 
coefficient  of  variation  (COV).  Also,  for  the 
purposes  of  the  round  robin,  it  was  assumed  that; 
(I)  Palmgren-Miner's  linear  damage  rule  was  valid; 
and  (2)  Goodman  corrections  needed  to  convert  the 
applied  stresses  to  equivalent-damage  stresses  at 
R=0  were  valid. 

Problem  I.  Assumed  that  the  loading  spectrum 
does  not  vary  F-ttigue  lives  were  calculated  for  the 
mean,  mean-3a,  and  mcan-5o  fatigue  strength 
cunes  using  the  Feli.x/28  loading  spectrum  factored 
by  deterministic  mean  values  of  the  fleet  severity 
parameter,  alpha,  between  0  3  and  0  9, 

Problem  2.  Assumed  that  the  loading  spectrum 
severity  parameter,  alpha,  is  normally  distributed 
with  a  7%  COV.  The  fleet  fatigue  fatigue  lives  at 
six  nines  reliability  were  calculated  for  mean  values 
of  alpha  between  0  3  and  0  9 

Problem  3.  Assumed  that  the  severity  parameter, 
alpha,  for  a  subset  of  helicopters  (or  individual 
aircraft)  had  a  normal  distribution  and  could  be 
measurea  to  within  a  3%  COV.  The  six  nines 
reliability  fatigue  lives  for  the  subset  of  aircraft 
over  a  lOiige  of  alphas  were  to  be  calculated  It  was 
further  assumed  that  the  mean  alphas  of  the  subsets 
in  the  fleet  were  nomially  distributed  with  a  7% 
COV  and  the  mean  fatigue  lives  at  six  nines 
reliability  for  a  fleet  mean  alpha  of  0  6(0  85  for 
Phase  II)  were  to  be  calculated. 

One  of  the  possible  future  activities  of  the  AHS 
Fatigue  and  Damage  Tolerance  subcommittee  is  to 
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investigate  the  effects  of  different  COV's  on  the 
reliability  calculation  as  well  as  to  address  the  issue 
of  what  value  should  these  COV's  be  for  various 
component  and  material  combinations. 

Phase  II  Independent  Methods  and  Inputs  In 
Phase  I,  the  same  S-N  curve  and  fatigue  limit  COV 
were  used  by  each  participant.  In  Phase  II,  instead 
of  using  a  prescribed  mathematical  expression  for 
the  S-N  curve,  the  round-robin  participants  were 
provided  six  constant  amplitude  test  points  which 
were  mutually  agreed  to  be  typical  of  the  six  data 
points  obtained  in  full-scale  helicopter  fatigue 
substantiation  testing.  Each  participant  then  used 
this  data  set  to  develop  an  independent  S-N  curve 
formulation,  fatigue  limit,  and  fatigue  limit  COV. 
The  three  problems  in  Phase  I  were  solved  again  to 
compare  the  effects  of  each  participant's  choice  of 
S-N  curve. 

Phase  III  Spectrum  Fatmue  Tests  In  addition  to 
the  constant  amplitude  tests.  AVSCOM's 
Aerostmetures  Directorate  (ASTD).  now  the 
Vehicle  Structures  Dircctorate(VSD)  of  the  .Arnw 
Research  Laboratory(ARL),  conducted  spectaim 
fatigue  tests  using  the  Feh.x/28  loading  spectrum 
over  a  range  of  alpha  values  The  measured  alpha 
versus  life  cuac  was  used  to  assess  the  accuracy  of 
a  cumulati\e  damage  model  and  a  fracture 
mechanics  model  for  predicting  the  measured 
spectrum  fatigue  h\es  Each  participant  compared 
the  mean  life  predictions  from  Phase  ll/Problem  1 
to  the  spectrum  fatigue  test  results 

3.2  Reliability  analysis  This  section  explains  the 
solution  methods  used  to  answer  the  three  questions 
postulated  for  the  round-robin  exercise.  Problem  1 
does  not  address  reliability  but  was  included  to 
assure  that  all  partieipants  proper!)'  accounted  for 
loads  (alpha)  scaling  and  the  Goodnuan  correction 
when  calculating  the  fatigue  life  Problems  2  and  3 
were  intended  to  address  the  probabilit)'  of  failure 
(POP)  for  a  given  distribution  of  fatigue  strength 
and  applied  loading  The  results  were  to  be 
presented  in  terms  of  reliability  or  the  prob.ibilit)  of 
no  failure,  (1-POF).  Thus,  the  six  nines  rehabilit) 
requirement  is  equivalent  to  one  failure  in  a  million 
for  each  major  component  in  the  life  of  the 
helicopter  fleet.  An  undcrlving  objcctwe  of  this 


analysis  was  to  demonstrate  the  advantages  of  load 
monitoring  for  achieving  six  nines  reliability  using 
the  results  of  Problems  2  and  3.  Sec  the  description 
of  Problem  3  later  in  this  section  for  an  explanation 
of  how  load  monitoring  helps  achieve  six  nines 
reliability  throughout  the  fleet.  The  solutions  to 
these  problems  are  presented  and  discussed  in  a 
later  section  of  this  paper. 

Problem  1.  As  mentioned  earlier,  the  S-N  curve 
shape,  the  ultimate  strength  (ISO  ksi),  and  the 
fatigue  limit  stress  rangc(40  ksi)  were  prescribed  in 
Pliase  I.  Figure  2  shows  the  S-N  curve  formulation 
as  plotted  on  a  log-log  scale.  Based  upon  this 
straight  line  definition,  the  fatigue  life  equation  can 
be  written  as 

N  =  500000(Sr-Sc)-''5l785^  SpS^  (1) 

.and 

N=  10*5.  Sr<St  (2) 

Recall  that  the  coefficient  of  variation  on  the 
fatigue  limit  was  assumed  to  be  7%  It  was  further 
assumed  that  the  standard  deviation  at  the  fatigue 
limit  also  applies  to  the  fatigue  strength 
distributions  at  all  points  on  the  S-N  cuac.  In 
other  words,  the  fatigue  strength  standard  deviation 
was  assumed  to  be  constant.  The  alpha  versus 
fatigue  life  cunes  for  the  mean,  mean  minus  three 
sigma,  and  mean  minus  five  sigma  fatigue  limits 
were  computed  using  the  Palmgren-Miner  linear 
cumulative  damage  model  which  was  discussed 
previously  The  calculation  of  a  mean  minus  three 
sigma  fatigue  life,  provides  a  reliability  of  999  with 
respect  to  precisely  known  loads.  The  solution 
process  consisted  of  four  basic  steps.  First,  the 
Feli\/28  loading  spectrum  stresses  (mean  and 
amplitude)  were  multiplied  by  the  alpha  scaling 
parameter  Second,  the  scaled  stresses  were 
adjusted  using  the  Goodman  correction  The  intent 
of  the  Gooffman  correction  is  to  convert  a  given 
stress  meal,  and  range  into  an  equivalent  stress 
range  which  produces  equivalent  fatigue  damage  at 
R-=0  Figure  3  describes  the  Ooodman  correction 
for  the  alpha  scaled  stress  mean  and  range.  Tlie 
equr.alent  stress  range,  s^i ,  is  defineo  as 


S|-*  <X  Sy  S|-  /  (Sy  -  <X  Syj  +  (X  S|-  /  2)  (3) 

at  the  R=0  fatigue  life  curve  for  an  arbitrarv-  value 
of  a.  Equation  (1)  is  used  with  Sf  replaced  b\  Sp* 
to  calculate  the  fatigue  life.  Third,  for  the  mean 
and  the  reduced-strength  definitions  of  the  S-N 
curves,  Palmgren-Miner's  Rule  is  used  to  calculate 
the  fatigue  life  for  the  Felix/28  spcetrum.  Finally, 
in  the  fourth  step,  a  was  plotted  versus  the  number 
of  sequences  through  the  loading  spectrum. 

Problem  2.  The  purpose  of  Problem  2  was  to 
include  the  variability  of  fatigue  strength  and 
applied  load  in  the  fatigue  life  caleulntions  for  six 
nines  reliability,  For  this  problem,  both  strength 
and  load  were  assumed  to  be  normally  distributed 
with  a  7%  eoefficienl  of  ation  The  probability 
of  failure  for  particular  distributions  of  alpha  and 
strength  was  considered  to  be  a  joint  probability  of 
oceurrenee  problem  Joint  probability  distributions 
associated  with  two  random  variables  are  discussed 
in  reference  2.  Tlie  nonnal  distribution  curve  or 
probability  density  function,  as  depicted  in  figure  4, 
is  used  to  calculate  tne  probability  that  a  value  of 
the  parameter  (strength  or  load)  exists  in  the 
interval  between  z,  and  z,+  |  The  product  of  the 
fractional  or  interval  probabilities  for  load,  ,3P|(<j() 
and  strength  APj(S)  defines  the  joint  probability 
that  both  occur  simultaneously  Thus,  the  joint 
probability  was  given  by 

APij(a,S)  =APj(u)  +  APj(S)  (4) 

This  problem  was  solved  numerically  by  creating  a 
joint  probability  matrix  for  normal  distributions  of 
alpha  and  strength,  as  illustrated  m  figure  .s  '1  hese 
nonnal  distribution  curves  for  .alpha  and  strength 
were  divided  into  50  uniform  increments  from 
minus  five  sigma  to  plus  five  sigma  about  the  mean 
A  sensitivity  study  verified  that  30  inereinents  gave 
results  to  within  2  5%  of  the  converged  solution 
which  required  200  increments 

The  procedures  which  were  discussed  in  Problem 
1  were  used  to  compute  the  fatigue  life,  N|j(a.S), 
for  each  combination  of  alpha  and  strength  in  the 
Joint  probability  nnitrix  lluis,  there  is  an 
associated  fatigue  life  for  e.ach  clement  m  the  joint 


probability  matrix.  The  reliability  is  calculated  by 
reordering  the  [APjj(a,S),  Njj(a,S)]  pairs  from  the 
smallest  life  to  the  largest  life.  The  re' lability  at 
any  specified  fatigue  life  is  the  sum  of  all  values  of 
in  the  array  above  that  value  of  life.  Figure  6 
presents  an  example  of  this  cumulative  Joint 
probability  versus  fatigue  life.  As  indicated  in 
figure  6,  the  safe  retirement  life  (or  a  POF  = 
0  000001)  can  be  easily  calculated  by  interpolation. 
This  process  is  '■epeated  for  each  mean  alpha  from 
0  3  to  0.9  It  turns  out  that  only  the  shaded  region 
of  the  joint  probability  matrix  in  figure  5 
contributes  to  the  calculation  of  six  nines  reliability 
Thus,  the  number  of  computations  needed  to  obtain 
SIX  iiinc-s  reliability  is  only  about  one-eighth  of  the 
2500  load  and  strength  combinations. 

There  was  another  method  used  in  the  round  robin 
by  several  participants  which  gave  essentially  the 
s.'une  answers  as  the  numerical  Joint  probability/life 
matrix  .appro.ich  This  alternative  method  was  a 
closed-fomi  solution  which  used  the  following  ideas 
and  procedures.  E.ach  alpha-scaled  and  Goodman 
correeted  .applied  stress  range  .s^.in  the  loading 
spectrum  was  assumed  to  be  normally  distributed 
with  a  mean  value  given  by  equ.ation  (3)  .and  a  COV 
equal  to  the  alpha  distribution  COV  Furthermore, 
because  Sf  and  are  assumed  to  be  normally 
distributed,  the  S-N  curve  in  equation  (2)  was 
defined  m  tenns  of  a  new  variable,  ,  (|>  =  (s^  -  S^) 
which  was  also  assumed  to  be  normally  distributed 
with  a  nie.an.  iji,,,.  and  a  standard  deviation,  Oij, 
The  S-N  equation  became 

N  =  500000((t')'l  (j)>0  (5) 

In  the  linear  daiiuge  fraction  (n/N),  n  was  defined 
for  each  stress  r.ange  in  the  loading  spectrum  The 
damage  tiuit  was  exceeded  with  a  POF  equal  to 
10'^’  (or  six  nines  reliability)  at  each  stress  range  in 
llie  spectrum  was  determined  by  using  equation  (5) 
to  calculate  N  when 

(|)  =  (ij.,,,  +  4  75  a,],)  (6) 

vvheie, 

“  (*r  m  ■  ^em)  '^iji  ~  (’^sr^  ®se^^^^^ 
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Finally,  the  safe  retirement  life  was  computed  as  the 
reciprocal  of  the  total  damage  in  the  loading 
spectrum. 

Although  this  alternative  method  has  produced 
answers  which  are  close  to  those  calculated  by  the 
"matrix"  method,  the  two  methods  have  not  been 
shown  to  be  theoretically  equivalent.  One  of  the 
differences  between  the  "matrix"  method  and  the 
closed-form  method  can  be  attributed  to  differenees 
between  the  normal  population  statistics  for  alpha 
and  Sf .  While  the  alpha-scaled  stresses  haw  the 
same  COV  as  alpha,  the  alpha-sealed  and 
Goodman-correeted  stresses  (Sf )  do  not.  There  was 
no  attempt  in  the  current  studs  to  esaluatc  the 
limitations  of  assuming  the  same  COV  for  alpha 
and  Sf  on  the  accuracy  of  the  results  Houes  er,  the 
closed-form  method  does  require  much  less 
compjitation  than  the  "matrix"  method  and  both 
approaches  were  used  in  the  round  robin. 

Problem  3,  Problem  3  was  posed  to  help  examine 
the  difference  between  the  safe  retirement  life  for 
the  entire  fleet  and  the  safe  retirement  life  based  on 
individual  aircraft  usage.  If  the  measurements 
necessary  to  detennine  alpha  could  be  made  with  a 
3%  COV,  then  significant  maintenance  cost  savings 
could  be  achieved  from  the  longer  mean  retirement 
life.  This  probelin  is  an  application  of  the  theorem 
of  total  probability  where  the  total  fleet  has  a 
normal  distribution  of  alpha  with  a  7%  COV  The 
measurement  error  on  each  individual  aircraft  was 
assumed  to  have  a  normal  distribution  with  a  3% 
COV.  The  solution  of  this  problem  consists  of  two 
steps.  First,  the  safe  retirement  lives  are  calculated 
for  each  measured  alpha  This  step  is  the  same  as 
Problem  2,  c.xcept  that  the  alpha  variation  h.as  a  3% 
COV  instead  of  7%  Second,  the  mean  stife 
retirement  life,  N,„^.3f,,  is  calculated  for  the 
prescribed  mean  alpha  using  the  method  of 
conditional  expectation  |17|  and  is  expressed  in 
integral  form  as 

^mean  ~  ^ship(“)  *  ^fleet(“^ 

where  Ngpjpla)  is  the  individual  ship  six  nines  life 
for  a  3°o  COV  on  applied  loads  and  ffii;i;t(“)  's  the 


fleet  probability  density  function  for  a  7%  COV  on 
the  mean  a.  For  this  problem  was 

calculated  using  a  discretized  form  of  Eq.  (7)  given 

by 

b^mean  “  S  Ns|,jp(a)  *  Pficet(a)  (») 

wftere  Ngi^jpfa)  is  computed  for  a  3%  COV  on 
applied  loads  and  Pflcet(“)  “  fflcet(“)*'^“  's 
computed  for  a  7%  COV  on  the  mean  a.  Figure  7 
shows  a  graphical  representation  of  this  process. 

3.3  Round  robin  results  The  results  of  all  three 
phases  of  the  reliability  round  robin  exercise  are 
presented  in  this  section.  Only  a  portion  of  the 
results  will  be  presented.  See  reference  15  for  the 
complete  set  of  results. 

Ph.ase  I  -  Identical  Methods  and  Inputs.  In  Phase  I. 
all  participants  used  the  same  S-N  curve,  spectrum 
loading  sequence,  and  statistical  parameters  in 
solving  the  three  problems  Table  5  presents  the 
fatigue  live  for  Problem  1  for  the  mean  strength  for 
all  participants.  Table  6  gives  the  mean  minus 
three  sigma  and  mean  minus  five  sigma  strength 
predictions  only  for  the  VSD  solutions.  All  of  the 
other  participants  solutions  for  this  problem  were 
similar.  Tables  7  and  8  present  the  fatigue  life 
calculations  at  six  nines  reliability  for  Problems  2 
and  3,  respectively.  Fatigue  lives  in  the  tables  are 
given  in  terms  of  the  number  of  passes  through  the 
loading  spectrum  For  Problems  2  and  3,  the  first 
numbers  tabulated  were  calculated  using  the  Joint 
probability/life  matrix  approach  while  the  numbers 
in  parentheses  were  calculated  using  the  closed- 
form  method.  Tlie  results  from  Phase  1  confirmed 
tliat  all  participants  could  calculate  about  the  same 
answers  for  all  three  problems  when  the  S-N  curve 
formul.ation.  loading  spectrum,  and  statistical 
parameters  were  identical.  The  small  differences  in 
fatigue  lives  calculated  by  the  participants  can  be 
attributed  to  two  possible  sources.  First,  different 
answers  would  occur  if  the  paiticapants  used 
different  sizes  of  incremental  sigma'sfsce 
description  of  Problem  2  under  Reliability  Analysis 
section)  in  summing  for  a  given  level  of  probability. 
Second,  the  type  of  numerical  integration  method 


used  in  summing  for  a  given  level  of  probability 
would  also  give  slightly  different  results. 

Recall  that  Problem  2  was  set  up  to  calculate 
fatigue  lives  at  six  nines  reliability  without  any 
knowledge  about  loads  on  individual  aircraft  On 
the  other  hand.  Problem  3  assumed  that  loads  (or 
alpha)  could  be  measured  on  each  aircraft  and  that 
the  measurement  error  has  a  3%COV  Comparing 
the  fatigue  lives  at  si.x  nines  reliability  between 
Problems  2  and  3  may  provide  some  measure  of  the 
benefits  of  loads  monitoring.  For  Problem  3.  the 
calculated  six  nines  reliability  fatigue  life  at  a  mean 
alpha  of  0.6  was  about  4.2  times  greater  than  the 
six  nines  fatigue  life  calculated  for  Problem  2 
Thus,  this  4.2  factor  could  also  be  used  to  quantify 
potential  cost  savings  if  retirement  lives  could  be 
increased  through  loads  monitoring. 

Phase  II  -  Independent  Methods  and  Inputs  In 
Phase  ll,  each  participant  used  the  constant- 
amplitude  test  points  provided  by  VSD  to  develop 
an  independent  S-N  eurve.  fttigue  limit,  and  fatigue 
limit  COV.  The  form  of  the  fatigue  life  equation 
was  given  as 

N  =  A(Sr-S,.)-B  (y) 

where  A  and  B  are  eurve  fit  parameters.  Table  9 
presents  the  parameters  from  equation  (9)  and  the 
fatigue  limit  COV  which  were  used  by  eaeh 
participant  Table  10  gives  the  Phase  II  fatigue  life 
results  for  Problem  I  in  terms  of  the  number  of 
passes  through  the  loading  spectrum  for  the  mean 
strength  .  S'-e  reference  15  for  the  complete  set  of 
results  As  expected,  there  were  ditferences  in  the 
fatigue  life  predictions.  The  most  significant 
contributor  to  these  differences  appears  to  be  the 
value  of  the  fatigue  limit  whi6h  was  determined 
from  the  given  constant-amplitude  fatigue  data 
Figures  8  and  9  highlignt  some  ol  these  ditlerences 
for  Problem  1  at  alpha's  of  0  7  and  10, 
respectively.  For  alpha  equal  to  0  7  (fig  S)  the 
diffewtce  in  ptolwtww  ts 

seen  to  be  almost  a  faetor  of  30  However,  for 
alpha  equal  to  1.0  (fig  9)  the  ma.ximuin  difference 
is  less  than  a  faetor  of  three  In  terms  of  current 
analytical  standards  for  fatigue  life  predietio'’ 
faetor  of  four  difference  is  considered  ' 


reasonable  At  an  alpha  of  0.7,  many  of  the  loads 
are  below  the  fatigue  limit  and  small  differences  in 
the  fatigue  limit  could  result  in  large  differences  in 
the  prexiicted  fatigue  life.  As  seen  from  Table  9,  the 
fatigue  limits  used  by  the  participants  differed  by 
almost  20  percent  The  results  are  consistent  with 
this  reasoning  in  that  the  longest  fatigue  life 
predictions  (fig  9)  were  calculated  by  using  the 
highest  fatigue  limits  (Table  9).  At  the  higher 
alpha's,  more  of  the  loads  were  above  the  fatigue 
limit  and  contribute  to  fatigue  damage.  Thus, 
.according  to  Miner's  Rule,  less  scatter  in  the  fatigue 
life  predictions  should  be  expected,  as  shown  in 
Figure  9. 

Besides  the  effects  of  fatigue  limit  on  mean  life 
predictions,  the  maimer  in  which  fatigue  strength 
reductions  arc  applied  will  contribute  to  the  scatter 
in  life  predictions  Recall  that  in  Phase  I  the 
statistical  variations  on  strength  were  based  on  a 
constant  standard  deviation  and  not  a  constant 
coefl'icieni  of  variation  In  Phase  11.  some  of  the 
participants  based  the  strength  reductions  on  a 
constant  COV  and  not  a  constant  standard 
deviation  Assuming  all  other  parameters  equal,  the 
predicted  fatigue  lives  would  be  shorter  when  using 
a  constant  COV  to  account  for  strength  variability. 
Another  slight  difference  in  the  statistical  analysis 
was  the  use  of  a  log-normal  distribution  for  strength 
by  one  of  the  participants.  The  six  nines  reliability 
results  from  Problem  2  show  larger  differences 
among  the  participants  than  do  the  mean  fatigue  life 
results  of  Problem  I  One  cause  for  these 
difl'erenees  appears  to  be  the  magnitude  of  the 
fatigue  limit  COV  that  was  used  In  addition,  the 
differences  at  higlier  a  values  may  be  attributed  to 
the  use  of  a  const.ant  COV  rather  than  a  constant 
standard  deviation 

Tables  11  and  12  show  the  Phase  11  fatigue  life 
predictions  at  six  nines  reliability  for  Problem  2  and 
Problem  3,  respectively .  Again,  for  Problems  2  and 
3  the  first  numbers  represent  the  joint 
pfotabilm/ltf,  matm  approach  whik  the  iwiTibets 
111  parentheses  represent  the  closed-form  method. 
Figuie  10  shows  some  of  the  differenees  in  the  six 
limes  fatigue  lives  for  Problem  2  at  an  alpha  of  0.6. 
llie  maxinuim  difference  between  the  predicted 
htigue  lives  .it  six  nines  reliability  was  almost  a 
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factor  of  60.  is.  is  about  twice  the  ..alter  that 
was  obtained  in  t-rolilem  1  for  the  mean  fatigue  life 
predictions.  Comp.armg  the  ratio  of  fatigue  lives 
between  Problems  2  and  3  at  mean  alpha's  of  0  8 
and  0.85,  shows  i'ert'ases  in  fatigue  lives  at  si.x 
nines  reliability  fro  .  low  as  1 .8  to  as  high  as  40 
Again,  the  fatigue  1  mi  "aluc  and  the  method  used 
for  fatigue  strength  ;  Auction  (constant  standard 
deviation  versus  cor:  it  COV)  may  account  for 
these  difTercnces. 

Phase  111  Spectrum  I  iuue  Tests.  In  this  phase, 
each  industry  participn  i  used  their  standard  linear 
cumulative  damage  methodolog>‘  and  the  mean  S-N 
curves  derived  from  the  Pnase  II  constant  amplitude 
fatigue  tests  to  calculai  mean  spectrum  fatigue 
lives.  In  addition  to  this  approach.  VSD  used  a 
fracture  mechanics  approach  to  calculate  mean 
fatigue  lives.  The  fracture  mechanics  approached 
used  by  VSD  is  explained  in  the  following  section 
on  Possible  Future  Design  Practices  Table  13 
presents  these  mean  fatigue  life  calculations  at  the 
same  alpha’s  used  to  conduct  the  spectrum  tests 
Figure  1 1  shows  a  comparison  between  the 
spectrum  test  data  and  the  round-robin  predictions. 
Although  all  the  predictions  .are  greater  than  the  test 
lives,  the  predictions  are  v.ithin  a  factor  of  4 
differences.  The  relativelv  small  scatter  among 
predictions  is  consistent  with  the  Phase  IhProblem 
2  predictions  for  a  >  1 .  Also  presented  in  figure  1 1 
are  the  round-robin  predictions  for  fatigue  lives  a: 
six  nines  reliabilitv  from  Phase  I  I/Problem  2  One 
clear  observation  is  the  larger  variation  in  si\  nines 
reliability  predictions  for  alpha  values  less  th,an  one 

3.4  Round  robin  conclusions  The  purposes  of 
the  AHS  reliability  round  robin  were  twofold 
First,  it  was  intended  to  develop  the  logic  for 
performing  a  reliability  analysis  for  fatigue  life 
prediction.  Phase  1  was  set  up  so  that  onlv  one 
answer  was  correct  and  the  results  for  each 
participant  were  compared  to  assure  that  a 
consistent  approach  was  used.  Second,  in  Phases  M 
and  III  the  participants  applied  the  saiiie  logi  ;  but 
used  their  company's  standard  fatigue  methodology 
to  solve  for  six  nines  reliability  The  intent  of  these 
two  phases  was  not  to  prove  that  anv-  r„e  answer 
was  "right"  or  "better"  but  instead  to  find  out  what 
contributed  to  the  differences. 


One  of  the  conclusion  of  the  reliability  round  robin 
was  that  the  two  major  contributors  which  affected 
the  results  were  the  S-N  curve  formu'ation  and  the 
method  used  for  strength  reduction.  This  was  also 
a  conclusion  or  the  1980  AHS  pitch  link  round 
robin  One  of  the  questions  which  was  raised  as  a 
result  of  tiiis  round  robin  was  whether  the  COV  or 
the  standard  deviation  remained  constant  over  the 
S-N  curve.  In  Phase  I,  all  participants  used  a 
constant  standard  deviation  to  solve  the  fatigue  life 
and  reliability  problems  However,  in  Phase  II 
some  participants  used  a  constant  standard 
deviation  while  others  used  a  constant  COV.  There 
IS  a  real  nevd  to  establish  a  uniform  methodology 
for  developing  S-N  curves  and  coefficients  of 
variation 

Some  aspects  of  the  probabilistic  approach  to  six 
nines  reliability  were  not  explored  in  the  reliability 
round  robin  There  was  no  attempt  to  incorporate 
confidence  levels  By  definition  (and  intent)  the 
problems  in  the  round  robin  were  based  upon  a 
50%  confidence  level  The  aim  of  the  exercise  was 
to  develop  a  nietliodologv  which  included  loads 
variability  but  restrained  the  fatigue  analvst's 
freedom  to  iiiampulaie  conservatisms  in  the 
measured  loads  The  need  to  include  confidence 
levels  IS  a  topic  which  may  require  further 
ev  aluation  .■.noiher  purpose  of  this  exercise  was  to 
try  and  quaiuitv'  the  benefits  of  individual 
coniponent  rephicenient  versus  fleet  replacement. 
Tlie  alpha  parameter  was  devised  to  account  for 
loads  variability  in  the  reliability  analysis  While 
the  results  showed  the  potential  for  increasing  mean 
retirement  lives  through  loads  monitoring  (with 
commensurate  reductions  in  costs),  no  attempt  was 
m.ade  in  this  first  round  robin  to  separate  usage 
from  other  sources  of  variabilitv-  in  the  loads. 
Additional  study  is  needed  to  examine  how  usage 
should  be  treated  to  properly  account  for 
operational  variabilitv 

All  of  the  questions  brought  up  by  the  round  robin 
affirmed  that  much  more  work  is  needed  before 
reliability-based  fatigue  design  becomes  standard 
industry  practice.  The  round-robin  results  did 
demonstrate  that  consistent  reliability-based  design 
cannot  be  implemented  without  the  cooperation  of 
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all  the  rotorcraA  industry.  In  addition  to  the  study 
areas  already  mentioned,  the  reliability  round  robin 
further  suggested  that  follow-on  efforts  to  this 
round  robin  are  needed  to: 

(1)  Extend  the  statistical  and  reliability  analysis 
complexity  to  account  for  both  usage  and  other 
sources  of  load  variability,  and  to  assess  reliability 
versus  confidence  levels.  If  current  fliglit  data 
recorders  largely  monitor  usage,  \vh.at  docs  this 
imply  for  load  accuracy  and  the  merit  of  individual 
part  replacement’ 

(2)  Apply  the  reliability  methodology  to  metals 
using  a  damage  tolerance  or  fracture  mechanics 
approach. 

(3)  Repeat  the  P-M  and  TLA  approaches  on  other 
metallic  m.atcrials  with  different  ultimate  strengths 
and  stress  concentration  factors  to  develop 
confidence  in  the  fatigue  reliability  approach. 

(4)  Evaluate  the  effects  of  coupon  versus  full-scale 
testing  on  data  scatter. 

(5)  Investigate  flight  loads  sur\ey  methodology  to 
better  define  the  variabilities  of  usage  and  pilotage 
(simulated  mission  flights  versus  in.aneiiver-by- 
maneuver  flights). 

(6)  Extend  the  reliability -based  fatigue 
methodology  to  composites 

Several  other  sources  of  work  on  fatigue  life  and 
reliability  need  to  be  noted.  Two  iiKlependent 
sources  have  stated  that  the  si.s  nines  reliability 
design  requirement  does  not  seem  to  be  possible 
with  the  safe-life  approach  of  fatigue  life  prediction 
(18,19|.  One  of  the  sources  11X|  shows  that  the 
large  reduction  required  in  the  fatigue  endurance 
limit  in  order  to  met  "si.x-iiines"  would  place  a 
severe  weight  penalty  on  the  component  The  other 
source  (19]  uses  an  e.N.ample  problem  on  a  pitch 
horn  and  states  that  only  three-nines  reliability  can 
be  achieved  using  a  safe  life  approach  In  the  case 
of  the  pitch  horn  example  problem,  a  redesign  of  the 
pitch  horn  from  a  single-load-path  to  a  dual-load- 
path  design,  showed  the  dual-load-path  pitch  horn 
to  have  a  reliability  of  nine-nines  with  a  fust 
inspection  interval  of  1450  flight  hours  The  dual¬ 
load  path  design  was  about  12  %  hea\ier  than  the 
singic-load-path  safe-life  design 


Sensitivity  studies  concerning  the  assumed 
probability  density  functions(PDF)  chosen  to 
represent  the  flight  loads  and  fatigue  strength  of  the 
component,  have  shown  that  for  even  almost 
undetecLable  differences  in  assumed  PDFs  high 
reliability  estimates  can  vary  substantially  [20]. 
Further  work  by  the  same  researches  has  stated  that 
even  a  small  amount  of  uncertainty  in  the  safe  life 
fatigue  model  can  result  in  a  substantial  reduction 
in  high  ^liability  values  for  the  specified  lifetime  of 
a  component  |21,22|. 

The  work  just  sited  in  reference  18  and  1 9  and  the 
several  questions  and  follow-on  studies  suggested 
by  the  AHS  reliability  round  robin  only  continue  to 
reinforce  the  fact  that  it  will  take  a  cooperative 
effort  from  both  the  procuring  agencies  and  the 
rotorcraff  industry  before  a  reliability-based  fatigue 
design  can  become  a  standard  industry  practice. 
Much  of  the  ongoing  efforts  of  the  AHS 
siibcommitte  on  Fatigue  and  Damage  Tolerance  is 
aimed  towards  descolping  a  cooperative  effort  of 
all  parties  iiwoKcd  in  the  design  and  procurement 
of  rotorcraff  . 


4.  FUTURE  DESIGN  PRACTICES 

The  AHS  subcommittee  on  Fatigue  and  Fracture 
Mechanics  is  currently  studying  the  application  of  a 
fracture  mechanics  approach  to  fatigue  life  design 
of  rotorcraff  This  is  part  of  the  follow  on  acti\  itics 
of  the  reliability  round  robin  that  w  as  just  review  ed. 
In  the  p.tper  by  Krasnowski  |  23)  it  was  concluded 
that  a  damage  tolerance  method  was  more  suited  to 
a  six-nines  reliability  fatigue  life  design  approach 
than  the  safe  life  method  Krasnowski  further 
st.tted  tluat  a  fatigue  life  prediction  model  that  took 
into  account  the  fact  that  the  damage  process 
originates  from  microscopic  features,  such  as 
metallurgical  impurites.  would  lead  to  a  better 
procedure  for  exahiating  a  reliability  fatigue  life 
method.  A  danwge  tolerance  model  based  on  the 
eraek  closure  phenomena  where  the  total  fatigue  life 
is  calcukated  using  crack  propagation  as  the  entire 
fatigue  process  has  been  developed  by  Newman 
1 24 1  One  of  the  unique  features  of  this  model  is 
that  the  fatigue  cracking  process  is  considered  to 
start  from  meturlurgical  features  such  as  inclusion 
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particles.  In  a  study  done  by  Swain  et  al.  |2S| 
these  meturlurgical  features  were  shown  to  be  on 
the  order  of  0,0006  inches  for  4340  steel  Tliis  is 
quite  a  contrast  in  size  compared  to  the  more 
traditional  damage  tolerance  approach  which  uses 
an  initial  crack  size  of  0.05  inches  for  comer  cracks 
emanating  form  a  hole  to  calculate  a  safe  inspection 
interval  |26|. 

The  more  traditional  damage  tolerance  approach 
which  calculates  safe  inspection  intervals, 
calculates  these  intervals  by  integrating  a  crack 
growth  rate  versus  stress  intensity'  factor 
relationship  like 

da/dN  =  C(AK)"'  (10) 

where  da/dN  is  the  crack  growth  rate.  AK  is  the 
stress  intensit)’  factor  range,  and  C  and  m  are  curve 
fit  parameters.  The  mam  difference  between  the 
total  life  analysis(TLA)  and  the  more  tr.aditional 
fracture  mechanics  approach  is  that  er.ack-closure 
concepts  are  used  to  define  an  elTeetive  AK  and  the 
initial  crack  length  w  as  determined  from  a  prev  ions 
"small"  crack  study  on  4340  steel  |2.^|  F-roin  craek- 
closure  considerations.  AK  in  equation  It)  is 
replaced  by  AK  etTcctive  The  effeetive  stress 
intensity  factor  is  usually  defined  as 

^Kcfr=(S,„ax-Sa)(7ta)>/2F  (H) 

where  Sg  is  the  cr.ack-opeii'ng  stress  ns  calculated 
from  the  analytic.al  closure  model  developed  by 
Newman  124)  and  F  is  the  boundary  corieetion 
factor  which  accounts  for  the  effeets  of  structural 
configuration  on  the  stress  mtenslty  factors  To 
calculate  the  cr.ack  growth  rate,  equation  10 
becomes 

da/dN  =  Cl(S,„a^-Sg)(7ra)'/2Fr  (12) 

Total  life  is  calculated  by  numeric..lly  integrating 
equation  12  from  the  initial  crack  length,  a,  .  to  the 
final  crack  lengih  ,  ap.  where  a;  is  the  initial  crack 
length  as  determined  from  the  small  crack  studies 
and  ap  is  the  final  crack  length  at  failure  Cycles 
arc  summed  as  the  crack  grows  until  K|„g,(  =  K^.  . 
where  Kg  is  the  fr.aetiire  toughness  When  K,,,;,.;  = 


Kg  ,  the  summation  of  the  load  cycles,  N,  becomes 
the  total  fatigue  life. 

The  total  fatigue  life  as  determined  by  the  TLA 
method  was  calculated  from  a  computer  algorithm 
developed  by  Newman.  For  this  study  the  initial 
erack  length  used  to  predict  the  fatigue  life  was 
0  0006  inches  This  value  was  taken  from  a  small 
crack  study  on  4340  steel  [25 1  in  which  initial 
defect  sizes  at  34  crack  initiation  sites  were 
evaluated  by  scanning  electron  microscopy  of  the 
fracture  surfaces.  The  largest  value  was  about 
0.002  inches,  the  median  value  was  about  0.0006 
inches,  and  the  smallest  was  about  0.00008  inches 

For  the  AHS  reliability  round  robin  fatigue  tests 
were  run  on  4340  steel  specimens  at  a  tensile 
strength  of  212  ksi  The  specimens  were  one  inch 
wide  and  had  an  clastic  stiess  concentration  factor, 
Kj  of  2  42(b.ascd  on  net  section  stress)  Figure  12 
shows  the  results  of  these  tests  as  well  as  the 
fatigue  life  predictions  from  the  TLA  analysis  and 
the  a  nomina!  stress  P/M  rule  analysis  As  it  can  be 
seen  from  Figure  12  both  the  TLA  and  the  P/M 
analysis  predicted  the  trend  of  the  test  data  very 
well  Neither  of  these  analysis  employed  any 
probabilistic  considerations  Tlie  S/N  cur,’e  used 
for  the  P/M  analysis  was  based  on  a  mean 
regression  line  of  constant  amplitude  tests  at  a 
stress  ratio  of  zero  127|  Both  analysis  predicted 
fatigue  lives  which  were  slightly  on  the 
uneonservative  side  of  the  test  data.  If  either  of 
these  two  life  prediction  methods  were  used  for 
predicting  the  design  fatigue  life  of  a  rotorcraft 
component,  some  ty  pe  of  reduction  would  be  taken 
from  the  calculated  mean  life  as  stated  earlier. 
Figure  13  shows  life  prediction  curves  for  both  of 
these  methods  with  a  reduction  factor  included  to 
simulate  design  allowables  For  the  TLA  analysis 
the  lives  were  calculated  using  the  largest 
metallurgical  feature  found  in  reference  Swain. 
While  this  design  allovv.abics  curve  predicts  live  on 
the  conser'  ative  sule  of  the  test  data,  it  predicts  an 
endurance  hunt  between  40  and  45  ksi  which  is 
nominally  20  ksi  less  than  the  80%  P/M  design 
nllovv,able  value  .and  25ksi  less  than  the  one  runout 
test  To  place  in  perspective  the  effect  of  using  the 
current  traditional  danuage  tolerance  initial  crack 
size(0  05  111 )  on  predicting  total  life,  a  curve  from 
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these  calculations  is  also  shown  in  Figure  13.  Very 
conservative  lives  would  be  predicted  using  the  0.05 
in.  initial  crack  size. 

As  a  result  of  P/M  analysis  predicting  lives  fairly 
well  for  the  test  lives  under  the  Feli.\/28  spectrum 
loads,  additional  test  were  run  on  4340  steel  using 
the  standardized  fixed-wing  load  speetrum  called 
Minitwist  [28|.  Since  this  spectrum  is  often 
thought  of  as  a  highly  load  interactive  spectrum, 
the  test  lives  from  this  spectrum  should  prove 
difficult  for  the  P/M  analysis  The  results  of  these 
tests  and  the  TLA  and  P/M  analysis  are  shown  in 
figure  14.  For  tests  above  the  endurance  limit  the 
TLA  analysis  predicted  practically  the  same  lives  as 
the  test  data  while  the  P/M  anaKsis  predieted  test 
lives  that  were  again  slightly  unconservative.  One 
possiblc  problem  with  the  P/M  rule  as  used  in  the 
past  was  the  lack  of  an  adequate  load  counting 
technique.  With  the  ad\ent  of  the  rainflow 
technique  some  the  problems  caused  b>'  load 
counting  inadequacies  m.a\  be  lessened 

Other  studies  done  by  Newman  et  al  [291  have 
shown  the  TLA  anahsis  using  small  crack 
considerations  to  work  \er>'  well  for  other  metallic 
materials  such  as  2024-T3  al  imimim.  20V0-TXE4I 
aluminum-lithium,  and  Ti-6A1-4V  titanium  Before 
a  method  like  the  TLA  anaKsis  will  repl.ace  un 
industry  standard  like  the  P/M  nilc  work  will  luvc 
to  be  done  in  predieting  the  fatigue  lives  of  actual 
aircraft  size  components  To  this  cud  a  rather 
exhaustive  amount  of  work  is  being  dune  in  the 
United  States  using  the  TLA  analysis  in  crack 
growth  and  life  predictions  in  the  studv  of  aging 
aircraft. 

One  study  conducted  by  Sikorskv  Aircraft  towards 
studying  the  possibhties  of  life  man.aging  rotorcraft 
using  a  d.am.age  tolerance  approach(DTA)  is  worth 
noting  |30i  Sikorsky  evahuated  the  possible  use  of 
the  damage  toler.ance  approach  for  several  dynamic 
components  of  the  HH-53  helicopter  The 
components  studied  were  eonsidered  to  be  among 
"the  most  difficult  for  .achieving  d.am.age  tolerant 
management "  Tliese  parts  were  from  the  mam 
rotor  and  tail  rotor  hubs  aa  well  as  some  anframe 
structure.  The  results  showed  that  if  a  DTA  was 
used  on  these  selected  components  reliable  detection 
of  cracks  as  small  .as  0  005  to  0  010  inches  would 


have  to  be  established.  Furthermore,  conservatisms 
such  as  using  95%  of  maximum  vibratory  loads 
could  not  be  used.  Further  requirements  included 
"improved  stress  intensity  models  for  steep  stress 
gradients,  verification  of  stresses  and  crack  growth 
behavbr  in  threads,  and  additional  crack 
propagation  rate  and  threshold  data  for(so-called) 
small  cracks(<0.020  inches).” 

Another  deficiency  noted  by  the  DTA  study  done 
by  Siksorsky  was  the  lack  of  usage  data  for  the 
HH-33  helicopter.  The  lack  of  usage  data  is  a 
general  problem  that  aflects  the  reliability  of  fatigue 
life  calculations  regard'ess  of  the  fatigue  design 
method  used.  As  noted  by  Lincoln  in  reference  31 
reliable  usage  data  perfo.Tns  at  least  Kvo  functions. 
First  it  will  allow  an  assement  of  how  pilot 
teelmiques  may  influence  the  actual  life  calculations 
by  quantifying  the  difference  in  flight  loads  and 
usage  between  the  experienced  flight  test  pilot  and 
the  total  pilot  population  Second,  it  will  help  the 
rotorcraft  owner  to  recognize  when  the  usage  of  a 
fleet  or  individual  rotorcraft  have  changed  thus 
requiring  possible  modifications  to  their 
maintenance  actions  The  use  of  usage  monitors 
will  probably  be  driven  mostly  by  economic 
considerat'ons.  However,  as  stated  by  Lombardo 
1 141  "usage  monitoring  is  a  field  that  will  grow  in 
the  next  few  years  as  operators  and  manufacturers 
strive  to  reduce  helicopter  operating  costs  without 
compromising  safety  ’’ 

In  the  late  I970's  the  U  S  Army  developed  under 
contract  a  flight  recorder  known  as  the  Structural 
Intcgruy  Recording  Svstem  called  SIRS  [14] 
However,  this  system  was  not  put  into  service  In 
the  early  IWO's  the  U  S  Navy  developed  a  system 
called  the  Stinetural  D.ata  Recording  Set(SDR.S) 
|14|  This  system  is  currently  being  tested  on  an 
AH-IW  Cobra  The  systems  are  intended  for 
production  in  1993  with  installation  planned  on  all 
Navy  fixed  and  rotory -winged  aircraft  The  U  S 
Air  Force  also  is  developing  a  usage  monitor  for  the 
HM-53  hehcoper  under  a  contract  with  Sirkorsky 
Aircraft  (30| 

The  development  of  a  rather  unique  usage 
monitoring  system  was  started  by  the  U  S  Army 
Venicle  Structures  Direetor.ate(VSD)  of  the  Army 
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Researeh  Laboratories(USARL).  The  intent  of  this 
device  is  to  be  a  low  eost  system  that  is  small  and 
requires  very  little  hands-on  maintenanee  from  the 
operator.  The  low  eost  of  the  device  will  allow  it  to 
be  placed  fleet-wide  thus  maximizing  the  amount  of 
usage  data  that  will  be  gathered  Tins  should 
provide  the  amount  of  data  tliat  is  needed  in 
reliability  analysis.  The  basic  concept  behind  this 
deviee  is  to  compare  the  actual  t\  pc  of  mane\'er 
being  flown  with  the  design  mission  spectrum  which 
is  usually  the  95th  percentile  spectrum  If  the 
manevers  aetually  being  flown  are  less  sc\'ere  than 
the  95th  pereentile  maneuvers  than  the  recorder 
known  as  MIC  (Mission  Intensity  Counter)  will 
indieated  that  additional  life  beyond  the  design  life 
is  possible.  Of  course  the  re\'erse  is  true  in  the 
manuvers  being  flown  are  more  severe  than  the  95th 
percentile  design  maneuvers  The  basic  concept  of 
the  MIC  depends  on  identify  ing  the  nianeu\'er  being 
flown  with  as  few  flight  parameters  as  possible 
Before  a  prototy  pe  of  the  MIC  can  be  built  several 
data  recognition  features  need  to  be  addressed 
Among  these  are  detennining  wiiat  is  the  mininunn 
number  of  mancu\'ers  that  need  to  be  iidentified  b>- 
the  MIC  in  order  to  be  able  to  determine  if  the 
design  life  can  be  modified  The  current  status  of 
the  MIC's  development  is  given  in  reference  32 

5.  SUMMARY 

Methods  used  fur  calculating  the  fatigue  life  of 
rotorcraft  in  tl'e  past(detenninistic  safe  life),  current 
(six  nines  reliability  for  safe  life)  and  possible 
future  design  approaches  ha\e  been  reviewed  Past 
practices  were  addressed  by  re\iewing  the  AHS 
pitch  link  round  robin  of  19X0  The  principle 
causes  of  the  large  differences  in  fatigue  life  as 
calulatcd  by  the  sewral  participants  has  been 
shown  to  be  the  shape  of  the  S/N  curve  used  be 
each  participant  and  the  reduction  factor  used  on 
the  mean  fatigue  enduranee  limit  to  get  the  design 
allowable  Current  fatigue  de-sign  requirements 
were  illustrated  by  reviewing  the  19X9  AHS 
reliabiliaty  round  robin  which  sought  to  adiliess 
some  of  the  issues  involved  in  establishing  a  six 
nines  reliability  fatigue  life  The  two  major 
contributors  which  affected  the  results  of  this  round 
robin  were  the  same  as  the  pitch  link  round  robin 
Another  conclusion  of  this  round  robin  was  that 


loads  monitonng  could  increase  rotorcraft  mean 
retimment  lives.  Future  rotorcraft  design 
procedures  were  shown  to  include  the  possiblity  of 
calculating  totle  fatigue  life  using  a  fracture 
mechanics  model  that  used  only  crack  propagation 
considerations  The  need  for  load  monitors  was 
also  addressed  and  several  efforts  to  develop  these 
were  noted 

6.  REFERENCES 

I  Palmgren,  A  ,  "Ball  and  Roller  Bearing 
Engineering",  translated  by  A  Palmgren  and 
B.  Ruley,  SKF  industries,  Inc.  Philadelphia, 

1945,  pp  82-83 

2.  Miner,M  A  ,  "Cumulative  Damage  in  Fatigue," 
J.Applied  Mechanics,  ASME,Voll2,  Sepl945 

3.  Thonipson,G  H.,  "Boeing  Vend  Fatigue  Life 
Methodology",AHS  specialists  meeting  on 
Helicopter  Fatigue  Methodology,  preprint  no  22, 
March  1980 

4  Jacoby, G  ,‘’Coniparison  of  Fatigue  Life 
Estimation  Processes  for  Irregulary  Vary  ing 
Loads",  3rd  Conference  on  Dimensioning, 
Budapest.  1968 

5.  Arden, R  \V  , "Hypothetical  Fatigue  Life 
Problem",  AHS  National  Specialists  Meeting 
on  Helicopter  Fatigue  Methodology  ,  Mar  1980, 

6  Zhi.dwo  S  .amt  H,io.K  ."The  Review  of  AHS 
Hypothetical  Fatigue  Problem  and  Its  Test 
liivesiigation( Pitch  Link),  Nanjing 
.Aeronautieal  Institute.  Nanjing,  China 

7.  Ray.J  ,"Arni\  Avi.itioii  Mechanical  Failures 
Prc\ention".U  S  Army  Aviation  Systems 
Command.  St  l.ouis  MO,  USA 

8  Altman.B  and  Pratt  J  .  "The  Challenge  of 
Sundardizing  Fatigue  Methodology ",  AHS 
National  Specialists  .Meeting  on  Helicopter 
Fatigue  Methodologv .  March  19X0 

9  MeCloud.G  \V  .  ".X  Method  of  Determining 
Safe  Serviee  Life  for  Helicopter  Components". 
AHS  Speeualists  .Meeting  on  Helicopter  Fatigue 


i) 


o 


AHS  Specialists  Meeting  on  Helicopter  Fatigue 
Methodology,  March  1980. 

10.  Aldinio.G.  and  Alli.P.,  "Tlic  Agusta's  Solution 
AHS'S  Hypothetical  Fatigue  Life  Problem", 
AHS  Specialists  Meeting  on  Helicopter  Fatigue 
Methodology,  March  1980. 

1 1.  Stievenard,G.,  "Hjpothetical  Fatigue  Life 
Probelm  Application  of  Aerospatiale  Method", 
AHS  Specialists  Meeting  on  Helicopter  Fatigue 
Methodology,  March  1 980. 

12.  McDermott,].,  "Hughes  Helicopters  -  Fatigue 
Life  Methodology",  AHS  Specialists  Mcx’tiiig 

on  Fatigue  Methodology.  March  1980. 

13.  Bruhn,E.F.,  "Analysis  &  Design  of  Flight 
Vehicle  Structures".  Ohio,  USA.  Tri-Staic 
Offset  Company,  1965,  section  CI3 

14.  Lombardo.D..  "Helicopter  Structures  -  A 
Review  of  Load,  Fatigue  Design  Techniques 
and  Usage  Monitoring.  ARL-TRI5,  May  1993 

15.  Everett,R.A.Jr.,Bartlett,F.D.,Jr ,  and  Elber.W  . 
"Probabilistic  Fatigue  Methodology  for  Safe 
Retirement  Lives",  J.AHS,Vol37,No2, 

April  1992,  pp  41-53. 

16.  Edwards, P  R.  and  Darts,] ,  "Suandardized 
Fatigue  Loading  Sequences  for  Helicopter 
Rotors(Helix  and  Fcli.x)  Part  1,  Background 
and  Fatigue  Evaluation",  Royal  Aircraft 
Establisment,  TR  84084,  August  1984 

17.  O'Conner.P.D.T..  "Reliability  Engineering", 
Hemisphere  Publishing  Corp  ,  New  York,  1988 

18.  Amer,K.B.,  "A  'New'  Philosophy  of  Structural 
Reliability.  Fail  Safe  Versus  Safe  Life",  ]  AHS 
Vol.34No.l,]an.  1989. 

19.  Krasnowski.B  R  .Viswanathun.S  P.,  and 
Dowling.N.E.,  "Design,  Analysis,  and  Testing 
Considerations  of  Fatigue-Critical  Rotoreraft 
Components",  ].AHS.  Vol.35.  No. 3.  ]nly  1990 

20.  Neal,D.M.,Matthcws,W.T  ,  and  Vangel.M  G., 


"Model  Sensitivity  In  Stress-Strength  Reliability 
Computations,  U.S.  Army  Materials  Laboratory 
MTLTR9l-3,]an.  1991. 

21.  Neal,D.M.,Matthews,W.T.,  and  Vangel,M.G., 
Rudalevige,T.,  "A  Sensitivity  Analysis  On 
Component  Reliability  From  Fatigue  Life 
Computations",  MTLTR  92-5,  Feb  1992. 

22.  Matthews,W.T.  and  NeaLD.M.,  Assessment 
of  Helicopter  Component  Statistical  Reliability 
Computations”.  MTLTR  92-71  Sept  1992. 

23.  Krasnowski.B. R.,  "Reliability  Requirements  for 
Rotoreraft  Dynamic  Components",  ].AHS 
Vol.36,No.3.  ]uly  1991. 

24.  Newman,]. C  ,]r..  "A  Crack-Closure  Model  for 
Predicting  Fatigue  Crack  Growth  under  Aircraft 
Spectrum  Loading".  ASTM  STP  748,  Oct  1981. 

25  Swain.M  H.,  Evcrctt.R..\..  Newman.]. C..]r., 
and  Phillips.E  P  .  "Tlie  Growth  of  Short  Cracks 
in  4340  Steel  and  Al-Li  2090",  AGARD  Report 
767.  Aug  1990. 

26  Gallagher,]  P..  Giessler.F.]..  and  Berens.A.P., 
"USAF  Damage  Tolerance  Design  Handbook. 
Guidelines  for  the  Analysis  and  Design  of 
Damage  Tolerant  Aircraft  Structures", 
AFWAL-TR-82-3073,  May  1984. 

27.  Evcrett,R,A..]r  ,  "A  Comparision  of  Fatigue 
Life  Prediction  Methodologies  for  Rotoreraft", 
].AHS,  Vol.37.  No  2.  April  1992. 

28  Lowak.lL.de  ]onge.]  B.,Franz.].,  and  Schutz.D. 
"Minitwist.  A  Shortened  Version  of  Twist", 
Labor,ttorium  fur  Betriebsfestigkcit(LBF), 
Report  No  TB-146.  1979, 

29  Newm,tn,].C.,]r ,  Phillips.E. P  . Swain.M. H., 

.uid  Everett, R  A,.  "Fatigue  Mechanics:  An 
Assessment  of  a  Unified  Approach  to  Life 
Prediction",  ASTM  STP  1 122,  1992. 

30.  Tritsd),D.E..Schneider,G.],,Chamberlian,G. 

.tnd  Lincoln.].W.,  "Damage  Tolerance 
Assessment  of  the  HH-53  Helicopter",  AHS 


46th  Annual  Forum,  Vol.  11,  May  1990. 

31.  Lincoln,! .W.,  "Damage  Tolerance  for 
Helicopters",  ISth  ICAF  Symposium  on 
Aeronautical  Fatigue,  June  1989. 

32.  Lombardo.D.C.,  "Report  on  Long-Term 
Attachment  to  the  U.S.Amiy  to  Study 
Helicopter  Structural  Fatigue",  ARL-TN-1 1, 

1993. 


11-17 


Table  I.  Pitch  link  mission  spectrum 


Condition 

1.  Hovrr-IGE 

2.  Ascent 

3.  Level  flight 

a.  0.4  Vh 

b.  0.6  Vh 

c.  0.8  Vh 

d.  1.0  Vh 

e.  1.2  Vh 

4.  Pullup(2.0g) 

5.  Pushover  (O.Sg) 

6.  Turns 

a.  Right 

(1)  1.5g 

(2)  2.0g 

b.  Left 

(1)  1.5g 

(2)  2.0g 

7.  Descent 

a.  Partial  power  descent 

b.  High  speed  dive  (1.2  Vh) 


Percent  Time 

4.25 

18.50 

54.25 

2.40 

5.00 

23.95 

20.50 

2.40 

1.00 

2.00 

2.50 

1.25 

0.75 

0.50 

1.25 

0.75 

0.50 

17.50 

17.00 

0.50 


i) 


100.00 


Table  2  Flight  Loads  Data  • 


Flight 

Condition 

Flight 

Event 

Time 

(sec) 

Cylcles 

CPS 

Max 

Min 

Sidy 

Alt 

Hover 

1 

1 

2 

11.25 

5.63 

-80 

-850 

-435 

415 

Ascent 

1 

2 

10 

54.5 

5.45 

1380 

0 

690 

690 

LF  0.4Vh 

1 

3 

2 

10.7 

5.36 

910 

-460 

225 

685 

LF0.6Vh 

1 

4 

2 

10.7 

5.36 

980 

-640 

170 

810 

LF0.8Vh 

1 

5 

2 

10.8 

5.4 

1070 

-680 

195 

875 

LFI.OVh 

1 

6 

2 

10.76 

5.38 

1270 

-710 

280 

990 

LF  1.2Vh 

1 

7 

2 

10.7 

5.36 

2000 

-520 

740 

1260 

PU  2.0G 

1 

8 

9.7 

52.25 

5.39 

2134 

•1319 

406 

1727 

PO  0.5G 

1 

9 

10 

53.95 

5.4 

1800 

-400 

700 

1100 

RT1.5G 

1 

10 

10 

53.95 

5.4 

2147 

-1254 

447 

1701 

RT  2.0G 

1 

n 

10 

54 

5.4 

2236 

-1376 

430 

1806 

LT  1.5G 

1 

12 

9.9 

54 

5.45 

2150 

-1300 

425 

1725 

LT  2.0G 

1 

13 

10 

54.5 

5.45 

1932 

-1214 

368 

1564 

PPD 

1 

14 

10 

54 

5.4 

1340 

-550 

395 

945 

HSD1.2  Vh 

1 

15 

10 

54 

.4 

2352 

-1386 

483 

1869 

•  • 


Table  3.  Pitch  link  endurance  limits. 


Manufacturer 

Endurance  limit 
mean  value  (lb) 

Endurance 
design  allowable 

Aerospatiale 

2176 

1225 

Agusta 

2100 

1674 

Bell 

2061 

1649 

Boeing-Vertol 

2106 

1685 

Hughes 

2024 

1717 

Kaman 

2101 

1615 

Sikorsky 

2100 

1400 

Table  4.  AHS  Reliability  Round  Robin 

Participants 

Organization 

ID  Code 

Aerostructures  Directorate  (AVSCOM) 

ASTD 

Bell  Helicopter  Textron 

BHT 

Boeing  Helicopters 

BH 

Kaman  Aerospace  Corporation 

KAC 

McDonnell  Douglas  Helicopter  Company 

MDHC 

Sikorsky  Aircraft  Division 

SA 

Table  5. 

Fatigue  life  predictions  for  mean  strength, 
Phase  1  /  Problem  1 

Alpha 

ASTD 

BHT 

BH 

KAC 

MDHC 

SA 

0.3 

6.21e9 

0.4 

6.21e9 

0.5 

14740 

14900 

14700 

16236 

14895 

0.6 

171.1 

170.5 

168.4 

171.0 

175.0 

168.4 

0.7 

47.8 

50.0 

46.85 

47.8 

48.0 

46.85 

0.8 

18.69 

19.3 

18.42 

18.7 

19.0 

18.42 

0.9 

3.49 

3.5 

3.48 

3.49 

3.7 

3.48 

1.0 

1.03 

1.0 

1.02 

1.0 

1.02 

Note:  Fatigue  lives  are  in  terms  of  number  of  passes  through  the  spectrum 
(1  pass  =  161034  cycles). 
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Table  6.  Fatigue  life  predictions  for  mean  minus  3  sigma  and  mean  -  5  sigma 
strength, VSD  values  only,  Phase  I  /  Problem  1 


Alpha 

Mean  -3a 

Mean  -  5a 

0.3 

6.2  le9 

2.67e6 

0.4 

10850 

214.9 

0.5 

135.0 

44.2 

0.6 

36.9 

5.18 

0.7 

6.72 

.891 

0.8 

1.36 

.209 

0.9 

.294 

.096 

1.0 

.117 

.057 

Note:  Fatigue  lives  are  in  terms  of  number  of  passes  through  the  spectrum 
(1  pass  =  161034  cycles). 


Table  7.  Fatigue  life  predictions  for  six  nines  reliability. 
Phase  1  /  Problem  2 


Alpha 

ASTD 

BHT 

BH 

KAC 

MDHC 

SA 

0.3 

22697 

(22663) 

(23062) 

0.4 

110.7 

111.4 

105.2 

162.6 

(105.3) 

(105.0) 

(105.4) 

0.5 

21.48 

24.05 

21.26 

(22.3) 

23.6 

(22.08) 

(22.0) 

(22.1) 

0.6 

2.14 

2.23 

2.01 

(2.21) 

2.08 

(2.20) 

(2.19) 

(2.2) 

0.7 

.315 

.280 

.310 

(.35) 

.31 

(.35) 

(.35) 

(.351) 

0.8 

.108 

.112 

.104 

(.114) 

.11 

(11) 

(.114) 

(.114) 

0.9 

.056 

.056 

.052 

(.058) 

.06 

(.06) 

(.058) 

(.058) 

1.0 

.035 

.033 

.04 

(.04) 

(.036) 

(.036) 

Notes:  1.  Fatigue  lives  are  in  terms  of  number  of  passes  through  the  spectrum 
(1  pass  =  161034  cycles). 

2.  Fatigue  life  values  in  parentheses  were  calculated  using  the 
closed-form  method 


Table  8.  Fatigue  life  predictions  for  six  nines  reliability, 
Phase  1  /  Problem  3 


Alpha 

ASTD 

BHT 

BH 

KAC 

MDHC 

SA 

0.6 

8.88 

(8.60) 

9.50 

8.67 

(8.65) 

9.14 

(8.90) 

Notes;  1.  Fatigue  lives  are  in  terms  of  number  of  passes  through  the  spectrum 
(1  pass  =  161034  cycles). 

2.  Fatigue  life  values  in  parentheses  were  calculated  using  the 
closed-form  method 


Table  9.  Phase  II  results  for  S-N  curve  formulations 


S-N  Curve  BH  MDHC 


Parameter 

ASTD 

BHT 

(1) 

KAC 

(2) 

SA 

A 

3.500e6 

3.828e6 

1.40e9 

I.l48e8 

n.a. 

3.855e6 

B 

1.47164 

1.37 

2.927 

2.31 

n.a. 

1.3699 

Se 

54.5 

49.6 

44.75 

48.0 

n.a. 

53.56 

COV  ( Se) 

.07 

.109 

.0785 

.0831 

n.a. 

.10 

Notes:  1.  Log  normal  distribution  assumed. 

2.  Round  robin  S-N  formulation  not  applicable. 


Table  10.  Fatigue  life  predictions  for  mean  strength, 
Phase  II  /  Problem  I 


Alpha 

ASTD 

Bfn(2) 

BH(2,3) 

KAC 

MDHC 

SA(2) 

0.5 

6.20e9 

0.6 

190735. 

1.59e6 

90356 

0.7 

38180. 

2316.5 

10610. 

10900. 

1934.0 

52354. 

0.8 

1144.0 

649.0 

1545.3 

1760.0 

655.0 

1418.8 

0.9 

376.1 

288.0 

447.9 

580.0 

292.0 

449.5 

1.0 

175.8 

121.5 

175.8 

231.0 

80.0 

205.6 

1.1 

82.21 

59.2 

69.2 

87.74 

1.2 

22.37 

20.3 

22.8 

22.23 

Notes:  1.  Fatigue  lives  are  in  terms  of  number  of  passes  through  the  spectrum 
(1  pass  =  161034  cycles). 

2.  Constant  COV  for  strength  reduction. 

3.  Modified  Goodman  correction. 
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Table  11.  Fatigue  life  predictions  for  six  nines  reliabaility, 
Phase  II  /  Problem  2 


Alpha 

ASTD 

BHT 

BH 

KAC 

MDHC 

SA 

0.3 

4786. 

17360. 

0.4 

257200. 

(217500.) 

324. 

1428.0 

45914. 

(2744.2) 

0.5 

1166. 

(1088.) 

42.0 

121.2 

(1340.) 

814.0 

(326.2) 

0.6 

283.6 

(257.6) 

4.8 

18.3 

(278.0) 

180.0 

(88.51) 

0.7 

78.06 

(79.56) 

.90 

4.28 

(45.2) 

19.0 

(10.74) 

0.8 

12.25 

(12.85) 

.40 

1.73 

(8.98) 

3.7 

(2.20) 

0.85 

6.82 

1.19 

(1.09) 

0.9 

2.88 

.25 

.878 

(2.75) 

1.2 

(.67) 

(3.24) 

1.0 

.924 

.492 

.66 

(.35) 

(1.01) 

1.1 

.468 

.679 

(.22) 

(.508) 

1.2 

.288 

.206 

(.15) 

(.314) 

Notes;  1.  Fatigue  lives  are  in  terms  of  number  of  passes  through  the  spectrum 
(1  pass  =  161034  cycles). 

2.  Fatigue  life  values  in  parentheses  were  calculated  using  the 
closed-form  method 


Table  12.  Fatigue  life  predictions  for  six  nines  reliabaility, 
Phase  II  /  Problem  3 


Alpha 

ASTD 

BHT 

BH 

KAC 

MDHC 

SA 

0.8 

0.85 

25.74 

(25.49) 

13.55 

3.17 

2.13 

(30.5) 

9.14 

(2.7) 

Notes:  1.  Fatigue  lives  are  in  terms  of  number  of  passes  through  the  spectrum 
(1  pass  =  161034  cycles). 

2.  Fatigue  life  values  in  parentheses  were  calculated  using  the 
closed-form  method 


Table  13.  Fatigue  life  predictions  for  mean  strength.  Phase  III. 


(^niax  ~  70.44 


^max 

Alpha 

ASTD 

BHT 

73.3 

1.04 

134.7 

121.49 

80.0 

1.14 

51.72 

18.3 

86.7 

1.23 

15.3 

7.90 

90.0 

1.28 

9.27 

4.60 

93.3 

1.32 

6.69 

2.88 

100. 

1.42 

2.48 

1.23 

120. 

1.70 

.375 

.38 

for  alpha  = 

1.0) 

BH 

KAC 

MDHC 

SA 

109.8 

38.74 

156.1 

37.5 

38.5 

13.67 

53.7 

15.4 

17.5 

4.41 

15.4 

9.32 

9.18 

2.56 

9.5 

5.46 

5.78 

1.85 

6.8 

2.42 

2.49 

1.03 

2.2 

.448 

.466 

.38 

Note:  Fatigue  lives  are  in  terms  of  number  of  p.asses  throngh  the  spectrnm 
(1  pass  =  161034  cycles). 
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Fig.  2  Theoretical  S-N  Curve 
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problem  3. 
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Fig.  9.  Phase  ll/Problem  1  results  for 
mean  strength. 
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1.  SUMMARY 

The  methodology  currently  used  in  ^'weden  for  fatigue 
management  and  verification  of  airframes  is  described. 
Applications  from  the  new  fighter  aiicraft  JAS39  Gripcn 
are  included  in  order  to  illustrate  the  various  concepts 
being  considered.  Additional  experience  from  recent  work 
on  the  older  fighter  37Viggen  is  also  included  to  highlight 
certain  differences  in  the  detail  analyses,  stemming  from 
rather  different  nominal  stress  levels  in  the  two  aircraft. 
The  present  paper  discusses  the  handling  of  load  sequences 
and  load  spectra  development,  stress  analyses  and  fracture 
mechanics  analyses,  fatigue  crack  growth  modelling, 
component  and  full  scale  testing,  service  load  monitoring 
regarding  both  the  dedicated  test  aircraft,  which  is  used  to 
verify  basic  load  assumptions,  and  also  the  individual  load 
tracking  programme  developed  for  the  new  fighter. 

2.  INTRODUCTION 

While  fatigue  is  recognised  as  the  primary  failure 
mechanism  in  most  structural  components,  the 
consequences  of  such  failures  (in  terms  of  lives  and  money) 
are  probably  more  obvious  and  severe  for  aircraft  than  in 
any  other  area.  Fatigue  and  damage  tolerance  of  aircraft  are 
dominant  factors  throughout  the  design  process,  the 
manufacturing,  the  structural  testing  (component  level  and 
full-scale),  the  initial  test  flights  and  during  the  subsequent 
usage  of  the  aircraft.  Without  adequate  knowledge  of 
relevant  loading  conditions,  resulting  stress  distributions 
and  material  properties  no  fatigue  assessment  can  be 
achieved.  Further  on,  such  work  has  to  be  attached  to  a 
specific  design  philosophy  -  can  the  actual  component  be 
inspected  during  service,  in  the  case  of  damage  -  can  it  be 
repaired  or  replaced,  and  in  the  case  of  failure,  will  that 
cause  loss  of  the  entire  aircraft?  Questions  like  these,  and 
many  more  specific  detail  problems,  are  dealt  with  in 
existing  regulations  and  specifications  for  military 
aircraft,  e  g.  Refs.  (1-9).  It  is  far  beyond  the  scope  of  the 
present  paper  to  discuss  these  specifications  in  any  detail 
(there  arc  also  other  ones  treating,  for  example,  flight  and 
operations  tests,  vibrations,  sonic  fatigue  and  non 
destructive  inspections).  Instead,  the  purpose  of  this  paper 
is  to  briefly  discuss  fatigue  management  and  verification  of 
airframes,  with  emphasis  on  the  new  fighter  JAS39  Gripen 
but  with  specific  examples  added  from  work  on  the  fighter 
37Viggen.  These  two  aircraft  are  designed  with  some  20 
years  apart,  relying  on  safe  life  and/or  fail  safe 
methodology  for  the  Viggen  fighter  but  damage  tolerance 
requirements  for  the  Gripen  aircraft  which,  amongst  other 
things,  lead  to  significantly  lower  stress  levels  than  for 
the  Viggen  aircraft.  Hence,  first  order  conservative 
estimates  of  stress  levels  and  stress  intensity  factors  are 
normally  adequate  to  verify  the  design  life  for  the  Gripen 
aircraft  while  the  analytical  work  carried  out  to  verify  the 
damage  tolerance  for  the  Viggen  fighter  is  much  more 
refined. 


3.  DAMAGE  TOLERANCE  AND  DURABILITY 

Below  we  present  firstly  a  short  summary  of  basic 
definitions,  as  they  are  normally  interpreted  in  general 
terms.  Thereafter,  we  specifically  discuss  details  of  these 
same  concepts  as  applied  to  the  two  Swedish  fighters  being 
under  discussion. 

3.1  Damage  toleranee 

Basically,  this  approach  which  was  developed  by  the 
United  States  Air  Force  (9),  and  which  is  now  adopted  with 
or  without  minor  modifications  by  virtually  all  countries 
for  both  military  and  civil  aircraft,  differs  from  the  original 
Fail-Safe  philosophy  in  that  it  assumes  cracks  to  exist  in 
the  structure  already  at  the  very  first  load  cycle.  Also,  a 
distinction  is  made  between  in  service  inspectable  or  non- 
inspectable  structures.  Presently,  with  the  exception  o.** 
landing  gear,  engines  and  engine  mounts  ail  fighter  aircraft 
structures  and  all  inspectable  civil  aircraft  stiuctures  are 
considered  as  damage  tolerant  (9,10).  Recently,  the  damage 
tolerance  approach  has  also  been  introduced  for  engines 
(1 1-13),  and  (he  concept  is  also  considered  viable  for 
helicopters  (14) 

3.2  Durability 

While  damage  tolerance  is  the  principal  means  to  ensure 
structural  safety,  durability  may  be  considered  as  a 
quantitative  measure  of  the  structure's  resistance  to  fatigue 
cracking  under  specified  service  conditions.  This  means 
that  the  economic  life-time,  including  all  inspections, 
replacements  or  repairs,  should  exceed  or  at  least  equal  the 
design  life  based  on  damage  tolerance.  The  traditional 
means  to  achieve  durability  has  been  through  conventional 
fatigue  testing  and  analysis.  However,  recently  a  fracture 
mechanics  philosophy,  combining  a  probabilistic  format 
with  a  deterministic  crack  growlh  approach  has  been 
devi.sed  (15)  for  ensuring  the  U.S.  Air  Force’s  durability 
design  requirements  for  advanced  metallic  airframes  (16) 

3.3  Initial  Flaw  Size  Assumptions 

A  damage  tolerance  analysis  implies  a  thorough 
identification  of  all  critical  areas  with  due  regard  to  the 
utilisation  of  the  aircraft  and  the  impact  of  failure. 
According  to  the  U.S.  Air  Force  Military  Specification  (11) 
these  areas  should  be  classified  either  as  Slow  Crack 
Growth,  Fail  Safe  Multiple  lx>ad  Path,  or  Fail  Safe  Crack 
Arrest  structures.  If  it  is  possible  to  prove  that  the  structure 
is  Fail  Safe  due  to  Multiple  Load  Paths  (i.e.  load 
redistribution)  or  Crack  Arrest  capability,  less  stringent 
conditions  have  to  be  satisfied. 

As  a  result  of  material  and  structure  manufacturing  and 
processing  operations,  small  imperfections  equivalent  to  a 
0. 127  mm  radius  comer  flaw  shall  be  assumed  to  exist  in 
each  hole  of  each  element  in  the  structure  The  flaws  are 
assumed  to  be  located  m  the  most  unfavourable  orientation 
with  respect  to  applied  stresses  and  material  properties  In 
addition  it  is  assumed  that  initial  flaws  of  si/cs  specified  lu 
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Ref.  (9)  can  exist  in  any  separate  element  of  the  structure. 
Only  one  initial  flaw  in  the  most  cnitical  hole  and  one 
initial  flaw  at  a  location  other  than  a  hole  need  to  be 
assumed  to  exiPL  Interaction  between  these  assumed  initial 
flaws  does  not  need  to  be  considered.  The  flaw  shape  is 
assumed  to  be  through  the  thickness  (straight  crack  front), 
quarter  circular  or  scmi-circular.  However,  other  flaw 
shapes  with  the  same  initial  stress  intensity  factor  are 
considered  approphate,  particularly  at  locations  in  the 
structure  where  other  shapes  are  more  likely  to  occur 

3.4  Damage  tolerance  methodology 

It  should  bt  emphasised  that  the  damage  tolerance 
evaluation  essentially  is  analytical  but  that  sufricienl 
testing  must  be  performed  to  validate  the  analytical 
methodology.  No  strict  requirements  exist  on  how  the 
analysis  should  be  performed  but  the  following  steps  are 
normally  encouraged. 

•  Based  on  structural  analysis  the  most  fatigue  critical 
aieas  are  identified. 

•  Stress  intensity  factors  as  function  of  crack  geometries 
(length,  depth)  and  applied  loading  are  computed  for 
the  identified  areas.  Initial  flaw  size  assumptions  are 
specified  in  the  U.S.  Air  Force  Military  Specification 

(9). 

•  Fatigue  crack  growth  integration  is  performed  on  a 
cycle-by  cycle  basis  preferably  using  tabulated 
constant  amplitude  feg  data. 

•  If  a  retardation  or  retardalion/acceleraiion  model  is  used 
in  the  crack  growth  analysis,  this  model  should  be 
shown  to  be  non-unconservative  by  relevant  testing. 
For  example,  the  ohginal  Willenbcrg  model  should 
not  be  used. 

•  In  the  definition  of  relevant  load-  and  stress  spectra, 
experimental  truncation  tests  (of  the  scarce  extreme 
loads)  should  be  performed  to  obtain  a  spectrum  which 
minimises  crack  growth  life  for  analysis. 

«  FJttreme  loads  must  be  considered  for  residual  strength 
calculation 

•  A  certain  number  of  component  tests,  representative  of 
the  structure,  should  be  performed  to  validate  the 
prediction  capability  of  crack  growth  in  complex 
structures 

•  Based  on  the  analytical  predictions  of  fatigue  c'ack 
growth,  relevant  inspection  intervals  are  defined 

These  steps  are  usually  complemented  not  only  with  full- 
scale  static  tests  up  to  at  least  limit  load  but  also  with  full- 
scale  spectrum  fatigue  tests.  The  latter  are  typically  carried 
out  for  at  least  two  design  life  times  in  order  to  detect  any 
cracking  at  locations  which  might  have  been  overlooked 
in  ihe  analysis.  If  no  cracking  occurs  during  these  lives 
artificial  flaws  are  introduced  at  chtical  areas  and  then  Ihe 
spectrum  loading  is  carried  out  for  two  more  design  life 
times  During  the  latter  phase  crack  growih(from  fatigue 
cracks  or  artificial  flaws)  is  monitored  and  compared  to 
analytical  predictions  The  testing  is  able  to  provide  such 
comparisons  for  several  locations  as  cracked  components 
may  either  be  repaired  or  replaced  by  new  ones 
Eventually,  Ihe  test  ends  with  a  residual  strength  (e.si  of  a 
major  structural  component. 

3.5  The  Saab  JAS39  Gripen  aircraft 

The  basic  military  concept  behind  the  JAS39  aircraft  is 
that  each  individual  aircraft  and  each  individual  pilot 
should  provide  multi-mission  capahility,  i  e  instantly  be 
able  to  perform  air-defence  as  well  as  air-to-surface  attacks 
or  reconnaissance,  without  any  changes  to  the  aircraft 
itself  This  multi-mission  capability  will  result  in  an 


operational  flexibility  allowing  concentration  of  units  in  a 
manner  previously  not  technically  possible. 

The  Gnpen  is  designed  to  fit  into  Ihe  Swedish  Air  Force's 
base  system.  This  means  that  the  JAS  .39  is  capable  of 
taking  off  from  and  landing  on  road  bases.  Flight 
preparatKMi  at  wartime  bases  should  be  p'^siblt  by 
conscripted  personnel  under  field  conditions. 

The  aircraft  is  aerodynamically  unstable  in  certain  parts  of 
Its  operational  envelope  Stability  is  obtained  by  means  of 
a  triplex  digital  fly  by  wire  control  system  with  a  triplex 
analogue  back  up  system. 

3.SA  Approximate  Data  oj  the  Aircraft 
F.ngine:  One  Volvo  Flygmotor  RMI2 

(=(}eneral  FJecirie  F404)  producing  8  tons 
thrust 

Weight;  8  tons 

length;  14  m 

Wingspan;  8  m 

Speed:  Super.sonic  at  all  altitudes 

Wing;  Multi-spar  design  with  skins  and  spars  made 

of  CFRP- laminates.  Root  ribs  made  of  Al- 
alloy  The  structure  is  boiled  together. 

Canard.  Fin  and  ( ontrol  surfaces: 

Full  core  aluminium  honeycomb  w  ith  CFRP 

laminate  skins 

Some  rudders  of  .-\i-aiioy 

Fuselage  With  exception  for  a  few  drxirs  it  is  all 

metallic.  7475  skins.  7075  extrusions  and 
7010  forgings. 

Most  of  the  attachment  fittings  joining  the  various  parts 
of  the  aircraft  are  made  of  70)0  forgings 

The  CIW  laminates  were  initially  made  of  ('iba-Cicigy 
toughened  epoxy  with  HTA  7  fibres  Presently  also 
Hercules  systems  are  qualified  to  be  used 

XS.ZThe  Design  Heqmremcnts 
IX^sign  limit  load  factor  =90 

I'llimale  safety  factor  =  I  5 

(TKP  laminates  not  allowed  to  buckle  below  15()‘r  FF 

The  design  and  testing  requirements  essentially  agree  with 
the  U.SAF.  military  specifications.  Refs  (.VI  I) 

3.5.3  Damage  tolerance  requircfnenL^  for  the  JAS  J9 
(Iripcn 

Only  so-called  (  ntica!  parts  are  required  to  comply  with 
damage  toleraiKC  requirements.  .A  part  is  cliissificd  as 
critical  if  its  failure  alone  may  cause  the  loss  of  an  aircraft. 
The  requirements  are  essentially  ideiitical  with  FS.M'  Mil- 
A-8.3444  The  main  dilference  is  that  the  residual  strength 
requirement  is  alw~ays  1 20^  1  ,\ . 

Analysis  Goal  3000  hrs  inspection- free 

service  life 

Verificatum  Goal:  4(KX)  hrs  insix;ction-free 

sei'vice  life 

Minimum  Requirement  No  detail  to  have  a  shorter 
inspection  interval  than 
4(K)  hrs 
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3.S.4 Damage  tolerance  verification  policy 
Previous  experience  from  a  damage  tolerance  study  on  the 
Saab  AJ37  Viggen  aircraft  led  to  the  following  pdicy. 

The  damage  tolerance  verification  is  to  be  done  on  full- 
scale  assemblies,  where  the  critical  part  is  correctly 
built  into  its  surrounding  structure. 

The  critical  parts  are  to  be  manufactured  according  to 
series  production  standard.  (Example:  Die  forgings  are 
not  to  be  substituted  by  hand  forgings  or  plate 
material). 

Fatigue  testing  of  critical  parts  is  not  allowed  to  be 
eliminated  just  because  a  damage  tolerance  verification 
testing  is  earned  out  (Reason;  The  damage  tolerance 
test  is  biased,  because  it  interrogates  the  structure  only 
at  the  points  where  artificial  flaws  have  been  made  A 
correct  fatigue  test  does  not  suffer  from  that  kind  of 
bias  ).  The  fatigue  testing  shall  cover  at  least  four 
inspection  free  lives,  i.e  .  4x4(X)0hrs 

The  damage  tolerance  verification  testing  shall  be  done 
using  realistic  flight  by  flight  simulation  testing,  and 
shall  cover  at  least  two  inspection  free  service  lives, 
i.e.,  2  X  4000  hrs. 

A  critical  part  having  initial  artificial  flaws  in 
accordance  with  Mil-A-83444  and  which  survives 
2  x  4000  hrs.  of  realistic  service  life  simulation 
followed  by  a  residual  strength  testing  to  \  20%LL  is 
considered  to  have  fulfilled  the  verification  goal 
4000  hrs.  of  inspection-free  service  life 

If  significant  crack  growth  occurs  during  the  damage 
tolerance  testing,  a  safe  inspection  interval  is  to  be 
established  based  on  crack  growth  observations 

3.6  The  Saab  37Viggen  aircraft 
The  Swedish  lighter  aircraft  37  Viggen.  Figure  1.  was 
designed  some  30  years  ago  on  a  safe  life  and/or  fail  safe 
basis.  Some  major  parts  of  the  aircraft  have  been  re¬ 
assessed  in  terms  of  a  damage  tolerance  evaluation.  The 
aim  of  this  assessment  has  been  to  ensure  structural  safety, 
and  to  investigate  the  possibilities  for  extending  the 
original  life  of  the  aircraft.  This  can  be  carried  out  because 
the  total  life  of  the  aircraft  will  depend  on  its  durability 
(see  definition  above)  while  the  damage  tolerance  ensures, 
at  all  stages,  the  structural  safety  of  the  aircraft. 

The  purpose  here  is  to  summarise  some  of  the  damage 
tolerance  analyses  and  the  testing  performed  on  the  main 
wing  attachment  frames.  There  are  four  versions  of  the 
main  wing  attachment  frame  due  to  two  different  versions 
of  the  aircraft,  attack  (AJ)  and  fighter  (JA),  and  due  to  major 
changes  in  the  geometry  made  after  serial  production  of 
several  aircraft  In  this  paper  focus  is  on  the  latest  version 
of  the  JA  frame.  Spceifically.  the  aim  is  to  briefly  show  the 
complexity  of  a  damage  tolerance  assessment  in  a  case 
where  the  safe  original  life  design  has  resulted  in  rather 
high  stresses. 

Because  of  the  original  safe  life  design,  resulting  in  quite 
high  stresses,  very  extensive  finite  element  analyses  have 
been  necessary  in  order  to  obtain  accurate  stress 
distributions  in  critical  sections  These  stress  distributions 
have  subsequently  been  used  for  the  evaluation  of  3D  stress 
intensity  faetors.  Also,  high  demands  have  been  placed  on 
the  accuracy  of  the  crack  growth  predictions.  Hence. 


extensive  validation  of  the  crack  growth  prediction 
technique  has  been  required. 

Structural  testing,  including  artificial  flaws,  has  been 
carried  out  ii^lh  the  aim  of  obtaining  crack  growth  data  for 
correlation  to  the  prediction  technique.  The  stress  analyses 
were  mainly  verified  on  basis  of  traditional  static  and 
fatigue  testing  results  available  from  the  design  phase  of 
the  aircraft 

The  af^oach  taken  for  this  study  has  been  to  follow  the 
military  specification  MIL-A-83444  as  discussed  above. 
All  of  the  components  considered  represent  primary 
structures  with  few  or  no  alternative  load  paths  and  have, 
therefore,  been  elassified  as  slow  crack  growth  strtictures. 
Initial  flaw  size  assumptions  follow  the  requirements  of  the 
specification  in  Ref.  (9).  A  conservative  residual  strength 
requirement  of  1.2  times  limit  load  has  been  applied  in 
terms  of  the  linear  elastic  plane  strain  fracture  toughness. 

K  irrespective  of  actual  thicknesses,  except  for  cover 

Ic. 

sheets  where  K  values  for  actual  thicknesses  were  used, 
c 


4.  LOADS 

4.1  The  Saab  JAS39  Gripen  aircraft 

A  eonceptual  model  is  used  which  eovers  design  and  sizing, 
structural  test  verification  and  service  monitoring  and 
involves  engineering  activities  such  as  mission  analysi.^. 
externa!  loads  analysis,  stnictural  analysis  and  stress 
analysis  Fig  1  shows  the  various  parts  as  a  block  scheme, 
while  an  overview  of  various  computer  programmes  is 
illustrated  in  Fig.  2.  Figure  3  shows  details  of  the  block 
scheme  shown  in  ^ig  1. 

Design  parameters  in  the  mission  analysis  onginate  from 
estimated  threats  and  expected  usage  and  are  expressed  as  a 
sequence  of  Pights  and  ground  conditions.  The  conditions 
are  defined  by  flight  mechanics  parameters  such  as  load 
factor,  roll  rate,  speed,  control  surface  defleelions.  thrust, 
fuel  burn,  weapons  etc 

Each  set  of  flight  parameters  defines  a  certain  Might 
condition  Determining  the  external  loads  for  those 
conditions  (manoeuvres)  at  different  aircraft  configurations 
requires  analysis  of  e  g  structural  dynamic  response, 
aerodynamic  pressure  distributions  at  different  speeds, 
angles  of  attack  etc.  (iroiind  loads  analysis  include  such 
events  as  landing  impact,  taxiing,  braking,  turning  etc 

The  load  analysis  makes  use  of  techniques  like  the  finite 
element  method  to  predict  dynamic  transient  response,  e  g 
landing,  computational  fluid  dynamics  for  prediction  of 
aerodynamic  (vessure  fields  and  six  degree  of  freedom  flight 
mechanics  mode)  with  control  system  logics  to  predict  in¬ 
flight  manoeuvres.  Numencal  predictions  are  suppe^rted  by 
wind  tunnel  tests  of  models 

4.1.1  The  global  spectrum  approach 

For  fatigue  and  damage  tolerance  sizing  and  test 
venfication.  a  methixiology  referred  to  as  the  global 
spectrum  approach,  in  which  the  design  loading  of  the 
complete  aircraft  is  defined,  has  been  developed  In  this 
approach  the  dc'jcription  of  each  unique  manoeuvre  is 
defined  as  a  sequence  of  instantaneous  and  balanced  load 
cases  Sequential  manc^uvres  build  up  unique  missions  and 
sequences  of  missions  build  up  the  expected  usage  The  load 
cases  consist  of  linear  combinations  of  unit  laid  cases 
(including  aerodynamic  loading,  inertia  loads,  ground  leads 
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eic.)  for  ihe  finite  element  model  of  the  complete  airframe 
in  a  hierarchic  way.  All  information  about  load  case 
structure  and  their  occurrences  in  the  sequerK:(s  are  stored  in 
a  global  sequence  database.  Through  this  methodology 
results  local  load  sequences,  in  terms  of  loads,  stresses, 
displacements  etc  .  which  can  be  directly  used  for  crack 
growth  calculations  or  counted,  by  means  of  the  rain-flow 
algorithm,  in  order  to  be  m--  for  classical  fatigue  anal)  sis' 
or  planning  of  structurd.’  )rogrammcs. 

This  database  is  updated  continuously  as  a  project  develops 
and  as  flight  test  data  becomes  available.  The  current 
global  sequence  for  the  JAS39A  Gripen  aircraft  consists  of 
35  different  types  of  unique  missions  built  up  by  more  than 
13  000  unique  load  cases.  These  unique  missions  are 
combined  into  60  deterministic  suh  sequences  (defined  on 
basis  of  pilot  training  programs  and  consisting  of  12 
different  taxi  load  sequences.  35  different  flight  load 
sequences  and  13  different  landing  load  sequences)  \^hich 
are  then  combined  to  a  sequence  covenng313  complete 
missions  (taxi  out.  flying,  landing,  taxi  in)  containing  a 
total  cT  more  than  5(X)  (MX)  load  cases  A  unique  rcpclitioti 
sequence  representing  an  actual  service  K)ad  history  of 
these  313  flights  is  equivalent  iO  2(X)  flh  and.  thus, 
consists  of  more  than  5(K)  000  ciales 

The  internal  load^  distnhution  are  obtained  b)  solving  a 
linile  element  model  of  the  complete  aircraft  using  the 
external  loads  representative  for  the  unit  load  cases  in  the 
global  sequence  description  The  finite  element  mcxlcls  of 
the  single-  and  twin-scaled  version  of  the  J.\S39  Gripen 
aircraft  are  shown  in  I-ig  4  for  vvhich  460  unit  load  cases 
are  solved  and  stored  in  a  stP-clural  analysis  d.itahase 

Having  access  to  the  global  sequence  database  and  the 
structural  analysis  database,  the  engineer  is  able  to  obtain 
l(Kal  load  or  stress  sequences  and  rain-flovs  counted  spectra 
for  any  member  elemeiil  of  tne  finite  element  model  of  the 
complete  aircraft  This  <s  done  by  an  interactive  software 
system  v'hicb  is  connected  to  the  two  databases  The  global 
spectrum  program  delivers  load  sequences  for  all  (he 
i.'udtng  actuators  of  (he  vanous  structural  tests  It  also 
delivers  (he  basis  for  companson  with  (he  results  from  the 
loads  monitoring  registrations  on  eacl.  individual  aircraft 

4.\.2Ix>ad  ialibraiton 

One  lest  aircraft  (Test  A'('  39  2)  ii  dedicated  to  the  loads 
sun'ey  programme,  figure  5.  About  500  «-train  gauges  have 
been  installed  The  aircraft  has  been  subjected  to  about  150 
calibration  load  cases  with  the  purpose  to  accurately  be 
able  to  deduce  interface  loads  between  wing  and  fuselage, 
wing  and  control  surfaces  and  fin  and  fut>elage.  Also  shear, 
torque  and  bending  at  three  wing  sections  and  at  four 
fuselage  sections,  as  well  as  bending  and  torque  in  the 
canard  pivot,  landing  gear  loads  and  loads'  from  external 
stores  are  measured. 

4A.3Ix)ad  ;nteraclion 

It  IS  'Well  known  that  the  sequential  order  of  the  loads  in  the 
spectrum  is  very  important  for  the  fatigue  life.  Models  to 
account  for  this  influence  on  the  fatigue  crack  growth  rales 
are  normally  bused  on  plasticity  considerations  and  they 
may  predict  rather  diffeiciil  results,  conservative  or  not. 
depending  on  the  model  chosen  (24)  In  the  flight  sequence 
vanous  parameters  influence  the  crack  growth  with  vanous 
amounts.  The  variations  found  to  have  the  greatest  impact 
are  those  involving  modifications  of  the  maximum  peak 
loads.  These  variations  include  mission  mix.  high  and  low 
load  truncation,  exceedance  curve  variations,  and  test  limit 
load  variations  Variations  shown  to  have  significant 


I  ,  include  those  which  modify  all  but  the  highest  peak 
loads  throughout  the  spectrum,  such  as  sequence  of 
missions,  compression  loads.  anJ  peak  and  valley 
coupling.  Spectra  vahations  shown  to  produce  (he  least 
effect  are  those  w’hich  modify  lesser  loads  in  each  mission 
These  consists  of  reordenng  of  loads  w  ithin  a  mission  and 
flight  length  vahaiions  (25). 


4.1.45erviVc  loads  moniionng 
For  the  Swedish  fighter  JAS39  Gnpen.  every  aircraft  will 
he  equipped  with  a  service  loads  monitonng  system,  sec 
Fig.  6  The  following  six  loads  will  be  recorded 


1 

2 

3 

4 

5 

6 


Vertical  acceleration  at  CG.  -  Load  factor,  n^ 
Canard  pivot.  Bending. 

Torque. 

Wing  { wd  attachment  bending, 

*  Aft  attachment  lorce,  S/ 

Fin  Aft  attachment  bending,  M^ 


With  the  exception  for  the  first  one.  the  forces  will  be 
measured  by  means  of  calibrated  strain  gauge  bridges  Lach 
individual  aircraft  wtll  he  calibrated  while  flying  in  detail 
specified  manoeuvres  S'ominally  identical  strain  gauge 
installations  on  the  loads  survey  aircraft  (Test  .\  t’  39  2). 
on  the  major  static  test  structure,  on  the  major  fatigue  test 
structure,  on  two  cinard  pivot  test  articles  and  («n  two  fin 
plus  rear  fuselage  test  articles  will  add  confidence  to  the 
calibration  procedure 

Recorded  data  will  be  analysed  on  N>ard  each  aircraft  using 
the  range  pair  range  count  algorithm  After  transferring  to  a 
ground  based  computer,  ct)mpansi>ns  will  be  made  with  the 
corresponding  local  speettn  as  delivered  from  the  global 
spectrum  software  system 

4.2  The  S»»b  37ViKgen  aircraft 
4.2.1  Geofnetry  and  l/mding 

The  principal  gct*meiry  of  the  J.\  mam  wmg  attachment 
frame  is  shown  in  1  ig  7  The  frame  can  be  descrilK' I 
simply  as  an  assemhlage  of  two  curved  1  ’•  or  I  shaped 
beams,  located  a  distance  oi  KM)  6  mm  apart  and  kept 
together  by  inner  and  t>ulcr  cover  sheets  I  hc  beams  are 
made  of  an  aluminium  die  forging  and  the  cover  sheets  are 
made  of  aluminium  alloy  sheet  material  Between  the  two 
beams  a  structural  detail,  called  the  middle  part,  is  hx:atcJ 
as  indicated  in  Tig  7 

Depending  on  the  aircraft  version,  the  middle  part  is  made 
of  an  aluminium  die  forging  or  a  high-strength  steel 
forging.  Also,  a  lower  rear  engine  allachmcnl  is  mounted 
between  the  two  K*a.Tis'.  see  l  '‘g  7 

The  main  wing  attachment  frame  loaJcxJ  hy  the  mam 
wing  spar  It  is'  the  only  attachment  frame  that  Uikcs  up  ihe 
bending  moment  from  the  wmgs  Shear  loads  are 
disinhulcd  on  several  frames  The  loads  from  the  ma  n  wing 
spar  are  introduced  into  two  ullaehmeni  holes  in  each  Seam 
and  two  holes  in  the  middle  part  The  purpose  of  the  n  nJdl 
part  IS  to  distnhule  a  portion  (T  the  load  to  two  .idjaccot 
attachment  holes  in  each  beam,  called  middle  piirl  hi.Ts 
T'urthermore.  the  main  wmg  aiUK  hmenl  Iramc  is  loadc  by 
the  engine  through  the  rear  engine  altachmenl.  which 
transfe*"  vertical  loads  Tinally,  loads  arc  inlrtxJuced  r.i  the 
frame  from  the  fuselage  through  Ihe  cover  sheets  .A 
pnncipal  sketch  of  the  loads  acting  on  a  quarter  of  an 
isolated  main  wing  attachment  frame  a.ssemhlage  is  shown 
in  Tig  K  The  load.  I’ I/,  at  the  lop  of  the  frame  is 
introduced  in  eomhinatmn  with  extra  loads  on  Ihe  engine 
altachmenl  to  compensate  lor  the  missing  h)ad  transfer 
fn)m  the  rest  of  the  fuselage  when  an  istdated  asscnthlagc  is 
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studied  Obviously,  the  magnitudes  of  the  loads  on  the 
different  versions  of  the  main  wing  attachment  frame  are 
different. 

4.2.2  Design  versus  usage  spectrum 
The  load  spectrum  used  both  for  analytical  predictions  and 
for  testing  of  some  coupon  test  specimens  and  an  isolated 
main  wing  attachment  frame  assemblage  is  shown  in  Fig. 
9  As  can  be  seen,  the  utilised  design  spectrum  is  more 
severe  than  the  average  usage  spectrum  of  the  aircraft. 


5.  STRESS  SPECTRA  AND  FRACTURE 
MECHANICS 

Models  used  for  assessment  of  fatigue  life  and  damage 
tolerance  of  fighter  aircraft  vary  from  rather  simple  to 
highly  complex  depending  on  factors  such  as;  if  the 
structural  component  is  primary  or  secondary,  local  stress 
levels,  inspectability  ere.  Typically,  simple  models  are 
used  initially  and  more  so^isticated  analysis  is  resorted  to 
in  complex  geometries  and  when  safety  margins  are  lower. 

5.1  Elimination  of  insigniDeant  stress  eyeles 
Due  to  the  basics  of  the  global  spectrum  approach, 
described  above,  very  many  small  load  cycles  are 
generated  It  is  therefore  advisable  to  omit  certain  small 
even's  which  from  a  fatigue  vievipoint  have  no  practical 
meaning.  The  system  contains  interactive  facilities  to 
reriiove  insignJicant  stales  By  defining  omission 
conditions  connected  to  the  earlier  defined  sequences  the 
reduction  of  the  sequences  is  immediately  displayed  For 
the  component  shown  in  Fig.  10.  the  original  sequence 
consists  of  7813920  slates  for  3000  flight  hours  By 
omitting  cycles  with  ranges  smaller  than  20  kN 
(approximately  10%  of  the  maximum  range)  the  total 
sequence  is  reduced  by  97  1%  to  224250  states  The 
omission  technique  adopted  also  works  when  more  than 
one  load  sequence  is  considered  through  a  lowest  common 
denominator  scheme. 

Selected  parts  of  the  total  sequence  can  be  plotted  in  a 
vancty  of  forms  and  on  different  devices  In  F1g  1 1  a  plot 
of  the  beginning  of  the  unreduced  sequence  is  shown  on 
screen  format.  The  sequence  shown  in  Fig  12  has  the 
above  defined  omission  condition  applied.  The  triangular 
marks  shows  where  each  mission  ends.  Spectra  can  be 
plotted  in  tw-o  forms,  either  the  distribution  of  ranges  or 
the  distributions  of  peaks  and  troughs  In  Fig  13.  the 
disinbutions  of  ranges  are  shown  for  both  the  original 
spectrum  and  the  reduced  spectrum 

The  software  has  features  to  facilitate  idenlificadon  of  load 
cases  This  can  be  done  by  retaining  load  case 
identification  numbers  all  the  way  through  the  rain  flow 
count  operations,  omission  procedures  etc.  This  technique 
has  proven  to  be  most  important  when  planning  for 
structural  testing.  For  .IAS39  ever)  unique  load  case  of  the 
global  sequence  has  been  assigned  a  9  digits  code  number 
according  to  a  systematic  scheme. 

5.2  The  Saab  JAS39  Gripen  aircraft 

The  global  finite  element  mode!  predicts  the  internal  load.s 
distribution  and  the  different  types  of  entities  that  can  l)c 
obtained  depend  on  mesh  and  type  of  elements.  The  most 
simple  case  is  to  extract  a  scalar  sequence,  e  g  a  normal 
force  sequence  from  a  flange  element  If  more  complex 
elements  are  used,  e  g  beams,  solids  etc.,  more  stress 
components  are  available.  Since  each  state  in  the  global 
sequence  represents  a  certain  load  case,  i.e.  a  certain 


combinabon  of  the  c<mtponents.  each  change  from  one 
state  to  the  next  state  also  means  a  change  of  the  stress 
intensity  factor  to  another.  This  complicates  the  situation 
if  the  stress  components  are  not  correlated 

The  main  wing  attachments  of  the  Gnpen  aircraft  are  shown 
in  Fig.  14.  Fig.  15  shows  the  finite  element  substructure  of 
one  ^  the  three  main  wing  attachment  frames  and  resulting 
stresses  for  limit  load  are  shown  in  Fig.  16  for  critical 
areas.  such  as  the  lower  flange  regions  are  here 
modelled  by  beam  elements  from  which  sequences  of 
normal  force  and  bending  moments  can  be  obtained  The 
correlation  between  the  bending  moments  and  the  normal 
force  in  this  region  is  reasonably  good.  Figs.  17  and  18 
show  the  bending  moments  versus  normal  force.  A  stress 
intensity  factor  solution  which  is  applicable  for  the 
comf^ete  sequerwe  can  thus  be  obtained  from  a  linear 
combination  of  the  three  entities. 

This  is  most  often  enough  for  damage  tolerance  analysis 
Local  stress  sequences  are  used  together  with  s'ress 
intensity  factors  that  are  available  for  different 
crack  loading  configurations. 

Sometimes  when  predicted  crack  growth  lives  initially  do 
not  meet  the  target  lives,  more  sophisticated  local 
modelling  can  be  made  and  connected  to  the  global  model 
and  the  gl<^l  sequence.  For  the  lower  flange  region  a  Kx:al 
stress  m<^i  using  solid  elements  has  been  solved  using 
the  p-version  of  the  finite  element  method  Figure  19 
shows  a  model  of  the  region  and  the  stress  distribution 
resulting  from  a  load  case  representing  a  pull-up 
manoeuvre.  The  stress  distnbution  across  a  section  cutting 
through  a  highly  stressed  region  is  shown  in  figure  20 

The  stress  intensity  factor  for  a  crack  in  this  section  is 
derived  using  three  dimensional  weight  function  technique 

Damage  tolerarKre  analyses  are  made  for  large  number  of 
assumed  cracks  in  primary  structure  F('r  the  JAS39A 
aircraft  more  than  i(XX)  crack  sites  have  been  analysed  The 
type  of  analysis  ranges  from  simplified  one.s  using  basic 
stress  intensity  factor  solutions  to  more  or  less  advanced 
ones  using  p-version  FEM  either  with  the  crack 
incorporated  in  the  mesh  or  by  applying  3D  weight 
functions  to  stress  distnbutions  for  the  uncracked  structure 
Each  analysis  is  summarised  on  a  damage  tolerance 
analysis  sheet.  An  example  of  such  a  summary  sheet  is 
given  in  Fig  21. 

5.3  The  Saab  37Viggen  airerafi 
The  finilc  clement  analyses  have  been  made  in  several 
steps  where  the  initial  step  has  been  to  make  a  global 
model  of  the  complete  component.  I'hese  global  models 
were  able  to  desenbe  stiffnesses  correctly  and  to  indicate 
where  stress  concentrations  were  Ux:atcd  In  a  few  cases  the 
global  models  were  sufficiently  detailed  to  give  local 
stresses,  but  usually  more  detailed  models  were  required  A 
typical  example  of  a  global  model  for  a  quarter  of  the  main 
wing  atta.hmoit  fran>"  assemblage  (remaining  after 
accounting  for  the  symmetry  )  is  shown  in  Fig  22  The 
model,  which  is  made  using  a  substructunng  technique, 
consists  of  approximately  75(XX)  degrees  of  freedom 

H.is  d  n  the  global  lT;  results.  critical  areas  were 
d'^Milier',  which  were  then  subjected  to  more  detailed  Fl> 
analyses,  including  such  elements  as  accounting  for 
bushings  and  solving  contact  pioblems  The  boundary 
conditions  for  the  detailed  mcxiels  were  obtained  from  the 
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global  models  in  lenns  of  displacements  and  rotations  of 
nodes  along  the 

created  cuts  through  the  global  models. 

The  region  around  the  fuel  pipe  holes  in  the  mam  \ving 
attachment  frame  was  artalys^  using  the  p-version  of  a 
newly  developed  self-adaptive  FE-c^e  (26).  Also,  some 
stress  intensity  facton  were  computed  using  this  technique, 
which  is  believed  to  be  the  most  accurate  technique  there  is 
for  such  calculations. 

Regions  around  major  attachment  holes  were  analysed 
using  conventional  FH-technique  but.  as  already 
mentioned,  contact  stresses  between  wing  bolts  and 
bushings,  as  well  as  between  bushings  and  frame  forgings, 
were  computed  using  an  automatic  iterative  solution 
technique  !n  many  cases  the  detailed  analyses  were 
repeated  with  considerations  of  more  and  more  details,  such 
as  heads  of  bolts  and  stiffening  effects  of  middle  parts.  The 
reasons  for  repeating  the  detailed  analyses  were  seemingly 
improper  or  too  large  deformations  and  unrealistically  high 
local  stresses.  For  example,  by  including  the  bolt  head  in 
the  model  of  the  middle  part  hole  region,  see  Fig.  23,  the 
largest  principal  stress  was  reduced  by  25%  due  to  reduced 
bolt  tilting. 


5.3.1  Fracture  Mechanics  and  Fatigue  Crack  Propagation 
A  difficulty  in  the  damage  tolerance  analysis  has  been  to 
obtain  relevant  stress  intensity  factors.  In  many  cases  the 
stresses  at  critical  locations  have  been  high  (locally)  with 
large  gradients  in  both  surface  and  thickness  directions 
Stress  intensity  factor  solutions  based  upon  a  remotely 
applied  uniform  loading  are  generally  not  able  to  describe 
the  local  stress  gradients  Resides,  it  is  very  difficult  to 
define  the  remote  uniform  loading 

The  most  accurate  stress  intensity  factors  used  were  those 
computed  using  the  adaptive  FF>techniquc.  see  Fig  24 
However,  there  were  too  many  critical  locations  for 
applying  this  technique  everywhere.  Second  best  stress 
intensity  factor  srMutions  seemed  to  be  those  based  upon 
the  weight 

func'tion  technique,  in  which  case  Uxal  stress  distnbutions 
could  be  described  accurately  Such  stress  distnbutions  were 
obtained  directly  from  the  FF-analyses  and  they  are  valid  as 
long  as  no  major  changes  due  to  load  re  distributions  occur 
However,  weight  functions  for  3D  geometries  are  scarce 
For  2D  geometries  it  is  easier  to  find  accurate  weight 
functions  but  through  the-thickness  cracks  were,  in 
general,  a  far  too  severe  assumption  for  the  cntical 
locations  studied 

The  solution  to  the  problem  was  to  introduce  correction 
functions  based  on  the  iD  weight  function  solutions  such 
that  the  3D  solutions  for  remote  loading  were  modified  to 
approximately  account  for  the  hxal  stress  distribution  in 
one  of  the  two  directions. 

Fatigue  crack  growth  predictions  were  performed  using  a 
cycle'by-cycle  analysis  technique  without  consideration  of 
plasticity-induccd  load  interaction  effects  However,  a 
method  for  extracting  contributing  load  cycles  from  an 
irregular  load  sequence  was  used  which  can  be  described 
as  a  very  simplified  rain  flow  counting  algonthm 

All  available  fracture  mechanics  and  crack  growih  data  for 
the  aluminium  alloys  and  the  high  strength  steels  involved 
have  been  critically  reviewed  and  collected  in  a  data  base 
for  easy  access  Complemcniary  testing  on  coupon 


specimen  level  was  performed  to  derive  constant  amplitude 
fatigue  crack  growih  data  in  cases  where  data  were  lacking. 
Figure  25  illustrates  the  collected  data  for  one  of  the 
relevant 

aluminium  alloys. 

.Additional  recent  work  has  shown  the  wing  attachment 
frame  to  he  fail  safe  This  was  shown  by  considering  the 
additional  dynamic  loading  transferred  to  the  remaining 
structure  wlien  one  of  the  four  aluminium  parts  fail 
completely. 

5.3,2  Verijication  of  Stresses  and  Crack  Growth 
Prediction  Technique 

The  FE  stress  analyses  were  venficd  by  comparisons  to 
experimental  results  obtained  during  traditional  static 
and  fatigue  testings  of  the  components  considered  The 
comparisons  showed  that  stresses,  in  general,  were 
computed  very  accurately  even  with  t)ie 
global  models  ('nfortunately.  stresses  really  close  to 
attachment  holes  could  not  be  assessed  due  to  lack  of 
experimental  data 

fhe  technique  of  modifying  .31)  stress  intensity  factors, 
u.sing  21)  weight  functions,  was  verified  by  comparing  such 
stress  intensity  factor  solutions  to  solutions  obtained 
using  the  adaptive  iTi  technique  for  a  number  of  typical 
geometries 

The  compute,  programme  used  for  the  crack  growth 
predictions.  Ref  (  27)  was  venfied  as  far  as  possible  by 
compansons  to  other  computer  programmes  and  also  to 
experimental  results  (on  a  coupon  specimen  level  with 
well-known  stress  intensity  fact(>r  solutions)  from  the 
literature  as  well  as  from  test  results  (on  :i  coup<.n  specimen 
level)  obtained  in  the  current  investigation  rhese 
compansons  involved  N>lh  constant  amplitude  results  and 
results  from  different  types  of  spectrum  loading 


6.  STRUCTURAL  TKSTINc; 

Here,  we  will  discuss  the  testing  carried  out  to  substantiate 
the  analytical  methodologies  used  Such  tests  include 
simple  coupon  tests  to  study  influence  of  load  spectrum 
truncation  etc.  component  tests  to  venfy  numerical 
predict»ons  and  to  reveal  any  unexpected  problems,  and  full 
scale  fatigue  and  damage  tolerance  tc'^ting  of  an  entire 
aiaraft.  The  overall  test  programme  for  the  new  fighter 
aircraft  gixs  on  for  more  than  10  years 

6.1  The  S»ab  JAS39  Cripen  aircraft 

6.1.1  Artificial  flaws 

In  order  to  monitor  (he  making  of  artificial  flaw*:  on  the 
critical  parts  to  be  subjected  to  vcnfication  testing  m  the 
JAS39  programme,  a  manufactunng  and  quality  control 
specification  dixunient  wa.s  produced  In  that  dixument  the 
electro  spark  methvxJ  using  carbon  electrodes  is  specified 
as  the  main  methvxJ  fhe  specification  defines  tolerances 
on  the  flaw  gewnetry  itself  as  well  as  its  Icxation  I'he 
specification  also  detincs  machining  data  such  as  current 
and  pulse  -length  for  eicctn-  Sjxirk  machining  or  amount  ot 
feed  between  each  stroke  Rir  the  chipping  niethtxl 
lixamplcs  of  the  flaw  geometry  specifications  are  shown  in 
I  ig  26  Consider  the  quarter  circular  flaw  having  a  =  1  27 
mm  as  per  Mil  A-R.3444  In  the  Saab  manufactunng 
specification  this  has  been  assigned  a  tolcriince  1  .3  <  a  < 
1.5  mm  and  a  tip  radius  s  0  05  mm  fhe  depth  tolerance 
seldom  has  been  a  problem  In  cases  when  the  depth  has 
come  out  below  the  tolerance,  a  <  I  3.  the  detail  has  always 
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been  sent  back  to  the  workshoo  to  make  the  Haw  deeper. 
The  tip  radius  was  expected  to  ccme  out  between  0.02  and 
0.04  mm  during  electro  spark  machining.  Most  of  the 
time,  however,  the  tip  radius  has  come  out  between  0.04 
and  0.05  mm,  i.e.  very  close  to  the  maximum  tolerance, 
and  in  quite  a  number  of  cases  it  has  been  necessary  to 
accept  tip  radii  exceeding  0.05  mm  (but  never  exceeding 
0  065).  Artificial  flaws  made  by  chipping  have  always 
come  out  well  within  the  tolerance  limits. 

An  example  from  a  large  test  programme  on  unnoiched 
specimens  is  shown  in  Fig.  27  for  an  aluminium  specimen 
subjected  to  a  symmetric  fin  root  spectrum.  Here,  the  crack 
growth  rate  first  started  up  at  a  higher  than  normal  rale  and 
then  slowed  down  to  a  more  normal  rate.  This  can  be 
interpreted  as  if  the  artificial  Haw'  is  characterised  by  a 
negative  initiation  period.  Special  attention  was  paid  to 
artificial  flaws  on  shot-peen^  surfaces  since  delayed 
initiation  could  be  expected.  Observed  initiation  periods 
for  those  cases  have  varied  from  800  to  1800  hours  for 
specimens  showing  a  total  life  of  5000  to  7000  hours.  The 
crack  propagation  part  of  the  total  life  has  always  been 
larger  than  the  initiation  period  for  all  les'ed  stress  levels 
This  IS  a  most  important  conclusion  since  it  supports  (he 
selected  principle  of  verification  of  the  slow  crack  growth  - 
non  inspectable  parts  even  if  no  identification  of  crack 
growth  could  be  detected  at  artificial  flaws  in  large 
components  at  two  service  lives  of  fatigue  testing.  This 
has  also  been  shown  for  a  most  unfavourable 
crack/geometry  case  with  rapid  crack  growth  rale 

6.1.2  Ter/  programme 

The  damage  tolerance  analysis  creates  (he  necessary 
conditions  for  structural  integrity  This  integrity  also 
needs  to  be  demonstrated  in  structural  testing  according  to 
the  sizing  approach  shown  in  Fig.  1  Besides  from  testing 
for  obtaining  data  for  predictions,  three  main  levels  of 
testing  are  detail  testing,  major  component  testing  and 
final  full  scale  veriricalion  testing  These  three  levels  arc 
described  below 

Detail  testing  is  mainly  performed  early  in  the  sizing 
work.  It  is  used  to  verify  detail  design  of  vital  structural 
members  and  to  qualify  the  application  of  prediction 
methods  to  typical  structural  configurations  The  lower 
flange  region  of  the  main  wing  attachment  frames  were 
studied  in  (hat  way  Six  different  crack/geometry 
configurations  were  tested  according  to  Fig.  10. 

The  slow  crack  growlh  damage  tolerance  requirement  is 
applied  to  all  flight  safety  critical  components  •  even 
Miull  size  units  such  aa  teiisiuii  Ixilb,  liingc  bolla  fui  (Uc 
control  surface  attachments,  control  actuators  and  other 
small  details  of  the  control  system  Primary  bolts  are 
vcnfied  to  tolerate  semicircular  surface  Haws  with  13 
(+0  2  -0)  mm  radius  The  vcnfication  testing  of  the 
tension  bolts  for  the  wing  and  fin  attachments  have  proven 
ver)’  satisfactory  damage  tolerance. 

Major  component  testing  is  done  for  early  fatigue  and 
damage  tolerance  verification.  The  key  point  in  these  tests 
is  that  a  critical  part  is  tested  while  properly  installed  in  its 
nearest  boundary  structure  This  test  will  spot  faligiie 
critical  areas  and  demonstrate  the  stable  growth  of  those 
natural  cracks  that  may  initiate  and  of  any  artificially  made 
cracks  As  an  example  a  test  set-up  for  an  attachment  of 
wing  to  fuselage  is  shown  in  I‘ig.  28  The  lower  flange 
region,  described  above,  is  here  installed  in  its  nearest 
boundary  structure 


Damage  tolerance  testing  of  large  components  involve 
very  many  initial  flaws,  for  the  rear  fuselage  tested 
together  with  fin  and  rudder  more  than  100  Haws  were 
introduced 

The  final  verification  of  the  fatigue  and  damage  tolerance 
perfonnance  is  made  with  a  complete  airframe  tested  for 
several  service  lives.  A  photograph  of  the  static  test  article 
is  shown  in  Fig.  29.  The  test  arrangement  consisted  of  85 
independently  controlled  load  channels.  A  second  airframe 
for  fatigue  and  damage  tolerance  lesUng  is  now  installed  in 
the  same  rig  and  testing  will  be  started  very  soon  and  be 
subjected  to  at  least  four  service  lives  of  fatigue  testing. 

The  test  program  for  structural  verification  of  the  JAS39 
aircraft  is  shown  in  Fig  30  (tests  systems  not  shown) 
Component  tests  for  verification  of  both  fatigue  and 
damage  tc^erance  are  first  subjected  to  two  service  lives  of 
fatigue  testing,  then  artificial  flaws  are  introduced, 
whereafter  the  test  is  subjected  to  a  further  2  service  lives 
of  fatigue  testing  Finally,  a  residual  strength  test  is  carried 
out  with  the  purpose  to  verify  a  load  capacity  in  excess  of 
120%  IX.  The  pure  damage  tolerance  verification  tests  are 
performed  with  artificial  flaws  introduced  from  the  very 
beginning  and  are  subjected  to  two  lifetimes  of  fatigue 
testing  followed  by  the  residual  strength  test. 

Before  deliveries  of  aircraft  to  the  Swedish  Air  Force,  a  full 
scale  static  test  will  be  performed  (this  is  already 
completed)  and  a  full  scale  fatigue  test  must  have  simulated 
one  design  life.  A  schematic  overview  of  the  entire  fatigue 
and  damage  tolerance  activities  for  the  JAS39  Onpen 
aircraft,  as  described  above,  is  shown  m  I'ig  31 

6.2  The  Saab  37Viggen  aircraft 
b.lA  Structural  Testing 

As  already  mentioned,  an  activity  is  canned  out  with  the 
purpose  of  achieving  life  extension  i>f  this  aircraft.  I'or 
that  purpose  a  complete  damage  tolerance  lest  programme, 
similar  to  the  one  mentioned  above  for  the  Onpen  fighter. 
IS  currently  being  performed  Here,  the  aim  is  only  to  show 
differences  in  the  methodologies  used,  resulting  from  the 
higher  stress  levels  involved  for  the  Viggen  aircraft  This 
is  described  for  the  mam  wing  attachment  frame 
assemblage  Due  to  relatively  large  displacements  (wing 
root  bending  moments  of  up  to  520  k.Sm  were  applied)  the 
effective  test  frequency  became  around  0  2  llz  (testing  was 
conducted  at  a  cxNistant  displacement  rale)  The  actual  frame 
tested  had  already  been  subjected  to  four  fatigue  lives  of 
spectrum  loading  during  the  traditional  te.sting  to  support 
the  original  safe  life  design  of  2K0t)  Right  hours  No 
fdiiguc  v(4ick&  wuc  icfX}itcd  alter  the  iradiliiMial  testing  In 
the  picsent  investigation  another  four  fatigue  lives  were 
applied  subsequent  to  intniduction  of  defects  in  the  frame 
A  total  of  22  ar^ficiai  Raws  (crack  lip  radius  <0  02  mni) 
were  introduced  by  sawing  in  critical  hKalions  of  the 
frame 

The  locations  chosen  for  saw  cuts  were  selected  based  on 
the  I  I:  results,  a  strain  survey  using  a  brittle  coating 
technique,  crack  growth  predictions  and  inspection 
ci'nsidcralions  Very  g«Hxi  agreement  was  found  between 
the  brittle  coating  results  and  the  global  finite  element 
analysis  with  respect  to  both  critical  hKatums  and 
magnitudes  of  the  strain  field 

('rack  growth  was  monitored  both  visnally  and  by  means  oi 
vanous  NDI-tcchmqnes,  pnmarily  eddy  current  lirslly, 
cracks  started  to  grow  from  defects  introduced  at  the  two 
fuel  pipe  holes  This  growlh  was  cusily  tihsci'ved  visually 
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and  Vlas  therefore  very  useful  in  verifying  the  analytical 
crack  growth  predictions.  A  comparison  of  predict^  ar>d 
experimentally  observed  crack  growth  at  the  upper  fuel 
pipe  hole  is  shown  in  Fig  32.  I^ter  on.  after 
approximately  12500  simulated  flight  hours,  this  crack 
together  with  a  crack  at  the  lower  fuel  pipe  hole  resulted  in 
final  failure  of  the  frame 

After  some  4000  simulated  flight  hours,  crack  growlh  was 
observed  a:  one  of  the  wing  bolt  holes  This  is  .according 
to  numerical  predictions,  one  of  the  most  critical  locations 
in  the  frame.  However,  rhe  predictions  for  this  location  are 
assumed  to  be  overly  conservative  as  friction  between  the 
interference  fitted  bushing  and  the  frame  forging  was 
disregarded.  Furthermore,  it  is  believed  that  the 
interference  fitted  hushing  in  the  wing  bolt  hole  restrains 
the  crack  mouth  opening  and  thereby  reduces  the  effective 
stress  intensity  factor  range.  This  would  explain  the 
unexpectedly  slow  crack  growth  observed  at  this  location 

6.2.2  Inspection  Intervals 

Rased  primarily  upon  crack  growth  predictions  but  with  due 
consideration  to  component  testing  results  and  also  results 
concerning  the  prediction  capability  (accuracy  for  various 
structural  details)  of  the  computer  programme  used,  safe 
periods  of  crack  growlh  have  been  established  Inspection 
intervals  have  been  determined,  assuming  that  the  critical 
locations  are  depot  or  base  level  inspectable.  The 
inspection  intervals  are  then  half  o(  the  safe  crack  growth 
periods.  Fig  33  shows  inspection  intervals  for  the  JA 
ma’n  wing  attachment  frame. 


7.  COMPOSITE  MATERIALS 

.An  overview  of  wxirk  done  in  the  U  S  A  and  recommended 
certification  procedures  are  summansed  for  composite 
structures  in  Ref.  (28)  This  reference  states  that  draft  I'SAI- 
damage  tolerance  design  requirements  for  composites  are 
conceptually  equivalent  to  MIL-A-87221.  Recognition  to 
the  unique  property  characteristics  of  composites  leads  to 
significantly  different  defect  damage  assumptions  for 
composites  as  compared  to  metals  Of  the  assumed 
Haw'damage  types,  scratches,  delamination  and  impact 
damage,  the  last  one  dominates  design  as  it  is  the  most 
.severe.  The  rccormendcd  compliance  to  the  draft 
requirements  is  summaiiscd  in  Kef  (28)  to  allow  no 
significant  damage  growth  in  two  design  lives  'I'his  is  due 
to  rapid  unstable  growth  after  growth  initiation  This 
requirement  eliminates  in-servicc  inspections.  I  mally.  no 
fiill  scalc  test  validation  is  required  as  subcxiinponcnt  test 
arc  considered  to  accurately  represent  damage  toleiaiicc 
behaviour  of  full-scale  structures 

l  or  the  new  Swedish  fighter  JAS  39  Gnpen  a  certification 
procedure  similar  to  the  one  mentioned  aKn  e  is  being  U'-ed 
for  the  composite  structures  (wing  skins  and  spurs, 
elcvons.  leading  edge  flaps,  canards,  air  inlets,  fin  and 
rudder  and  air  brakes).  .All  ('RFPdaminate  structures  were 
verified  by  static  testing  before  the  first  flight  The 
structures  were  te.sted  dry.  as  received  from  manufactiinng 
Smaller  components  such  as  clevons  and  rudder  were  tested 
at  high  (+85‘'C)  a.s  well  as  low  (-40*0  temperature  besides 
at  room  temperature.  The  wing,  the  fin  and  the  canard  were 
tested  at  room  temperature  besides  at  room  temperature 
The  wing,  the  fin  and  the  canard  were  tested  at  r(K>ni 
temperature  only  As  all  verification  testing  was  dime  with 
dry  laminates,  the  requrement  was  increased  to  I  2  times 
l.Sn%=180%  limit  load  f?"h.;c4'icnlly.  all  those  structures 


have  also  passed  four  design  lives  of  fatigue  testing 
without  any  fatigue  damage. 


8.  DISCUSSION  AND  CONCLUSIONS 

('urrent  development  trends  concerning  loads  activities  is 
to  incorporate  data  from  more  flight  systems,  influenced 
by  flight  conditions,  e  g.  the  gearbox  etc.  into  the  global 
sequence  description.  Other  improvements  of  the  global 
spectrum  approach  will  be  to  early  verify  the  mission 
analysis  by  a  closer  connection  to  the  flight  simulator.  By 
letting  different  pilots  solve  a  certain  flight  task,  the 
variability  in  manoeuvres  can  be  evaluated  early  in  the 
project. 

('urrent  trends  regarding  structural  analysis  is  to  create 
more  detailed  models  of  vital  sln^tures  and  to  incorporate 
those  into  the  global  finite  element  model  as  substructures 
Special  facilities  have  been  implemented  into  the  loads 
sequence  handling  system  for  identification  of  the  most 
significant  load  cases  Much  more  detailed  models  are 
being  assessed  by  a  parametnc  approach  early  on  in  the 
analysis  phase,  to  account  for  the  fact  that  certain 
dimensions  are  determined  very  early  and  are  difficult  to 
modify  later  on 

Regarding  crack  growth  modelling,  reurrdation  has  y  et  not 
been  used  for  certification  purposes.  However,  recent 
advances  will  be  utilised  for  the  C-version  of  the  J.AS39 
(Inpen  aircraft,  to  decide  which  old  tests  can  still  be  used 
for  the  new  design 

Other  area.s  which  will  he  studied  in  more  detail  within  the 
ne.xt  few  years  include,  crack  growlh  in  mechunicul  joints, 
multiaxial  loading,  constraint  effects  in  three  dimension  il 
crack  gmwth.  and  paihabilistic  aspects  of  damage 
tolerance  and  the  entire  structural  design  methodology 

Structural  design  of  military  airframes  is  driven  by  damage 
tolerance  requirements  Durability,  mostly  assessed  in 
terms  of  conventional  fatigue,  is  achieved  by  proper 
inspection  procedures,  repairs  and  or  replacements 
Siriiciural  integrity  can  only  be  achieved  by  detailed 
knowledge  of  flight  profiles  and  resulting  load  spectra, 
stress  distributions  and  material  properties 

The  methixlology  fiirrently  used  in  Sweden  for  fatigue 
management  and  verification  of  airframes  has  been 
described  Mixlcls  used  for  assessment  of  fatigue  life  and 
damage  tolerance  of  our  fighter  aircraft  vary  from  rathei 
simple  to  highly  complex  deptmuing  on  vanous  lactors 
Typically,  simple  models  are  used  initially  and  more 
sophisticated  analysis  is  resorted  to  in  cxmiplex 
geometnes  and  when  safety  margins  are  lower 

Analyses  must  always  be  complemented  by  testing.  Irom 
coupon  specimen  level  up  to  full  scale  testing  Fatigue 
management  and  verification  also  involve  service  load 
monitoring  regarding  boih  dedicated  test  aircraft,  used  l«v 
verify  ba.sic  load  assumptions,  and  also  individual  load 
tracking  programmes  developed  for  new  lighters 
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Figure  1  Block  scheme  of  conceptual  model  for  JAS39  Gripen  aircraft 
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Figure  2  Computer  programmes  used  in  the  sizing  system 


•  • 


U-ll 


J  Product 
'/,  Spec^catian^ 


^ -  ^ 

\  Loads  Analysis^  AnalysUi 

d>  _ ^vryx^x/yyif/yi^  w/w 


[Element  Types 


Xxxxxxxx^xxxxxxxxxxx^ 

.Fuel  jnd  Weieht 

Flight  Control 

El'bfic  XLandning 
Model  Model  \ 

\  \  \  Ground  . 

Supenwsitiom  XH^.iQSJ 

'  XCust  Loads 

Pressure  Distnbutions  ^ 


Manulaciunng 

T—J 

Residual  Area 

Stresses  Variation/ Conservative 
„  ,  Estimates 

Satetv  Factors 


yxxxxxxx/xxxxxxxxxxxxxxxxx 

Durability 

>,  Crack  Groih  Rale  f 
i  Critical  Crack  Site  \ 
■  Residual  Strength  j 
e.t.c 


/xxxxxxxxxxxxxxxxxxxxxxxxX 


^Complexiiv 


Failure  CnieiW 


^S^rength  Data 


^Mission  Analysis  ^ 

^xxxxxxxxxxxxxxxxxxxxx>0 


iStructural  Analysis  j 

^xxxxxxxxxxxxxxxxxxxxxxxZ 


XXa’XXXXXXX^XXXXX/ 

I  Sizing  I 


Vanabilitv 
Mean  Values 

1 

Adjusunents 


Figure  3  Model  parameters  and  response  variables  in  the  design  stage 


Figure  4  Structural  models  of  the  single  and  twtn  seated  version  of  the 
JAS39  Gripen  aircraft 


12-12 


O  Instrumented  Fitting 
77/7/.  Instrumented  Structural  Section 

Figure  5  Calibrated  regions  of  the  loads  survey  test  aircraft 


Figure  6 


Service  loads  monitoring  on  each  aircraft 
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Figure  9  Comparison  between  design  spectrum  and  in-flight  recorded 
spectrum  for  the  average  JA37  Viggen  aircraft 
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Different  crack/gcometr>'  configurations  of  the  JAS39  lower 
flange  region  of  the  main  wing  attachment  frames 


Disliibutioas  of  ranges  for  original  and  reduced  sequences 


Fig.  17  Correlation  between  bending  moment  My 
and  normal  force  Vi  in  lower  flange  section 


Fig.  18  Correlation  between  bending  moment 

and  normal  force  in  lower  flange  section 
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Figure  2 1  JAS39  Gripcn  damage  tolerance  review  sheet 
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Figure  26  Geometry'  specifications  for  artificial  flaws 
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Figure  29  JAS39  Gnpen  lull  scale  static  test.  Fatigue  testing 
will  be  perlbrmed  in  the  same  ng 
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Figure  3 1  JAS39  Gripcn  striiciural  life  assurance 
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INTRODUCTION 

It  is  evident  that  weapon  system 
management  benefits  greatly  from  the 
use  of  probabilistic  risk  assessment 
methods.  The  C-141  WS  405  inner-to- 
outer  wing  joint  provides  an  actual 
case  of  how  this  technology  was 
implemented  by  Lockheed  and  USAF 
engineers  to  determine  conditions  of 
inspection  and  repair  for  the  C-141 
fleet . 


BACKGROUND 

The  C-141  aircraft  was  delivered  t- 
and  deployed  by  the  Air  Force  during 
the  1960's.  Constructed  mostly  of 
7075-T6  aluminum  alloy,  the  C-141  was 
designed  to  provide  30,000  flight 
hours  of  service.  Currently, 
however,  the  force  is  averaging  over 
.34,000  flight  hours.  In  the  ioTO’s 
the  C-141  was  stretched  and  given 
refueling  capability,  and  it  was  this 
model,  the  C-;41B,  that  rapidly 
became  the  workhorse  of  MAC.  Today 
it  is  reasonable  to  expect  the  C-141 
Co  provide  reliable  airlift  well  into 
the  21st  century.  Consequently, 
since  the  C-141  and  other  weapons 
systems  are  being  called  upon  to  last 


longer  under  more  severe  conditions, 
the  current  tool.s  of  structural 
analysis  must  go  beyond  Che  specifics 
of  strength,  durability,  and  fracture 
mechanics  and  into  the  realm  of 
probabilities,  i.e.  risk  assessment. 


WING  STATION  405  JOINT 

The  C-141  WS  405  wing  joint  connects 
the  outer  wing  to  the  inner  wing. 
This  structure  has  met  design  goals 
of  30,  000  flight  hours,  bur  it  i .« 
rapidly  deter  ioratii.g  as  aircra.ft 
usage  continues  to  accumulate.  The 
structural  assessment  explained 
herein  was  performed  u.sing  .standard 
risk  analysis  programs  adapted  to 
address  the  wing  yoint  problem.  In 
the  1980's  fatigue  cracking 
manifested  itself  in  the  W.3  405 
joint,  and  it  was  at  this  time  that 
inspections,  redesigns,  and  repairs 
were  engineered.  However,  by  1589 
generalized  cracking  was  prevalent 
throughout  the  fleet  ele-.ating  the  WS 
405  joint  issue  to  one  of  safety.  It 
was  this  concern  for  safety  that 
prompted  the  risk  assessment  of  the 
joint. 


Presinted  at  an  Ad ARD  Meeting  on  An  Assessment  of  Fatigue  Damage  anj  Crack  drowth  Prediction  Techniques', 
September  IWjl. 


RTSK  ANALYSIS  METHODOLOGY 


BLANK  DECISION  TREE 


Th"  following  rosouroea  and 
information  are  required  to  perform  a 
structural  risl.  analysis.  Field 
inspection  results  are  necessary  to 
determine  the  initial  cracking  data 
from  which  the  analysis  can  proceed. 
In  the  case  of  the  ■lO'i  ioint  this 
information  was  obtained  mainly  from 
directed  holt  hole  eddy  current 
iBHFO  and  x-ray  inspections. 
Inspected  structure  included  the 
lower  rear  beam  cap  attachment  to  the 
tie  down  fitting  and  the  front  and 
rear  beams  of  the  wing  joint  region. 
Also,  the  fastener  holes  in  the  joint 
area  were  reworked  and  inspected  by 
EHhC.  Multi-element  and  multi-site 
da- age  were  both  confi  tried  by  these 
inspections.  Furthermore,  the  data 
revealed  that  approximately  50-  of 
the  cracks  found  in  the  rear  beam 
lower  cap  were  in  e.xcess  of  the 
critical  crack  length.  Anoclier 
required  resource  for  risk  analysis 
IS  the  crackgrowth  data  for  the  area 
of  concern.  These  data  are  needed  to 
reduce  the  actual  fleet  crack  data  to 
corresponding  lengths  for  average 
force  aircraft.  Flaw  distribution 
data  is  also  required  to  generate  the 
strength  data  for  the  components 
being  analyzed.  To  determine  the 
distribution  of  bolt  loads  a...i 
stresses  of  the  various  components,  a 
non-linear  finite  element  model 
analysis  of  the  W5  405  joint  area  was 
F<i'r  forr.ed  .  Finally,  load  exceedance 
data  is  needed  to  calculate  the 
probability  that  an  aircraft  Will 
sustain  or  exceed  a  given  load. 


CRITERIA 

The  objective  ot  this  procedure  was 
to  determine  a  mettiod  for  evalua'.r.g 
the  safety  of  the  C-141  fleet  during 
the  force  managem.ent  program 
initiated  because  of  the  cracking 
problem.  As  previously  discus.sed, 
risk  analy.sis  was  the  method 
selected.  Moreover,  the  risk  of 
failure  was  defined  as  the 
probability  of  the  load  e.xceeding  the 
strength  at  a  given  point  in  time. 
The  following  failure  criteria,  as 
set  forth  during  a  >5  SA5  review, 
wd.s  adopted,  "If  a  structural  memner 
iail.s,  for  whatever  rea.sor.,  the:,  the 
risk  of  cat. tophi  c  failure  on  a 
.single  flight  ot  no  mo:e  than  one  in 
t  e:.  thousand  is  acceptable." 


Early  in  the  analysis  it  was 
necessary  to  establish  a  failure  tree 
such  as  the  one  in  figure  1. 
Although  it  is  important  that  the 
tree  reasonably  simulates  possible 
failure  paths,  it  is  not  possible  to 
include  every  detail.  For  example, 
three  elements  will  require  six 
possible  failure  combinations  and 
four  elements  twenty -four 
combinations.  Considering  that  it 
takes  one  day  to  run  the  finite 
element  model  (FEM),  one  day  to 
reduce  data  to  plots  of  bolt  loads 
and  stresses,  and  at  least  two  days 
to  generate  the  crackgrowth  curves, 
it  is  evident  that  the  failure  modes 
must  be  simplified  to  every  extent 
possible. 

At  this  point  the  failure  tree  is 
only  an  estiniate  of  what  the  final 
result  will  be  based  or.  the  FEM  data. 
Obviously,  several  iterations  are 
required  to  finalize  the  tree.  Field 
inspection  results  also  play  a  large 
role  in  the  failure  tree 
construction.  Figure  2  shows  the 
critical  componori-s  of  the  405  joint 
•represented  by  this  failure  tree. 
This  outboard  view  of  the  region 
.shows  Che  beam  caps,  splice  fitting, 
and  chordwise  joint.  The  deci.sion 
tree  of  figure  1  represents  only  the 
rear  beam  area.  A  separate  analysis 
was  conducted  on  the  front  beam  using 
the  same  methodology. 


EXAMPLE  RISK  CALCULATIONS 

Figure  3  presents  an  example  of  how 
trsk  calculations  are  perfoim“d  on  a 
.single  element,  .A.s.sume,  as  the  chart 
depicts,  •  liat  there  are  a  certaiti 
number  of  pa’ts  which  corFain  lacks. 
For  each  cra-k  .size  theie  ;  .s  a 
-Strength  which  this  men-ler  .-an 
sustain  but  will  fail  it  ex.ceeded . 
The  chart  designate.s  the.s®  elemeti's 
as  31  through  35.  For  each  part 
there  is  an  a.ssocidtpd  strength  and 
percentage  of  the  tutal  number  of 
part'  at  this  slienit.h  level  .  Foi 
example,  ■  of  ail  the  [’'‘t’s  have  a 
strengrti  level  of  50  K.tl  a.s  indicated 
by  the  des  i  griat  1  on  .34,  Al.sn  .show:. 
a:e  the  p  r -sbab  r  i  i  r  i  ec  r  ha'  .i  load  o! 
.1  giver,  niagn  i  t  u:ie  will  be  .g-filieg  r  i 
ar.  e](>rr:eiit.  II  tr.e.se  loa.l.s,  I.  i 
through  1.4,  are  af.'plie.l  randomly  !  .i 
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all  inemcera  the  risk  can  be 
determined.  From  the  chart  it  is 
clear  that  all  the  loads  are  greater 
than  the  strengths  of  the  5*  of  the 
parts  designated  SI.  Therefore,  the 
probability  of  failure  of  these  parts 
is  the  probability  that  the  load  will 
occur  times  the  number  of  elements  or 
( 1 . 00' X ( 0 . 05) .  Similarly,  the  10'  of 
the  parts  with  strength  S2  may  incur 
loads  L2,  L3,  or  L4  '.-.’hich  will  result 
in  failure  of  these  parts,  and  hence 
their  probability  of  failure  is 


(L2+L3+L4)xi 

[S2)  or 

0.04 

This 

process  is 

carried 

out 

for  every 

element,  and  the 

final 

failure 

probability 
values . 

is  the 

sum 

of  these 

CRACK  DATA  and  PROBABILITY  OF 
DETECTION 


A  distribution  of  cracks  determined 
by  a  TCTO  inspection  of  the  406  joint 
is  shown  in  figure  4.  This 
inspection  was  performed  along  the 
aft  tab  of  the  rear  beam  cap 
concentrating  on  the  area  near  the 
ground  tie  down  fitting  Early  in 
the  analysis  and  prior  to 
inspections,  using  a  linear  finite 
element  model,  this  region  had  been 
cited  as  a  possible  failure  area. 
This  turned  out  to  be  a  reasonable 
predictor  of  the  actual  facts.  In 
figure  4  the  critical  crack  length 
shown  is  for  limit  design  load,  and 
the  cracks  indicated  above  the  line 
are  therefore  incapable  of  sustaining 
limit  load  stress.  Consequently, 
these  long  cracks  shed  load  to 
adjacent  areas. 

A  further  important  component  of  risk 
assessment  is  the  pr'^bability  of 
detection  of  crack  data.  Prior  to 
any  analysis  a  probability  of 
detection  curve  must  be  applied  to 
the  fleet  crack  data  to  account  for 
the  cracks  not  found  during 
inspection.  This ' analysis  used  the 
estimated  probability  of  detection 
based  on  the  "Have  Cracks  Will 
Travel"  program.  The  risk  ans.ysis 
f  the  405  joint  was  heavily 
jependent  on  this  probability  of 
detection  data  since  development  of  a 
new  curve  would  have  been  a  cost 
intensive  procedure. 


WEIBULL,  DISCRETE  CRACKS,  and 
STRENGTH  DISTRIBUTIONS 


Initial  cracking  data  for  the 
chordwise  joint  and  splice  fitting 
was  simulated  using  a  Weibull 
distribution.  This  statistical 
analysis  method  was  chosen  for  its 
ability  to  predict  future  crack 
initiation  from  a  small  sample  of 
actual  data.  However,  log-normal 
data  regression  would  also  be 
acceptable  and  was  used  to  predict 
beam  cap  crack  initiation.  Weibull 
plots  display  cumulative  crack 
distributions  adjusted  to  average 
flight  hour  values.  From  this 
distribution  cracks  can  be  generated 
and  grown  out  to  flight  hours  of 
interest. 

Figure  5  shows  a  discrete  crack 
frequency  dist.'ibution  generated  from 
a  Weibull  distribution  of  the 
inspection  data.  Both  the  chordwise 
joint  and  splice  fitting  were 
simulated  using  a  Weibull 
distribution,  while  the  beam  cap 
distribution  was  generated  from  a 
previously  existing  log-tiormal  fit. 
The  cap  data  was  simply  updated  and 
used  in  this  assessm.ent.  It  turned 
out  that  after  normalizing  the  crack 
data  to  average  flight  hour  levels 
the  fit  to  actual  fleet  data  was 
excellent.  Furthermore,  data 
obtained  subsequent  to  this  analysis 
during  current  repair  actions 
continues  to  match  the  predicted 
distribution.  The  data  shown  in 
figure  5  is  for  a  single  element  at  a 
single  point  in  time.  Distributions 
such  as  this  one  need  to  be  generated 
for  each  element  at  each  tirrie  for 
which  the  risk  is  to  be  calculated. 

Each  element  in  the  analysis  requires 
a  strength  distribution  curve  so  that 
for  a  given  crack  length  an  resulting 
strength  can  be  determined.  A 
theoretical  strength  curve  is  shown 
in  figure  6  using  the  approach  of 
Fedderson.  This  method  allows 
strength  predictions  for  both  the 
linear  elastic  range  between 
approximately  80'  of  the  yield 
strength  out  to  1/3  of  the  wid'h  and 
also  for  the  areas  outside  of  the 
linear  elastic  fracture  mechanics 
range.  Knowing  the  frequency 
distributions  of  crack  lengths  and 
the  resulting  strengths  remaining  in 
each  element,  a  probabilistic 
strength  distribution  car.  be  built. 
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NON-LIHEAR  FIHITE  ELEMENT  MODEL 

The  non-linear  finite  element  model 
was  an  essential  component  of  the  WS 
405  wing  joint  risk  analysis.  A 
linear  model  would  have  been 
sufficient  for  bolt  load  calculations 
and  normal  slow  crackgrowth  stresses, 
but  for  severed  parts  a  non-linear 
model  was  required.  The  405  joint 
model  consisted  of  10,000  elements 
with  each  non-linear  run  taking 
approxim.ately  one  day.  The  model  was 
originally  constructed  to  provide 
information  on  standard  crackgrowth 
stresses,  and  it  was  later  modified 
to  generate  non-linear  data. 
However,  by  creating  load  versus 
stiffness  curves  for  each  bolt  load 
and  iterating  run  by  run  until 
sufficient  accuracy  was  achieved, 
non-linear  calculations  were  only 
required  on  about  250  bolts. 


CRACKGROWTH  DATA 

Figure  t  shows  three  crackgrowth 
curves  typical  of  the  chordwise  panel 
splices.  From  the  failure  tree  there 
are  three  ways  that  the  chordwise 
joint  can  fail,  and  these  failure 
modes  correspond  to  the  three 
crackgrowth  curves.  As  shown,  it  can 
fail  with  all  structure  intact,  it 
can  fail  due  to  extra  load  carried 
because  of  a  failed  beam  cap,  and  it 
can  fail  due  to  prior  failure  of  both 
the  beam  cap  and  the  major  splice 
fitting.  The  crackgrowth  data  is  also 
used  to  reduce  the  field  inspection 
data  to  desired  flight  hour  values. 
This  is  a  necessary  step  since  each 
aircraft  is  at  a  different  flight 
hour  value  when  an  inspection  is 
performed . 


LOADS  CURVE 

Figure  8  shows  a  typical  load 
exceedance  curve  from  which 
probabilities  are  taken.  The 
probability  of  incurring  a  specified 
stress  level  is  calculated  as  1-e  '' 
with  N  being  the  number  of 
occuriences.  The  stress  level  is 
plotted  along  the  axis  with  the 
probability  of  exceedance  plotted 
along  the  y  axis.  Again,  for  every 
element  in  the  failure  tree  a  load 
exceedance  curve  must  oe  generated. 


DECISION  CHARTS 

The  next  two  figures,  9  and  10,  show 
typical  results  of  the  risk  analysis 
discussed  in  this  report.  The 
numbers  shown  are  not  actual 
calculated  values  but  merely  serve  as 
an  illustration  of  the  process. 
Figure  9  shows  the  probability  of 
failure  for  an  average  aircraft  at 
33,400  flight  hours.  The  second 
chart  shows  the  resulting  reduction 
in  risk  due  to  an  x-ray  inspection  of 
the  joint  area.  It  is  important  to 
remember  that  the  validity  of  the 
analysis  depends  on  the  accuracy  of 
the  probability  of  detection  data.  A 
primary  value  of  these  decisi.on 
charts  is  that  they  clearly  show 
which  areas  must  be  protected  to 
ensure  safety. 


SUMMARY 

The  risk  assessment  of  the  C-141  WS 
405  wing  joint  has  provided  valuable 
input  for  decisions  regarding  a  real 
aircraft  problem.  Cooperation 
between  Lockheed  and  the  Air  Force 
combined  with  a  reliable  databa.se  has 
yielded  a  force  management  approach 
that  is  capable  of  safely  executing 
corrective  actions  to  the  405  joint 
problem. 
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Figure  2 
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ABSTRACT 

Maintaining  the  structural  integrity  of  aircraft  depends 
on  the  initial  definiu'on  of  an  inspection  program 
(updated  during  the  entire  aircraft  operational  period)  to 
detect  structural  damage  that  may  occur  in  service. 

Prediction  of  possible  fatigue  damage  due  to  applied 
loads  and  coni^tions  of  use  encountered  in  seivice  is 
based  on  an  analysis  of  the  probability  of  incipient  cracks 
and  on  an  evaluau'on  of  the  development  of  uixletectable 
faults  assumed  to  exist  between  two  inspections. 

The  validity  of  evaluation  models  is  generally  demonstra¬ 
ted  based  on  comparisons  with  results  obtained  on 
elementary  test  pieces  subjected  to  predicted  (or 
recorded)  local  load  conditions  in  service  and  used  to 
identify  the  influence  of  events  such  as  rate  overloads,  or 
frequent  repetitive  small  loads,  etc... 

This  paper  presents  Uie  principles  for  processing  in  flight 
signals  collected  in  order  to  predict  structural  damage  by 
making  in  flight  integrated  calculations,  considering 
influences  such  as; 

-  load  signals  precision  (frequency  of  points 
taken...), 

-  elimination  of  low  amphtude  variations, ..., 

-  cycle  counting  methods  for  the  damage 
c^culation  ('Rainflow*,  sequence  lengths 
processed. ...), 

related  to  performances  of  damage  prediction  models, 
constraints  on  industrial  construction  costs  and 
minimizing  tasks  of  in  flight  data  recordings. 


1  -  INTRODUCTION 

The  structural  behavior  of  aircraft  in  service  concerning 
fatigue  and  tolerance  to  dantage  is  one  of  the  main 
aspects  of  the  cost  effectiveness  of  their  commercial  and 
operational  use.  The  cost  of  maintenance  programs, 
defined  to  respect  safety  and  structural  dimensioning 
standards,  is  Erectly  related  to  the  precision  with  which 
loads  encountered  in  service  are  known,  and  the  accuracy 
with  which  their  effects  on  structural  integrity  can  be 
evaluated. 

Defining  efficient  structtiral  monitoring  requires  that 
preventive  or  remedial  service  work  is  minimized,  while 
maintaining  maximum  operational  availability  and  life. 
The  essential  coherence  ^  inspections  to  be  carried  out, 
suited  to  the  individual  nature  of  each  type  of  usage  for 
aircraft  in  service,  makes  use  of  principles  used  during 
the  structural  desip  in  regard  with  the  planned  usap 
objective! 

This  paper  presents  the  basis  for  an  application  of  the 
conceptual  structural  Lnalysis  principles  to  the  in-service 
evaluation  of  fatigue  damage  initiation  (probability  of 
incipiem  bligue  defect)  and  damage  tolerance  cap^ility 
(propaption  of  undetected  faults  assumed  to  be  existent 
at  any  time). 

For  this  purpose,  the  impact  of  load  parameters,  as  used 
during  the  structural  design,  is  estimated  with  respect  to 
dispersions  that  are  inescapable  in  fatigue,  inherent  to 
the  microstructum  of  the  material  and  the  uncertainties 
in  fatigue  behavior  prediction  models. 

These  results,  quantified  in  usage  times,  help  to  define 
constraints  for  the  acquisition  of  signiflcant  parameters 
in  terms  of  the  necessary  (and  only  necessary)  precision, 
volume  and  reasonably  justified  cost  of  data  processing 
considering  industrial  production  constraints,  and  finally 
minimization  of  tasks  by  systematically  preparing  result! 
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Prrxnted  at  an  AGARD  Meeting  on  An  Assessment  of  Fatigue  Damage  and  Crack  Growth  Prediction  Techniques'. 
.September  1993. 
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2  -  APPLICATION  OF  THE  STRUCTURAL  Real  conditions  of  use  on  aimaftoonsisu  in  a  basic  data 
ANALYSIS  CONCEPT  setio: 


:  \  •  Stnicftiral  design  to  fatlm  and  damage 

ytouitt 

Difleient  concepts  are  involved  for  the  in  fatigue 
structural  design.  Main  of  them  ate  hereunder 
summarised; 

AIRCRAFT  FATIGUE  AND  DAMAGE  TOLERANCE 


detect  if  allowable  structural  loads  are  exceeded  in 
service, 

update  inspection  programs  in  order  to  maximize 
the  economically  viable  structural  life, 
define  usage  statistics  for  confirmation/revision  of 
calculation  bases,  when  taking  them  into 
consideration  in  the  structural  response  model. 


Maintaining  the  in  service  aircraft  structural  integrity 
relies  to  the  definition  of  a  program  of  inspections  in 
order  to  detect  structural  degradations  that  are  likely  to 
occur  in  service. 

The  definition  of  this  program,  is  directly  linked  to  the 
results  of  the  previous  (sheduled)  inspections  and  U>  the 
knowledge  of  the  in  service  encountered  loads. 


AIRCRAFT  IN  SERVICE  MONITORING 

I  IN  mOMT  USAOI  LOADS  IDENTinCXTWN^ 


_  I  _ N 
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RESISTANCE 

•FATKSUE* 

COMPUTATION 

USAGE 

•STATISTICS' 

1 

1 

1 
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to 

•NowAbl*  toads 

Stfwctural 

inspacOons 

psriodicitiss 

•asis  lor 
cakulaliont. 
simulation  last. . 

Fir^  imptetion  Perodicillet 


It  will  be  pointed  out  the  significance  of  the  precision  of 
in  service  loads  stress  acquisition  (or  reconstitution),  or 
assumed  types  of  structural  degradations  (cracks 
profiles). 

The  results  obtained  help  to  define  conditions  for  an 
identification  of  in-flight  parameters  consistent  with  their 
influences  on  the  in  fatigue  structural  behavior  [I)  and 
uncertainties  in  the  prediction  models  [6].  The  presented 
Principles  have  been  implemented  for  the  definition  of 
aircraft  MIRAGE  2000  monitoring  system.  Findings  of 
MIRAGE  2000's  experience  will  be  presented  as  a 
conclusion. 


3  -  IN  FLIGHT  SIGNAL  PROCESSING  3J  ♦  Gtntritliit  unictinJ  moonKi 
3.1 »  Slin«l  procetriat  rttni  3.2.1  -  Frinclplt 


The  following  diigram  describes  the  functions  earned 
out  (entirely  or  partly)  in  flight,  in  order  to  calculate  local 
danuge  due  to  in  service  lorls  such  as  loads  gusts 
(transport  aircraft)  or  such  as  loads  in  resources  and 
manoeuvets  (militaty  aircraft). 

SIGNAL  PROCESSING 


The  specific  nature  of  each  step  in  terms  of  precision,  the 
number  of  representative  selected  parameters,  the 
'fineness*  of  tables  of  stored  values,  can  affect  volumes 
of  informations  to  be  processed,  or  even  thi  feasibility  of 
processing  for  operation  without  long  and  expensive 
hematic  actions  to  be  carried  out  users. 

Some  of  the  most  significant  aspects  are  presented  in  this 
paper. 


(*)  Flight  analysis  parameters : 

•  flight  conditions  (Mach,  Zp,...) 

-  control  deflections 

-  weight  configurations 


‘Pilot*  damage  monitoring  areas  are  selected  beforehand. 
Knowledge  of  structural  local  stress  in  flight  doe  to  teal 
aircraft  operating  conditions  may  be  found  by : 

•  direct  measurement  of  the  local  stress  or  significant 
structural  force  (strain  puge, ...) 

•  reconstitution  of  variations  of  the  local  stress  and/or 
representative  forces. 

Whn  local  structural  information  is  not  collected 
directly,  the  disability  may  be  considered  on  modem 
types  U  aircraft  without  specific  devices  for  data 
collecting :  for  example,  on  board  existing  parameters  for 
Electrical  Fli^  Control  Systems  can  be  usol  to  calculate 
structural  forces  in  pitch,  roll  and  yaw  manoeuvets. 

3.2.2  •  Converalon  of  signals  Into  local  stiesses 

For  a  military  aircraft  such  as  the  MIRAGE  2000,  the 
used  dimensioning  modi.1  is  based  on  values  of  about  16 
main  ‘aerodynamic*  parameters  associated  with  mass 
configuration  parameters  as  in  tl.s  left  bottom  (*) 
summarized.  A  preliminary  parametric  study  [2]  allowed 
to  reduce  the  number  of  basic  parameters  to  7 
(6  analogue  1  digital)  without  significant  descrepancy 
as  shown  hereunder ; 

STATION  LOAD  ANALYSIS 
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Suitinf  from  suck  u ’approKhed*  reconstitution  of  in 
service  encountered  kwds,  the  resulting  ’STATIC*  tnd 
*FATIGUE*  magnitudes  of  accuracy  are ; 


COMPUTATION  ACCURACY 


STATIC 

Normalised  value 

Basic  oomplele  model 

1 

dparamelets 

0.9<Fmax<  1.1 

FATIGUE 

Normalized  value  D 

Basic  complete  model 

1 

dparameters 

0  93  <D<  1,05 

This  approach  does  not  generally  require  the  installation 
of  specific  gauges  on  the  aircraft,  and  should  be 
recommended  especially  when  a  computer  model  was 
built  for  aircraft  sinictunl  responses  at  the  time  of  the 
desiga 

3.3  -  Signal  acduiiltloo  (analorie  parameter) 

A  fatigue  load  is  qualified  by  a  succession  of  its 
component  mituma  and  maxima.  Acquisition  these 
extremes  as  accurately  as  possible  may  be  therefore  a 
controlling  condition  at  tM  source  for  the  quality  of  the 
resulting  fatigue  evaluation. 

The  following  chart  is  a  simulation  of  the  influences  of 
inputting,  at  diflerent  sampling  frequencies,  a  real  signal 
from  a  combat  aircraft  fli|^  .  It  concerns  variations  of 
the  g-loed  factor  (slow  variations  ■  0.}  Hz)  or  a  control 
surface  angle  (’fut'  variations  ■  10  Hz). 

FILTER  SAMPLING  FRE(}UENCY 


Computed  results  according  frequencies  ate  hereunder 
sumrned  up  (MIRAGE  2000's  example) : 


Sampling 

G-Load  history 

frnquertcy 

SO  Hz 

10  Hz 

IHz 

1 

0.99 

m 

;  ^KS3SZi!IS)^l 

1 

100 

Sampling 

EItvon  deflexioa 

frequency 

so  Hz 

lOHz 

1  Hz 

KStBBwviffnM 

1 

096 

0.72 

1 

098 

080 

This  type  of  preliminary  analysis  concerning  sampling 
frequencies  can  produce  a  significant  ’saving*  of  in  teal 
time  flight  parameters  processing.  1:  concerns  one  of  the 
most  critical  items  for  the  monitoring  device  feasibility,., 
and  its  cost/efficiency  tatio. 


3.4  •  Compression  of  data  volumes  Koulrtd  la  llltM 

A  first  son  carried  out  in  real  time  eliminates 
intermediate  values  from  the  signal  to  be  processed,  and 
keeps  only  extreme  values.  Also  low  amplitude 
alternations  (minimum,  maximum)  are  generally  only 
kept  above  a  given  variation  amplihide  'threshold' 
(omisskm  of  small  cycles) 


DATA  REDUCTION  THRESHOLDS 
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laotiii^  Ike  mt  IkiMkold*  cu  mkm  the  whMM  «r 
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pndiatitm  (kc  exaople  kdoir  oa  a  typical  ooariial 
aiiciaft 


Tkicsholdfa 

*G-Load*daa 

Nonulittd  fonltt 

03  g 

If 

I3g  2g 

Viflume  of  thia  ewage 

1. 

07J 

0  37  0  32 

Do-arnrek-ic. 

1. 

097 

0  96  0  93 

RcMTk :  Ike  N«dbi«  *OMMM  flf  MBaO  eyda* 
panaMcr  ia  koaever  ooalralhag  1 1 1,  pHtimiarly  la  tkt 
caae  far  fMl  loadioaiitaa^an  aifcnlt  ia  tenaa  of  life  10 
iacipieai  cnefcs  ot  pnpafaooa  (aee  oos^anint  saMe 
bekw  caiakliikad  fa  aadennag  load  ktsiory) 


LIFE  RATIO 

1  SmaU 

cycles  ommim  I 

Tc*a(*) 

laitiatMU 

Propagaiioo 

Miu  TWIST 

i2 

a2 

Short  FALSTAFF 

I  1 

X  1 

<*)R*f  1-0^7 

Tke  oaiawie  of  ikia  ’taiall  cydea  irflueaoc*  oa  tkc 
qaaliiy  of  feiifuc  pradiciioaa  ahauM  be  considered  fto« 
iIk  preliiaiaaiy  supe  of  auess  deaifa  A  reauh  mould  be 
the  choice  of  ^  ikieahold  lo  be  recominended  la  order 
10  obtain  a  rcanha  precisioa  homofeneous  aiih  other 
paraaMera 


SevenI  cnaaliag  tackaiquea  are  caneaily  avaiUble  fa 
peak-throofh  detettioa  in  a  variable  aaipliTadf  liare 
kiatory  ligaal.  Among  ikem,  *lljiaaoar*  metkod  pravidca 
a  deaciriptioa  of  loads  data  compatible  aitk  tke  iDoatiaied 
itreaa/stiaiakekavioar  of  faigae  critical  area.  Moreover, 
after  sMage  of  identified  cydea  by  Ike  mean  of  mama 
raamaiiona,  it  K  poadde  to  lecoBsuuc  repreaeaiaifve 
loads  segue  acts  fiora  Ike  recorded  Raiaflow  mamoea  |4| 

la  priacipie.  *Kaialfaar*  procedure  H  perfcnaad  at  Ike 
ad  of  tke  sigaai  reoonfcag.  after  the  •orage  of  each 
flight  by  flighi  data  (emremea  should  have  to  he  aored  m 
their  chronological  onferl 

A  compataovc  corapuiMioa  (earned  out  nnag  a  fighiu 
aifcrafl  load  htaury)  nakes  a  possible  le  consider  a 
progreanve  Raiafloa  aorage  pracedure.  ahea 
areaHruiiV  a  liaaed  mnber  of  aclecied  previoM 
extrewea.  aahoui  stgarficaiidy  affecuag  the  qualiiy  of 
theoruical  computed  damage 

Sack  a  prdiniaary  lavesugMioo  alloaa  a  flighi  by  flight 
*llauifloa*  procedure  at  Ike  ead  of  each  flight  or  danag 
tke  flight  at  any  uok  (maaocuvtr  doauaaied  apecini 


i.*  •  Crick  taWaaiaa  and  ateaaeatiea  aredlctlea 
eafeulatluaa 

3.«.l  -  Tkc  Mtaer  wudri  (crack  InWatluai 

Miner's  cuiaalative  lam  applied  anivcnally  fa  dhawge 
appearance  by  the  a/N  ■  I  famulatioa  should  be  used 
rniih  the  recalibniion  concepr  (Miner's  rdatrst  lam)  oa 
•eat  results  under  multiple  fevds  streaa  hisumca 


1 J 

The  order  of  tuoceaaive  mannu  and  minima  mil  beve  so 
be  reorganusd  ia  order  to  cirry  out  ihe  processing  fa  ihe 
faigue  end  crack  propegation  fa  the  local  stress 
Kqueace  The*l(ainnom*nieth(J|}|isoneofihemoit 
representative  methods  fa  the  local  stress(defamaiion 
bdiavior  aa  illustrated  bekw 

DAMAGING  CYCLES  FROM  TIME  SERIES  DATA 


Homever,  this  method  rt  genenlly  incapdbic  of  taking 
account  of  ike  ‘small  cydss*  lafluenoes  oa  faigae  lives 
Minei's  computed  damage  values  are  guile  the  same 
mbile  Ihe  on  tests  iiuuauon  ines  var>t  SjgBiricaolly  (see 
secuon  1  4) 


More  over,  u  docs'm  reflect  the  bencTicul  eflects  of 
overloods,  the  harmful  eflects  of  tnincaliiig  faces,  as 
shoma  hereunder 
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3.i.l  •  TV  arw  iMtwfHT  ftcfc  (mnmmUttii 

M  imioe  Maally  dbmywi  |S|.  m  MDIAGE  HI  oonbM 
miciiM  KM^cilipucal  b(i|iK  cntks  oa  teics  ia  thick 
leanoMd  bMe  pbMs  IdeatiTicatioa  of  4efccl  dqMh* 
«M)r  cuncaa  devicet  rrvcab  a  high  profile 
dwpemoa  (t/i  acoftheity) 

SCATre*  OF  CRACXS  PROFILES 
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For  eaaiaptt.  ia  S>N  carves,  imerpretalioa  of  a  oandard 
Oeviatioa  of  0. 10  (freqacM  oa  aluminium  alloys)  ia  a 
aormal  log  distflbulioa.  wilt  five  a  betor  of  2  oa  the  life 
at  about  3  standard  deviatioiis  (asaociaied  probability  ■ 
0001). 

In  terms  of  piediction/leP.  ratios,  the  lesults  presented 
below  |<|  are  prepared  for  loads  representative  of  suesses 
at  the  intrados  of  transport  type  airctafi  wuigs  (’TWIST* 
or  *n7*  load  and  2500  fligla  sequences)  or  aulitaty 
aircrafl  wings  (*FALSTAFF*  load  and  200  fligbt 
teqoeiKcs)  Several  vacvatioos  of  each  load  type  have 
been  coasideied  by  a  diSicsent  distribution  of  seveic 
flights,  oaussioa  of  smalt  cydes.  or  truncatioa  of  the 
high  levels  emMMeted  loads  dunng  the  flight  toque  aces 
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The  Rainilow  method  keeps  numbers  inrt  levels  of 
recorded  maxima  ind  nunirna.  BuiMir.gupofcount 
summations  by  ’class*  matrices  then  enables  the  use  of 
structural  behavior  prediction  models. 

These  summation  matrices  built  up  by  flight  phase,  flight 
or  group  of  flights,  are  used  to  count  load  Ctctor 
occurences,  force  spectra  or  local  stresses,  etc. 

Random  drawing  methods  help  to  generate  flights  and 
loading  cycles  in  order  to  cany  out  representatice  tests  of 
ccnditions  encountered  in  service,  to  evaluate  the 
structural  behavior  (maintenance  anticipation),  to 
prepare  updated  data  (modify  theoretical  initially 
assiuned  calculation  basis). 

4 -CONCLUSION 

4.1  •  Aoolicatloii  to  aircraft  monltorint  system 

The  generalization  of  monitoring  structural  damage  to 
aircr^  in  service  is  a  phetwmenon  that  will  soon 
increase  in  coming  years  with  the  development  of 
eflicient  on-board  oc-mputer  systems. 

Moreover  access  to  information  already  available  in 
flight  for  other  purposes,  for  example  Electric  Flight 
Controls  Systems  (EFCS)  gives  an  unprecedented 
oppottuniiy  to  learn  about  real  forces  on  aircraft  during 

use 

In  regard  with  predicting  structural  behavior  in  'Ibtigue' 
and  *loleranoe  to  damage*,  this  paper  has  emphasized 
the  necessary  coheskm  (and  precision/imprecisioD 
homogerteity)  on  the  various  signal  acquisition  and 
prooesaing  pararoeten.  The  criteria  for  this  processing 
done  in  fli|^  are  defined  with  respect  to  inescapable 
effects  such  as  dispersions  of  responses  of  materials 
uttder  fatigue  loatb,  the  influence  of  ignoring  small  force 
cycles  and  uncertainties  in  prediction  models. 


Such  a  study  have  been  achieved  for  the  basic  definition 
and  industrial  development  of  the  Dassault  Electronic’s 
system  ‘SPEES*  as  implemented  on  several  French  Air 
Force  aircraft  for  in  service  damage  or  loads  evaluation. 

Chokes  (acquisition  frequency,  signal  sort  thresholds, 
result  matrix  dimensions,  etc...)  have  been  made 
coitsideting  their  impact  on  calculated  forces  and  lives, 
and  with  the  objective  of  minimizing  tasks  for  users. 


4.2  -  MIRAGE  2000’i  experience  results 

The  MIRAGE  2000  performed  her  maiden  flight  in  1979 
and  has  been  demonstrated  to  comply  with  required 
Technical  Specifications  with  imponant  static  strength 
margitt  (1,7  limit  load  withstood  without  failure)  and 
high  durability  (5  x  life  times  simulated  on  a  Full  Scale 
Test  Article  without  failure). 

However,  as  a  result  of  in-service  usage  data  processing 
the  aircraft  was  found  to  be  much  more  severely  handled 
(since  pilots  relie  on  the  automatic  protections  provided 
^  the  EFCS)  than  expected  from  the  initial  design 
Technical  Specifications  (see  figure  below). 

MIRAGE  2000  :  FATIGUE  RESISTANCE  SPECTRA 

WING  ROOT  BENDING  MOMENT 


Tbe  in-fatigue  spectra  and  usage  processed  data, 
combined  with  stringent  static  design  conditions  due  to 
new  capabilities  increasing  weight  and  load  inventories 
(such  as  underwing  2,000 1.  fuel  tanks  or  under-fuselage 
additional  stores),  were  the  basis  of  strengthening  the 
structure  for  the  current  production  aircraft. 

Consequently,  the  MIRACE  2000  structure  capability 
has  been  raised  up  to  9  g  in  a  wide  range  of  interception 
and  combat  aircraft,  and  including  an  outstanding  fau'gue 
resistance. 

In  service  recorded  data  have  been  processed,  when 
considering  the  presented  stress  histories  effects,  for 
defining  the  subsequent  loading  conditions  of  a  fatigue 
test  of  a  production  line  random  wing.  Three  life  times 
have  been  completed  in  March  93  before  appearing  the 
first  cracks  in  their  early  stage.  Test  is  going  ahead  (a 
fourth  lifetime  and  residual  strength  tests)  for  damage 
tolerance  capability  demonstration. 


•  • 
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THE  ROLE  OF  FATIGUE  ANALYSIS  FOR  DESIGN  OF  MILITARY  AIRCRAFT 

by 
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Deutsche  Aerospace  AG,  Military  Aircraft  Division 
Department  LME  221 
PO  Box  80  1 1  60,  D-81663  Munich 
Germany 


1.  SUMMARY 

A  brief  overview  of  the  fatigue  design  method  employed 
at  DASA  (Deutsche  Aerospace  AG)  for  combat  aircraft 
is  here  presented.  The  efficiency  of  the  fatigue  analysis  - 
as  embedded  in  tlie  overall  design  process  -  is  discussed 
and  compared  with  full  scale  testing.  Furthermore, 
possible  improvements  in  the  method  are  suggested. 


2.  INTRODUCTION 

For  the  fatigue  design  of  military  aircraft  most  of  the 
european  A/C  indusuy  has  not  adopted  the  damage 
tolerance  procedure  used  by  the  US  industry  but  stays 
with  conventional  safe  life  concept.  Since  the 
requirements  arc  specified  by  the  customer,  i.e.  the 
Ministry  of  Defence  or  Air  Force,  a  generally  good 
confidence  in  the  'safe  life’  design  may  be  presumed  in 
Europe.  However,  a  periodic  critical  review  of  the 
analysis  methods  should  be  performed,  and  finally  a 
comparison  of  full  scale  test  results  and  sei’vice 
experience  with  the  initial  predictions  may  lead  to  a 
revision  or  refinement  of  the  analysis  methods. 

A  brief  description  of  the  fatigue  verification  process 
presently  used  at  DASA  is  given  below,  and  in  particular 
the  problem  areas  are  discussed  and  possible  improve¬ 
ments  proposed. 


3.  BASIC  DATA  AND  ANALYSIS  METHOD 

3.1  Requirements  Specified  by  the  Customer 

The  fatigue  life  requirements  specified  by  the  customer 
or  operator  normally  comprise  of. 

-  required  service  life 

-  peace  time  missions  including  breakdown  and 
configurations 

-  manoeuvre  spectrum  (provided  as  g-excccdanccs) 

-  safety  factor  (scatter  factor)  for  test  and 
analysis 

3.2  Analysis  Methods  Used  for  Metallic  Structure 

In  spite  of  many  reservations  cxprc.s.scd  in  numerous 
publications  Miner's  cumulative  damage  rule  is  still  used 
at  DASA,  and  is  obviously  still  the  most  widely  used 
analysis  method  -  certainly  due  to  the  simple  and 
universal  applicability.  A  study  performed  at  DASA 


already  in  1978  (Ref.l)  revealed  an  acceptable  accuracy 
for  typical  fighter  aircraft  specua  (Fig.l). 

mi>.  Stress  iNrmni*2J 


Fig  1  Esiimple  for  Miner's  Rule  compared  to  Test  Results 


A  computer  programme  has  been  deveIo))ed  that  uses 
the  Weibull  equation  of  the  form  shown  below  to 
approximate  the  S-N  data. 

S  =  Cl  +  (C2  -  Cl )  / cxp((lgN  / C3)  C-i ) 
or 

lg(N)  =  C3  *  (ln((a  -  Cl )  /  (S  -  Cl )))  '/C4 
where; 

S  =  nominal  suess 
N  =  number  of  cycles  to  failure 
Cl ,  C2,  C3,  C4  =  constants  derived  by  regression 
analysis  of  test  results 

An  example  is  presented  in  Fig. 2 

Programme  inputs  arc  the  maximum  and  minimum  loads 
of  each  discrete  load  step  together  with  the  occurrences 
in  the  spectrum.  The  stress  level  is  determined  by  input 
of  a  scaling  factor.  In  addition,  an  iteration  routine 
allows  a  quick  assessment  of  the  stress  level  for  any 
predetermined  damage  sum. 

If  appropriate  full  scale,  or  component  test  results  of 
previous  projeets  are  available  a  relative  Miner's  rule  has 
been  frequently  adopted  for  similar  structural  details. 
Thereby,  a  damage  calculation  is  performed  with  the  test 
spectrum  up  to  failure.  From  the  database  a  S-N  data-set 
is  selected  that  best  fits  the  structural  detail  of  the  test 
specimen  as  well  as  that  of  the  siiueture  to  be  analysed. 


Pnstnud  at  an  AGARD  Meeting  on  Att  Assessment  of  Fatigue  damage  and  Cmtk  Growth  Prediction  Techniques' 
September  IW. 


The  resultant  damage  sum  for  the  test  failure  is  then  also 
applied  to  predict  the  allowable  stress  for  the  structure  to 
be  analysed. 


3.3  S-N  Data  for  Metallic  Stru  ture 
A  suir.cient  database  ot  S-N  do  .a  is  essential  to  analyse 
all  type  of  structure.  The  S-N  data  are  derived  from 
coupon  tests  and  cover 

-  standard  aircraft  material 

-  geometric  notches 

•  riveted  and  boiled  joints 

•  lugs 

-  other  effeeLs  (e.g.  welding,  surface  treatment, 
cheinical  milling  etc.) 

Furthermore,  test  results  of  full  scale  tests  and  compo¬ 
nent  tests  are  available. 


In  this  context  the  life  improvement  processes  like  shot- 
peening  and  cold-expanding  of  holes  should  be 
mentioned.  The  policy  adopted  is  to  use  these  processes 
not  for  initial  design  but  as  a  cost-effective  potential  to 
increase  the  fatigue  life  of  structure  that  failed  during 
fatigue  testing. 


3.4  Consideration  of  Temperature  and  Corrosion 
The  effect  of  in-service  environment  on  fatigue  is 
considered  to  be  negligible  for  most  of  the  structure.  It  is 
assumed  that  the  applied  surface  proteeiion  will 
sufficiently  prcvi'nt  corrosion  and,  if  required  during  the 
service  life  a  re-protection  will  be  carried  out. 

The  temperature  spectrum  due  to  aerodynamic  healing  is 
to  be  based  on  the  peace  time  missions.  A  degradation  of 
the  fatigue  properties  in  consequence  of  this  spectrum  is 


unlikely  to  be  encountered  for  the  typical  aircraft 
materials.  However,  for  areas  close  to  other  sources  of 
heating,  e.g.  engines,  a  reduction  of  the  fatigue 
characteristics  must  be  taken  into  account. 

Consideration  is  also  to  be  given  to  the  occurrence  of 
thermal  stress  cycling  as  a  result  of  temperature 
variations  on  different  materials  jointed  together. 


3.5  Fatigue  Analysis  Policy  for  CFRP 
For  CFRP  suucture,  whether  the  components  are 
undamaged  or  predamaged  (dclamianations),  fatigue 
analyses  have  not  been  performed  up  to  present. 

The  reasons  are; 

-  The  design  allowables  (suains)  arc  significantly 
below  the  allowables  determined  by  fatigue. 

-  Reliable  analysis  methods  aiC  not  yet  available. 

-  Extensive  fatigue  testing  of  CFPR  components  under 
representative  loading  have  neither  shown  any 
development  of  damages  nor  the  growth  of 
artificially  introduced  dclaminations. 

In  spite  of  the  superior  fatigue  properties  of  CFRP  for 
future  projects  consideration  should  be  given  to  the 
following: 

-  Repeated  buckling  of  CFRP  structure  may  cause 
fatigue  damage.  Therefore,  buckling  should  be 
avoided  up  to  the  maximum  service  spectrum  load. 

-  In  the  case  of  conventional  joints  failures  have  been 
observed  at  fasteners. 

-  At  repair  patches,  damage  growth  may  occur  - 
particularly  under  hot/wet  condition  -  if  the  bonding 
is  insufficient. 

-  Generally  in  CFRP  suucture.  damage  will  develop 
under  fatigue  loading  (Fig. 3).  Consequently, 
with  changes  of  the  design  allowables  or  the  life 
requirements  the  necessity  of  a  fatigue  analysis 
should  be  con.sidcrcd. 


Fig  3  Fatigue  Lite  Curve  tor  CFRP  913CIT300  (Ret  2) 
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4.  PRELIMINARY  FATIGUE  ALLOWABLES 
Already  early  in  the  development  phase  fatigue 
allowable  stress  levels  are  being  established  for  the 
various  parts  of  the  aircraft.  The  loading  spectra  used  are 
either  the  g-spectrum  for  all  aircraft  structure  predo¬ 
minantly  loaded  in  linear  correlation  to  the  load  factor 
nz,  e.g.  wing  box  and  large  areas  of  the  cenU'e  fuselage, 
or  component  spectra  of  previous  projects  modified,  if 
required,  to  take  into  account  obvious  differences 
regarding  the  usage. 

The  allowable  stresses  are  usually  given  in  nominal 
suf-sses  in  the  net  section.  They  are  presented  in  a 
graphical  form  stress  vs.  stress  concentration  factor  Kt 
(Fig.4)  or  as  allowable  stress  levels  for  typical  riveted 
and  bolted  joints  and  also  for  lugs  of  various  geometries 
and  sizes. 


Kt  (Stress  Concentration  Factor) 

Fig.4  Allowable  Stress  vs  K) 

For  the  major  load  carrying  components,  e.g.  fitting  of 
wing/fusclage  attai.hmcnt,  the  results  of  early  develop¬ 
ment  fatigue  tests  are  u.srd  for  final  design  or,  a  rcad- 
across  from  previous  tests  on  components  of  similar 
su-ucture  and  material  is  possible. 

Generally,  the  early  assessments  of  fatigue  allowables 
have  a  tendency  to  be  pc.ssimistic. 

As  soon  as  more  accurate  loading  spectra  arc  available, 
particular  from  computer  simulations  of  typical 
manoeuvres,  the  allowables  arc  updated. 


5.  USE  OF  FATIGUE  ALLOWABLES 

Since  commonly  FEM  calculations  arc  performed  only 

lor  load  cases  that  are  defined  by  static  design 


requirements  these  have  to  be  used  also  for  fatigue 
design.  If  the  most  severe  load  case  for  a  partieular 
component,  eovering  the  whole  flignt  parameter 
envelope,  would  be  chosen  for  fatigue  design,  an 
arbitrary  conservative  result  would  be  achieved. 

To  avoid  extreme  conservatism,  those  load  cases  are 
selected  for  use  in  conjunction  with  the  fatigue 
allowables  which  lie  within  the  envelope  of  the  peace 
time  missions.  The  main  parameter  to  be  eonsidered  are 
load  factor  nz,  roll  rale,  mass,  configuration,  altitude  and 
speed.  Since  the  envelope  for  static  design  is  much 
wider  it  is  often  difficult  to  identify  suitable  cases.  In 
practise  those  cases  close  to  the  envelope  of  the  mission 
requirements  are  included.  However,  'exotic'  cases  that 
are  unlikely  to  occur  during  the  aircraft  life  of  the 
majority  of  the  fleet  are  deleted. 

A  further  problem  is  the  occurrence  of  combined 
stresses.  In  this  case  the  maximum  principal  stress  is 
used  in  conjunction  with  the  fatigue  allowables. 

The  fatigue  allowable  suess  has  to  be  compared  with  the 
calculated  svess  of  the  considered  section  and  should 
give  a  ratio  Sallow/S  >=  1.0  which  may  be  regarded  as  a 
measure  for  the  fatigue  quality. 

It  is  the  stress  engineers  responsibility  to  apply  the 
allowable,  stress  correctly  during  sucss  analysis.  Advice 
from  the  fatigue  specialist  is  available  whenever 
requested.  For  the  major  load  carrying  components  the 
involvement  of  the  fatigue  specialist  is  mandatory. 


6.  DETAILED  FATIGUE  ANALYSIS 
The  major  structural  components  and  joints  arc  usually 
subjected  to  a  detailed  fatigue  analysis  using  final  design 
information  with  regard  to: 

-  loading  spectra 

derived  from  manoeuvre  simulations  and  using 
rainflow  counting  method 

-  stresses 

using  detailed  stress  assessment  or  strain 
gauge  mea.surements  obtained  from  full  scale 
static  test  or  early  strain  gauge  readings  from 
the  full  scale  fatigue  test 

Since  the  analysis  is  performed  late  in  the  design 
progress  a  shortfall  in  predicted  fatigue  life  can  have  a 
considerable  effect  on  the  s^uctural  qualification 
process. 


7.  QUALIFICATION  TESTS 
At  the  end  of  the  fatigue  verification  process  a  full  scale 
airframe  lest  will  prove  the  accuracy  of  the  fatigue 
dc.sign  and  form  the  ba.sis  for  the  in  service  fatigue  life 
monitoring.  The  te.st  loading  has  to  be  based  on  the 
customers  requirement.  The  load  simulation  covers  all 


•  • 


15-4 


load  variations  that  are  likely  to  effect  the  structural 
fatigue  life,  including  manoeuvres,  gusts,  buffet, 
airbrake  operations,  landing  impact  and  ground 
operations,  cabin  pressure  and  also  tank  and  air  intake 
pressure.  In  Fig.  5  an  example  is  shown  for  the  test 
loading  of  an  unsymmetrical  manoeuvre  that  is  obtained 
from  a  computer  simulation.  The  manoeuvre  is 
represented  by  the  time  slices  i  to  4. 


Fig  5  Test  Simulation  of  an  Unsymmelncal 
Manoeuvre 

Due  to  economic  restrictions  buffet  and  gusts  arc  usually 
tested  in  a  simplified  manner  on  a  damage  equivalent 
basis.  Also  the  tank  and  air  intake  simulation  is 
simplified  with  the  purpose  to  achieve  locally  a 
reasonable  superposition  of  loading  caused  by 
manoeuvre  and  pressurization. 

Besides  the  full  scale  airframe  fatigue  test  a  number  of 
component  qualification  tests  arc  required  for  those 
items  which  arc  not  embodied  in  the  airframe  lest 
specimen,  or  replaced  by  a  dummy,  or  not 
representatively  loaded. 

Failures  during  fatigue  qualification  testing  usually 
induce  a  modifications  of  the  relevant  structure.  The 
immediate  embodiment  of  the  modificaticii  in  the  test 
specimen  is  the  preferred  solution.  If  an  unrcprcscnLiiivc 
repair  is  embodied  in  order  to  carry  on  testing  the  life  of 
the  modification  has  to  be  qualified  scp:iralcly. 


9.  CRITICAL  REVIEW  OF  FATIGUE 
VERinCATION  PROCESS 

9.1  General 

The  quality  of  the  assessment  of  fatigue  allowables  is 
largely  affected  by  the  availability  of  sufficient  accurate 
loading  spectra  for  the  individual  parts  of  the  aircraft. 
Consequently,  the  fatigue  specialist  always  attempts  to 
use  the  best  available  information  during  development 
progress.  If  the  derivation  of  a  particular  specuum  is 
doubtful,  then  usually  a  somewhat  pessimistic  approach 
is  applied.  On  the  other  hand,  in  order  to  accomplish  the 
aircraft  mass  requirements  also  the  fatigue  specialist  is 
often  encouraged  to  give  up  the  'pessimistic  assumption', 
whether  or  not  this  will  finally  prove  to  be  true.  The 
problem  encountered  during  early  development  may  be 
emphasized  by  the  histogram  shown  in  Fig.  6. 
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8.  IN  .SFaRVICE  FATKiUE  LIFE  MONITORING 
Once  in  service  the  fatigue  life  of  the  individual  aircralt 
life  will  be  monitored  relative  to  the  qualification  tests. 
This  requires  the  installation  of  a  sophisticated  fatigue 
life  monitoring  system. 


Fig  6  Chtonology  ct  Fatigue  Vetittcalton  Process 

Also  the  stress  engineer  who  has  to  apply  the  fatigue 
allowables  is  faced  with  the  problem  of  tight  time 
schedules  and  the  need  to  perform  detail  stress 
calculation  for  areas  recognized  to  be  dimensioned  by 
the  fatigue  allowables. 

Another  point  worth  discussing  is  the  fatigue  analysis 
method  used.  It  is  certainly  disappointing  to  realize  that 


■# 


15-5 


today  in  principal  the  same  approach  is  used  as  more 
than  20  years  ago  (Ref.  5  to  9). 

However,  if  reviewing  the  proposed  alternatives  during 
this  period  only  the  local  suain  concept  seems  to  have  a 
promising  prospect.  The  reasons  why  it  is  not  used 
during  the  development  phase  are  simply; 

•  a  large  portion  of  fatigue  critical  sections  are  joints 
where  the  local  suain  concept  has  not  yet  proved  U> 
be  applicable. 

-  a  general  superiority  compared  U>  the  nominal  stress 
aspproach  has  not  always  been  achieved  (Ref.  3  ). 


In  Fig.  7  to  9  some  statistical  evidence  derived  from  the 
full  scale  fatigue  test  for  the  TORNADO  aircraft  is 
presented. 

FigS  Distributian  ot  Fabgue  Ciaclis 


Fig  7  Oiseibution  ot  Damages  In  Ma^or 
Structure  Parts  (Ret.  4) 


PiQ  8  Typa  ot  Damage  (Ret  4) 


9.2  Major  Load  Carrying  Components 
The  major  load  carrying  components  in  general  receive 
special  attention  with  regard  to  detail  fatigue  design. 
The  loading  specuum  is  usually  of  good  accuracy  and 
early  development  tests  -  static  and/or  fatigue  -  are  often 
performed  and  necessary  modifications  can  immediately 
be  inuoduced  into  the  design.  Therefore,  no  significant 
fatigue  problems  are  encountered  for  these  components. 


9. 3  General  Structure 

Whenever  an  unexpected  failure  occurs  during  a  full 
scale  test  or  in  service  the  question  has  U>  be  raised: 
Why  has  the  criticality  not  been  recognixed  during  the 
design  stage? 

It  is  common  experience  that  a  consiberable  number  of 
unexpected  cracks  will  develop  during  full  scale  testing 
in  sections  that  had  not  been  identified  to  be  critical.  A 
few  of  them  may  be  auributed  to  unpredictable  assembly 
suesses  or  internal  suesscs  due  to  manufacuiring 
processes  or  even  to  excessive  scatter  of  fatigue 
properties  in  a  particular  material.  However,  for  the 
majority  of  cracks  the  problems  must  be  traced  back  to 
the  fatigue  analysis  process. 

An  attempt  has  been  undertaken  to  survey  and 
categorize  the  fatigue  cracks  developed  during  the 
TORNAEX)  major  aircraft  fatigue  test.  The  graph  in 
Fig.  10  contains  the  cracks  discovered  on  the  cenue 
fuselage  up  to  I2(XX)  simulated  flight  hours  (75%  cf  the 
required  test  life). 

From  lhai  (riph  it  Can  cicarly  be  seen  that  a  large  (xtrtion  of 
the  fatigue  critical  sections  were  not  recognized  because 
the  stress  analysis  was  not  sufficiert,  whether  it  was  not 
detailed  enough,  or  the  FE  model  inaccurate,  or  foi 
whatever  reason.  Another  considerable  portion  was 
categorized  to  be  'bad  detail  design'.  Th  maktrity  of 
these  details  are  secondary  structure  and  therefore,  tl<e 
structural  integrity  of  the  aircraft  is  not  directly  affected. 
Nevertheless,  since  inspections,  repairs  or  modifications 
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may  be  necessary  these  are  important  from  an  economic 
point  of  view. 


Fatigia*  Analysis  incorrscl 
or  too  optimistic 


Fig  to  Reasons  lor  Nol  Recognizing  the  Fatigue 
Critical  Sections  (Survey  of  Centre 
Fuselage  only ) 

The  number  of  failures  traced  back  to  'fatigue  analysis' 
and  'load  spectrum'  arc  fairly  small.  An  explanation  for 
the  latter  is  probably  the  tendency  to  u.sc  pe.ssimistic 
assumptions  if  the  spccuum  is  not  clearly  defined. 
Finally,  the  fatigue  analysis  mcduxl  obviously  plays  a 
minor  role  with  regard  to  the  results  of  the  full  scale 
fatigue  test. 


10.  DISCUSSION 

If  it  is  assumed  that  the  above  findings  about  unexpected 
fatigue  failures  arc  typical  for  A/C  design,  at  least  for  a 
similar  type  of  aircraft,  then  some  essential  conclusions 
should  be  drawn. 

Loading  Spectra 

As  initially  mentioned  the  basic  loading  spectra  and  in 
consequence  the  local  spawt  used  to  assess  allowable 
stresses  arc  usually  in  an  accuracy  range  of  gotxl  to 
conservative  compared  to  the  final  definition  applied  to 
the  full  scale  testing.  However,  care  should  be  given  to 
sUuctural  areas  significantly  loaded  by  spectra  of 
different  sources,  c.g.  manoeuvres  and  landing  loads,  to 
account  for  changes  of  mean  load  in  the  load  history. 
Ttxlay,  computer  simulations  of  flight  manoeuvres  allow 
the  generation  of  spccUa  for  the  major  loading  actions, 
including  the  loading  and  movement  of  conu-ol  surfxcs. 
Unfortunately,  the  computer  models  arc  generally  too 
late  available  as  to  form  the  basis  for  the  assessment  ol 
the  fatigue  allowable  stresses. 

As  a  consequence,  it  would  be  desirable  to  obtain  early 
in  the  development  phase  computer  simulations  of 
acccpuibic  accuracy.  Complete  load  sequences 


according  to  the  mission  requirements  could  then  be 
built  up  and  used  for  fatigue  analysis. 

Stress  Analysis 

The  stress  analysis  was  found  to  give  the  major 
contribution  to  the  unrecognized  fatigue  critical 
sections.  This  is  rather  disappointing  since  it  is  common 
opinion  that  the  FEM  analysis  is  an  excellent  tool  to 
determine  the  strength  of  the  structure.  However, 
obviously  it  is  not  always  successful  for  fatigue  design 
and  therefore,  an  attempt  is  made  to  investigate  the 
reasons: 

Since  the  total  suuciurc  will  be  represented  by  a  mesh  of 
finite  elements  an  important  criteria  for  accuracy  is  how 
fine  is  the  mesh.  Docs  it  sufficiently  cover  details, 
particular  in  a  complex  structure.  For  a  number  of  cracks 
this  was  not  the  case  and  the  criticality  was  therefore  not 
recognized,  as  has  been  shown  by  sUain  gauge 
mcasuiemcnts  on  the  full  scale  specimen  and/or  fine 
mesh  rccalcubtions  for  the  relevant  sections. 

Another  difficult  problem  is  the  representation  of  joints. 
The  stiffness  of  the  joints  have  to  be  predicted  for 
embodiment  into  the  model.  The  effect  of  stiffness 
deviations  on  the  overall  accuracy  may  have  caused 
some  of  the  fatigue  failures. 

Furthermore,  the  suess  engineer  has  to  transform  the 
loads  or  strains/strcsscs  of  the  finite  elements  into 
nominal  stresses  which  have  to  be  compared  to  the 
fatigue  allowable  strc.sscs.  For  a  complicated  su-uciurc 
this  is  not  an  easy  job  and  requires  experienced 
engineers.  An  early  assistance  from  the  fatigue  specialist 
may  be  helpful  in  many  cases. 

It  is  obvious  that  each  of  the  above  mentioned  points  can 
lead  to  either  over-  or  underestimating  of  suesscs  and 
consequently,  in  the  case  of  underestimating  a  fatigue 
problem  may  be  encountered.  A  stress  analysis  error  in  a 
member  of  a  .suitically  indeterminate  structure  with 
multiple  redundancy  can  -  to  some  degree  -  be  tolerated 
from  a  .static  strength  point  of  view  since  during  static 
testing  the  load  will  be  redistributed  as  soon  as  nonlinear 
deformation  occurs.  However,  in  case  of  fatigue  loading 
-  which  represents  the  inservicc  loading  -  the  full  load 
.spectrum  will  normally  be  acting  and  fatigue  damage 
according  to  the  correct  stress  level  will  be  accumulated. 
Finally,  also  a  non-tcchnical  aspect  should  be 
mentioned.  Since  often  a  tight  time  schedule  is  pressing 
the  stress  engineer  to  release  the  drawings,  he  may 
sometimes  primarily  check  the  static  strength  and  - 
knowing  the  problems  of  predicting  accurate  l(x:al 
fatigue  stresses  -  be  forced  to  rely  on  the  results  of  the 
full  scale  fatigue  test. 

Detail  Design 

With  increasing  complexity  of  the  structure  also  the 
danger  of  unfavourable  detail  design  increases.  A  great 
deal  of  knowledge  and  experience  regarding  optimum 
design  against  fatigue  is  required  to  avoid  these  fatigue 
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problems.  A  'feeling'  for  load  flow,  structural 
deformation  and  material  capability  are  important  to 
deal  with  complex  structures. 

Comprehensive  information  in  the  design  handbook  are 
certainly  of  great  help,  particular  for  young  design 
engineers  with  little  experience. 

In  spite  of  all  precautions  taken  to  avoid  these  failures 
happening  it  is  certainly  wise  to  accept  that  a  perfect 
detail  design  throughout  the  complete  suocture  will 
remain  a  dream. 

Fatigue  Analysis 

The  fatigue  incidences  attributed  to  incorrect  fatigue 
analysis  are  dominated  by  a  typical  crack  pattern.  The 
cracks  developed  in  the  flange  of  a  frame,  perpendicular 
to  the  short  transverse  direction.  Thus,  the  degradation 
of  the  fatigue  properties  in  the  ST  direction  has  been 
disregarded.  Therefore,  care  must  be  taken  not  to  miss 
any  structural  details  that  are  detrimental  to  the  fatigue 
characteristics. 

Whether  for  a  safe  life  design  Miner's  rule  will  soon  be 
superseded  by  a  more  sophisticated  method  remains 
doubtful.  Further  improvements  or  modifications  of 
Miner's  rule  -  e.g.  adjustments  based  on  results  of  flight- 
by-flight  component  tests  -  seems  to  be  more  likely.  In 
this  context  the  generation  of  an  iniemaiional  database 
(as  proposed  previously.  Ref.  10,11)  covering  flight-by- 
flight  test  results  for  structural  details  and  also  for  full 
scale  specimens  would  be  greatly  appreciated.  It  should 
contain  all  information  necessary  to  allow  the  re- 
analysis  of  the  test  failure.  Thereby,  it  will  be  possible  to 
adjust  the  relevant  analysis  parameter. 


1 1.  CONCLUDING  REMARKS 
For  the  major  load  carrying  parts,  attracting  special 
attention  with  regard  to  fatigue,  generally  no  significant 
problems  are  expected  for  the  final  built  standard. 

For  general  structure  it  can  clearly  be  concluded  that  the 
fatigue  analysis  alone  is  by  far  not  the  weakest  link  in 
the  total  fatigue  verification  process,  at  least  for  a  fighter 
aircraft.  The  main  potential  for  improvement  can  be 
assumed  in  the  stress  analysis  field.  In  consequence  of 
the  problems  discussed  al.so  a  change  in  design  principle 
from  'safe  life'  to  'damage  tolerant'  would  not 
automatically  result  in  an  improved  efficiency  of  the 
analysis.  This  does,  of  course,  not  question  the  basic 
differences  between  the  two  philosophies. 

As  an  obvious  conclusion  it  has  to  be  repeated  that 
comprehensive  full  scale  testing  of  the  touil  airframe  or 
components  remains  an  essential  part  of  the  fatigue 
verification  process. 

However,  for  present  and  future  projects  a  gradual 
improvement  of  the  analytical  part  of  the  fatigue 
verification  process  is  expected.  This  optimistic  outlook 
is  mainly  based  on  the  fast  development  of  computer 


software  and  as.sociated  tools  used  in  the  disciplines 
loads,  stress  and  fatigue  analysis. 
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DAMAGE  TOLERANCE  MANAGEMENT  OF  THE  X-29  VERTICAL  TAIL 
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SUMMARY 

During  high  angle-of-altack  (aoa)  less  than  25  degtees,  the 
X-29  experienced  severe  vertical  tall  bufTet.  Fin  tip  accelerome¬ 
ter  data  exceeded  110  g’s  at  approximately  16  Hx.  The  U.S. 

Air  Force  Flight  Dynamics  Directorate  was  asked  to  provide 
technical  support  to  ensure  that  the  entire  X-29  flight  test 
program  could  be  safely  conducted. 

The  r!';ht  Dynamics  Directorate  transitioned  an  in-house 
developed  crack  growth  life  prediction  program  (MODGRO  - 
Ref  1)  to  the  X-29  program  office  and  NAS/VDryden  as  well 
aa  extensive  technical  support.  Three  dimensional  crack 
growth  analyses  were  conducted  between  flight  days  to  track 
possible  damage  growth  based  on  actual  strain  data  collected  at 
critical  areas  of  the  vertical  tail.  The  entire  high  aoa  flight  lest 
program  was  completed  as  planned  using  MODGRO  to  predict 
damage  accumulation  and  used  the  data  to  manage  flight 
maneuvers  to  maximize  useful  flight  data  and  minimize 
structural  risk. 

A  follow-on  flight  test  program  was  conducted  with  the  X-29 
to  assess  Vortex  Flow  Control.  Repair  to  the  tail  was  required 
to  complete  this  mission.  Analysis  and  verification  testing  of 
the  repair  was  performed  by  the  Flight  Dynamics  Directorate. 

At  the  end  of  that  flight  test  program,  less  than  10%  of  the 
repair  life  was  used. 

1  BACKGROUND 

Many  current  high  performance  aircraft  have  experienced 
vertical  tail  buffet  at  high  aoa.  Under  high  aoa  conditions, 
turbulent  air  flow  from  the  aircraft  forebody  can  impinge  on  the 
vertical  tail  causing  high  frequency  loading.  This  buffeting 
action  has  the  potential  to  severely  reduce  the  service  life  of  aft, 
vertical  control  surfaces.  The  X-29  demonstrator  aircraft  #2 
first  encountered  significant  vertical  tail  buffet  on  9  May  1990 
during  flight  #42  at  angles-of-attack  between  20  and  35 
degrees.  This  buffet  condition  occurred  for  15  seconds  and 
resulted  in  fin  tip  accelerations  in  excess  of  110  g's  and  a 
dominant  first  bending  mode  of  16  Hz.  This  condition  resulted 
in  vertical  tail  loads  approaching  their  design  limiLs  and  the 
decis  ion  was  made  to  temporarily  avoid  this  flight  condition. 
Hnwerer,  this  decision  severely  impacted  the  X-29  flight  test 
program  since  military  utility  flights  were  to  be  conducted  at 
high  aoa  to  demonstrate  the  maneuverability  of  the  aircraft. 
Damage  tolerant  analyses  of  the  tail  were  performed  for  the 
assumed  most  aitical  location  to  estimate  the  crack  growth  life 
of  the  vertical  tail  at  various  g  levels.  An  initial  flaw  size  of 
0.03  inch  was  chnsen  based  on  field  experience  and  oonfldence 
with  existing  non- destructive  evaluation  (NDE)  methods.  In 
this  case,  an  eddy  current  inspection  method  was  used. 


Preliminary  analyses  established  inspection  intervals  at  the 
most  critical  areas  of  the  tail.  These  analyses  used  the  limited 
fin  tip  acceleration  data  that  was  svailaNe  for  the  tail  and  a 
simple  transfer  function  to  estimate  local  stress  levels. 
Additional  strain  gage  instnimentation  waa  installed  or,  the 
vertical  tail  while  the  aircraft  was  down  for  it's  next  scheduled 
maintenance  and  stress  analyses  were  performed  to  determine 
the  actual  stresses  at  several  locations  on  the  tail.  These 
analyses  were  then  correlated  with  subsequent  flight  test  data 
and  more  detailed  crack  growth  predictions  were  performed  to 
more  accurately  establish  the  damage  tolerance  of  the  vertical 
tail. 


2  APPROACH 

Analysia  the  inflight  accelerometer  data  during  buffet 
revealed  that  the  vertical  tail  was  primarily  experiencing  the 
first  bending  mode  at  a  natural  frequency  of  16  Hz.  There 
was  some  indication  of  the  second  bending  mode  and  first 
torsion  mode  at  higher  frequencies  but  at  much  lower 
amplitudes.  Several  areas  of  the  tail  were  considered  as 
possible  areas  for  crack  initiation  and  growth  (FIGURE  1.0), 
but  the  ait  root  Hning  (location  #4)  was  considered  to  be  the 
most  crib'cal  aince  the  tail  was  primarily  being  loaded  in  pure 
bending  during  buffet.  The  aft  tail  mount  was  considered  to 
be  most  highly  loaded  due  to  the  fact  that  the  tail  is  swept  aft, 
shifting  the  center  of  pressure  and  mass  toward  the  rear 
fitting.  This  was  supported  by  static  test  data  supplied  by  the 
manufacturer  (Grumman).  Grumman  also  supplied  a  transfer 
function  relating  fin  tip  accelenttion  to  stress  at  the  aft  fitting. 
This  was  accomplished  by  relating  acceleration  to  deflection 
and  deflecb'on  to  root  bending  moment  and  finally  to  the  gross 
section  stress  in  the  aft  attachment.  The  15  second  fin  tip 
acceleration  trace  obtained  during  flight  #42  was  normalized 
(FIGURE  2.0)  and  used  as  a  loading  spectrum  for  aack 
growth  analysis-  Various  maximum  g  levels  were  modelled 
by  multiplying  the  normalized  spectrum  by  the  stress  level 
corresponding  to  a  given  acceleration. 

Frio;  to  performing  any  damage  tolerance  analysis  for  the  aft 
tail  enachment,  a  reasonable  initial  crack  length  must  be 
assumed.  The  assumed  size  should,  of  course,  be  large 
enough  to  have  a  high  probability  of  detection.  Since  NASA 
had  safety  of  flight  responsibility  for  the  aircraft,  they  were 
responsible  for  any  type  of  aircraft  inspection.  It  was 
determined  that  eddy  current  inspections  would  be  performed 
at  three  locations  on  the  tail  (locations  3, 4,  and  6  -  FIGURE 
1.0).  Inspections  of  areas  1  »nd  2  would  have  required  the 
removal  of  blind  fasteners  which  had  a  higher  probability  of 
cau»ng  crack  initiation  than  the  hu^et  loads.  Location  #5 
was  considered  less  critical  than  location  #4.  The  NASA 
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inspector  initially  claimed  to  be  able  to  detect  any  flaw  larger 
than  O.OOS  inch  using  a  hand  held  probe  inside  fastener  holes. 
U.S.  Air  Force  experience  has  indicated  that  a  more  realistic 
size  is  on  the  order  of  0.03  •  0.05  inch.  After  discussions  with 
NASA  and  Grumman  engineers,  it  was  decided  to  use  the  Air 
Force  crack  growth  prediction  program,  MODGRO,  assuming 
an  initial  0.(^  x  0.03  inch  comer  flaw  at  location  itA.  It  waa 
also  agreed  that  an  immediate  inspection  of  locations  3, 4,  and 
6  would  be  conducted  and  subsequent  inspections  would 
follow  if  and  when  the  time  spent  in  buffet  exceeded  1/2  the 
predicted  time  to  failure  for  the  highest  fin  tip  acceleration 
measured  since  the  last  inspection.  The  predicted  life  (time  in 
buffet)  is  shown  in  FIGURE  3.0  as  a  function  of  maximum  g 
level.  This  approach  was  very  conseivative  assuming  that 
location  #4  was  indeed  the  most  critical  location,  but  it  was 
felt  that  the  limited  available  data  warranted  a  conservative 
approach  to  assure  safety.  In  any  case,  this  approach  returned 
the  aircraft  to  fli^t  at  high  aoa. 

While  the  above  approach  relumed  the  X>29  to  high  aoa  flight, 
subsequent  flights  and  frequent  inspections  demonstrated  the 
need  to  obtain  more  data  to  remove  some  of  the  conservatism 
from  the  analyses.  While  the  aircraft  was  nearing  the  next 
standard  100  hour  overall  inspection.  Air  Force,  NASA,  and 
Grumman  Engineers  decided  to  install  strain  gages  covering 
all  six  critical  areas  on  the  right  side  of  the  tail  during  the 
scheduled  down  time.  These  gages  would  provide  detailed 
strain  information  for  these  locations.  Grumman  was  contracted 
to  perform  stress  analyses  for  each  location  and  used  flight  test 
data  from  the  new  gages  to  calibrate  their  analyses.  Flight  #55 
was  the  first  flight  afler  the  installation  of  the  gages  and  was 
flown  at  low  aoa  to  obtain  less  dynamic  strain  for  calibration 
purposes.  Flight  #57  was  the  next  flight  in  which  a  25  second 
buffet  event  occurred  at  high  aoa.  TABLE  l.Oshowsthe 
maximum  strains  and  calibrated  notch  stresses  for  this  event. 
As  can  be  seen,  the  initial  assumption  that  location  #4  was  the 
most  critial  location  was  incorrect.  In  fact,  applying  the 
rule*of-thumb  that  the  difference  in  crack  growth  life  is 
approximately  equal  to  the  cube  of  the  stress  ratio  in  aluminum 
results  in  a  factor  of  27  between  the  life  at  location  #4 
compared  with  location  #2.  Location  #2,  which  is  just  above 
the  drag  chute  bracket,  is  non-inspectablc  in  practice  since 
blind  fasteners  must  be  drilled  ou!  for  inspection.  A  detailed 
view  of  location  #2  is  given  in  FIGURE  3.0  Grumman 
engineers  performed  both  crack  initiation  and  aack  growth 
analyses  for  location  #2  using  the  25  second  bgffet  event. 
Constant  load  amplitude  test  data  for  2024-TS51  aluminum 
(X-29  ta^'  material)  coupons  with  open  holes  were  also 
availaNe  from  Grumman,  lliese  data  provided  cydes-lo-failure 
informatinn  at  several  load  levels.  Since  Grumman  is 
primarily  a  U.S.  Navy  contractor,  their  aircraft  are  generally 
certified  by  crack  initiation  analyses.  Since  the  Air  Force 
requires  damage  tolerant  analysis  for  safety  of  fright,  MODGRO 
was  used  to  determine  an  initial  comer  crack  size  that  would 
yield  a  predicted  life  matching  the  Grumman  test  data.  The 
resulting  initial  crack  length  wasO.Ol  inch  for  the  2024-T851 
aluminum  skin  material,  this  size  also  happens  to  be  the  same 
as  the  generally  accepted  size  defining  crack  initiation.  This 
was  pure  coincidence  since  a  much  smaller  initial  crack  size  Is 
usually  required  to  predict  total  life  with  damage  tolerant 
analysis  alone.  However,  this  material  is  relatively  brittle  and 


Grumman  had  also  predicted  a  short  initiation  time  for  the 
flight  #57  event.  In  lieu  of  any  inspection  of  locatior)  #2,  an 
initial  C  01  x  0.01  inch  initial  comer  crack  was  assumed  at  the 
lower  fastener  hole  (FIGURE  4.0).  Since  all  locations  on  the 
verticai  UsI  are  matched  on  both  the  left  right  side,  the 
event  in  flight  #57  was  also  inverted  to  model  the  loads  on 
both  sides  of  the  tail.  The  mean  stress  was  rarely  zero, 
probaNy  due  to  the  fact  that  at  various  aoa.  left  or  right 
rudder  are  applied  to  maintain  heading  or  perhaps  the  vortices 
favor  one  side  over  the  other.  The  strain  trace  from  flight  #57 
is  given  in  FIGURE  5.0.  The  minimum  crack  growth  life 
from  the  initial  flaw  size  was  predicted  to  be  330  repeats  of 
the  buffet  event  seen  in  flight  #57  (FIGURE  6  0).  After  more 
discussiotis  between  Air  Force,  Grumman,  and  NASA,  a  life 
of  165  repeats  of  the  event  was  agreed  on  to  provide  a  safety 
factor  of  two  for  the  analysis.  Time  in  buffet  prior  to  flight 
#57  was  counted  by  using  the  flight  #57  event,  correlation 
between  maximum  stress  at  location  #2  and  fin  tip 
acceleration,  maximum  stress  ratio  between  previous  events 
and  flight  #57,  and  the  time  spent  in  buffet  in  the  previous 
flights.  On(X  the  correlation  between  stress  at  location  #2 
and  fintipaixreieration  was  determined,  the  equivalent  time 
in  buffet  (based  on  flight  #57)  for  each  previous  flight  was 
determined  as  follows. 

Fquiv.  Time  -=  (Max  Stress, Tit  57  Max  Slress]*x  Buffet  Time 

A  review  of  previous  flight  lest  records  resulted  in 
approximately  45  equivalent  buffet  events  up  to  flight  #57. 
Therefore,  after  flight  #57,  approximately  30%  of  the  tail  life 
was  used. 

A  special  version  of  MODGRO  was  supplied  to  NASA/Dryden 
to  used  to  predict  crack  extension  using  actual  flight  lest 
data.  Between  flight  days,  buffet  stress  data  was  down 
loaded  to  an  IBM  compatible  FC  and  crack  growth  predictions 
were  made  using  both  the  given  and  inverted  versions  of  the 
stress  spectra.  Crack  growth  was  predicted  from  the  last 
predicted  crack  size  and  each  spectrum  was  input  twice  to 
provide  a  safety  factor  of  two  on  life.  The  most  conservative 
prediction  was  used  as  the  new  crack  size.  To  pros  ide  a 
metric  for  the  percent  life  expended,  the  crack  growth  curve 
for  flight  #57  was  used  as  a  reference  in  that  the  number  of 
repeats  of  the  flight  #57  event  corresponding  to  the  current 
aack  size  was  divided  by  the  life  (330  repeats).  Tnc  aircraft 
completed  the  original  flight  test  program  at  a pproxi (.lately 
96%  tail  life.  A  second  flight  lest  program  was  desired  to 
study  the  potential  of  vortex  flow  control  to  supplement  the 
vertical  tail  yaw  control.  Ibe  fasteners  at  location  #2  were 
drilled  out,  eddy  current  inspected,  reamed  0.03  fn, 
re-inspected,  coidworked,  and  interference  fit  tasteners  ^erc 
re-installed.  Ibe  Air  Force  Flight  Dynamics  Directorate 
conducted  a  test  program  to  verify  the  lepair  and  developed 
new  input  data  flics  for  MODGRO.  llie  dam-igc  aa-umulatum 
from  an  0.03  inch  initial  comer  flaw  was  tracked  by  the  Air 
Force  program  office.  Crack  growth  predictions  were  not 
made  as  fr^uentiy  as  was  done  previously  since  the  repair 
was  considered  better  than  the  original  structtir^  At  the  end 
of  the  program  approximately  7%  of  the  repair  life  had  been 
expended. 
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3  CONa  ilSIONS 

The  X-29  dcoioasliiKx  iiicnfi  ms  ool  deii|iied  minf 
d40U|e  lolerinoe  tequireinents,  bul  iflei  Ihe  tail  buflcl 
probtem  was  disoovcred,  it  ms  possible  to  employ  the  damage 
loleranoe  philosophy  lo  provide  a  means  lo  continue  the 
program  safely.  Without  the  use  of  damage  toleianoe  analysis 
methods,  it  is  extremely  doubtful  that  Ihe  responsible  orpnizs- 
lions  (NASA,  US.  Air  Force,  and  Grumman)  would  hive 
continued  operations  'inder  high  aoa  c  mditions.  Although 
localioii  M  ms  not  the  most  critical  location,  the  use  of  a 
conservative  initial  approach  quickly  led  lo  the  diacoveiy  of 
Ihe  high  notch  stiesr  at  location  #2.  The  subsequent  detailed 
analysis  of  location  #2  provided  a  means  to  manage  future 
flights.  The  Air  Force  and  NASA  used  MODGRO  as  a  tod  lo 
manage  the  X-29  test  program  after'  flight  *S7.  More  severe 
flights  were  conducted  earlier  than  they  would  have  been  and 


experience  pined  from  certain  maneuvers  allowed  them  to 
be  modified  or  rieleted  lo  complete  other  important  tests  of 
the  aiicrafk  It  is  very  difflcull  lo  quantify  the  success  of  the 
damap  tolerant  desip  philosophy  by  pointing  out  aircrafl 
that  have  not  experienced  a  atniclural  failure.  However,  it's 
use  in  the  X-29  program  haa  clearly  been  invaluable. 

REFERFJilCTS 

1  Halter,  J.A.,  'MODGRO,  Uieis  Manual,  Version  1.2’, 
AFWAL-TM-m-lST-HBE,  Feb,  1988 


TABLE  1.0 :  nighl  Test  ResaHi 


Strain  (micro-inch)  Knotch 


Location 

Gage 

Fit  55 

Fit  57 

Stress  (ksi) 

Fwd  Skin 

91033 

680 

700 

Radius 

91034 

610 

600 

16.1 

(1) 

91035 

580 

600 

Aft  Skin 

91029 

170 

600 

Radius 

91030 

820 

1600 

(2) 

91031 

900 

1500 

77  5 

91032 

1 160 

2000 

Mid  Rudder 

91026 

300 

1200 

Hinge 

91027 

400 

1200 

19.0 

(3) 

91028 

500 

1300 

Aft 

91037 

650 

700 

Pedestal 

91038 

620 

700 

24.4 

(4) 

91039 

520 

800 

Fwd  Pedestal  91040 

590 

500 

(5) 

91041 

980 

850 

17.9 

Upper  Hinge 

91024 

290 

900 

(6) 

91025 

200 

700 

32.0 

Ttf  CA.'  tCCTIOM 


FICirRE  3.«  :  An  TaU  Mount  (Location  #4)  Crack  Growth  Ufc 


nCURE  4J$ :  DctsIM  View  of  Location  «2 


Crack  Length  (C)  inches 


532  Cycles 
25  Second  Event 
21.3  Cycles/Second 


FIGURE  5.0 :  Flight  #57  Strain  Gage  *1032  Trace 
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FIGURE  <.0 :  ToUl  Life  at  Location  «2 


HARRIER  II:  A  COMPARISON  OF  t'.S.  ANDU.K.  APPROACHKSTO 
KATIOUE  CLEARANCE 

F  S  Perry 

British  Aerospitce  Defence  Limited.  Mililiiry  Aircraft  Divisi<in 
Hertford  House,  PO  Box  87,  Famborough  Aerospace  Centre 
Fanibonnigh,  Hants,  GUI46YU.  UK 


1.  SUMMARY 

The  different  approaches  adopted  for  the  fatigue 
clearance  of  the  Hiurier  II  in  United  Stales  Marine 
Corps  and  Royal  Air  Force  usage  are  discussed. 

Brief  accounts  are  given  of  the  impact  differing 
analysis  methodologies  and  national  airworthiness 
requirements  have  had  on  fatigue  design,  test  and 
monitoring  of  the  airframe. 

2,  INTRODUCTION 

Harrier  II  is  a  general  name  adopted  lor  the  second 
generation  aircral't  evolved  from  the  Harr'cr 
GR.Mk.  1  airframe  designed  ny  Hawker  Siddeley 
Aviation  (HSA)  at  Kingston  upon  Thames  in  S'irrey, 
England.  The  CR  Mk  1  (later  rc-dosignatcd  the 
GR.Mk. .7)  design  was  itself  founded  on  extensive 
experience  gained  from  its  forerunners,  the  P.  1 1 27 
and  Kestrel  aircraf 

The  design  of  the  Harrier  II  was  initiated  in  response 
to  a  United  States  Marine  Corps  (USMC) 
requirement  for  an  aircraft  with  payload  .md  radius 
capabilities  superior  to  those  of  the  USMC  version  of 
iheGR.Mk.l,  the  AV-8 A  The  new  aircraft, 
designated  AV-8B.  was  developed  by  the  MeDonnell 
Aircraft  Company.  MCA.IR,  as  prime  contractors, 
with  HSA  (now  British  Aerospace,  BAef 
sub-contracted  to  design  and  produce  the  ait-centrc 
and  aft  fuselage. 

The  Royal  Air  Force,  RAF,  had  a  similar  requirement 
for  a  VSTOl.-capable  aircral'  to  replace  its  fleet  of 
Harrier  GR.Mk. ,T,  aircraft  and  decided  eventually  to 
purchase  the  AV-8B  aircraft,  essentially  a.s  an  existing 
design.  In  the  RAF  the  aircraft  was  re-named  the 
Harrier  GR.Mk.S, 

This  Paper  examines  the  considerations  given  to 
fatigue  in  the  structural  design  and  clearance  of  the 
AV-8B  and  the  policies  adopted  tn  the  UK  to  ensure 
safe  operation  of  the  Harrier  GR.Mk.S  aircraft  in  RAF 
oper.itional  duties.  Particular  attention  is  paid  to  areas 
where  the  US  and  UK  approaches  contrast  as  a  result 
of  separate  aii'worthiness  requirements  and  differing 
methodologies  evolved  hy  the  design  authorities. 


3.  DESIGN  AND  CLEARANCE  AGAINST 
FATaGUE- HARRIER  I 

The  structural  design  of  the  Harrier  GR.Mk.  1  aircraft, 
which  entered  service  with  the  RAF  in  the  late 
1%0's,  used  the  results  from  a  full  scale  fatigue  test 
of  the  prototype  aircnift,  the  Kestrel,  Fig  1 , 
supplemented  by  numerous  tests  of  detail  parts, 
systems  and  assemblies  There  followed  full  scale 
tesis  of  the  siagle  and  two-seater  aircraf  t  at  HSA 's 
Kingston  plant.  All  stages  of  this  process  were  guided 
hy  the  UK  airworthiness  reii'jirements  contained  in 
Ref  1. 

The  primary  consideration  in  the  design  was  one  of 
minimum  weight,  although  a  .^WX)  hour  fatigue  life 
was  .s|)ecified.  A  limited  fatigue  evaluation  w  as 
carried  out  at  the  design  stage,  hut  mainly 
concentrated  on  detail  design  to  ensure  that  the  life 
requirement  was  achieved.  Tliis  course  proved  to  be 
highly  successful  as  the  full  scale  fatigue  tests  went 
on  to  demonstrate  that  the  airf  rame  had  an  endurance 
twice  that  specified. 

While  specific  fatigue  calculations  were  re.stricted  in 
scope  during  design,  a  clear  value  was  seen  in 
analysis  of  data  from  the  fatigue  tests,  Acc.jrdingly. 
the  results  were  the  .subject  of  detailed  fatigue 
analysis  using  Miner's  cumulative  damage  rule  and  an 
S-N  equation  for  holted  joints  derived  hy  the  Royal 
Aeronautical  Establishment  (Famborough).  RAE(F), 
Ref  2. 

The  substantial  work.  Ref  .7.  published  in  1962  hy  a 
former  RAE  employee.  RB  Heywood.  which 
correlated  an  extensive  range  of  fatigue  data,  formed 
the  basis  for  more  refined  analysis  techniques  adopted 
hy  HSA  Kingston.  In  1968,  a  summary  of  the 
empirical  S-N  equations  was  compilal  with  a  view  to 
formulating  a  comprehensive  procedure  for  the 
fatigue  analysis  of  airframe  components.  This  later 
became  practicable  with  the  introduction  of 
mini-computer  technology  and  a  program  wiis 
devebped  offering  a  wide  range  of  imalysis  facilities. 

The  prmc  pal  input  data  to  the  pnigriun  were: 

o  stress  concentt'ation  facurr 
o  notch  root  radius 

o  nomuial  mean  and  alternating  stresses 


Prtsenud  at  an  AGARO  Meeting  on  An  Assessment  of  Fatigue  Damagt  M  Crack  Growth  Prediction  Techniques’, 
September  1993. 


The  endurance  of  the  notched  component  wat 
oht.uned  tor  the  givei  stresses  by  tin  ite''ative  process 
using  master  diagram  (constant  life)  data  for  the  plain 
material  and  eomplemen.ary  strength  reduction 
relationships  for  the  notched  alloy. 

When  interiireting  the  results  of  testing,  nominal 
stress  levels  or  parameters  within  the  generalized 
ei|ualions  were  modified  to  ‘fit’  the  S-N  data  to  a 
known  test  failure  point.  By  this  ’ealihration'  of  the 
ec|uations,  read-across  to  in  service  aircraf  t  could  be 
effeeted.  Fig  2  illustrates  manipulation  of  the  S-N 
curce  by.  in  Ihis  instance,  variation  of  stress 
concent  ration  par,uileters. 

Fatigue  life  predictions,  using  available  S  N  dai.i 
w  ithoul  the  benefit  of  full-sc.ile  fatigue  test  results, 
were  shown  to  be  unreliable.  This  was  variously 
attributed  tii  inadequate  knowledge  of  the  critical 
location,  the  local  stress  distribution  and  the  spectrum 
of  applied  loads  (which  would  also  preclude  full-scale 
testing). 

4.  DKSICN  AND  CI.EARANCK  AOAINST 
KATKitE-  AV.8B 

The  Detail  Spetification  for  the  A  V-XB.  Ref  4,  stated 
that  the  aircraft  should  have  a  fatigue  life  of  A0()() 
hours  In  order  fo  meet  the  enhanced  payload  and 
range  requirements,  substantial  changes  were  reqiiirt-d 
to  the  structure  of  the  Harrier  I  on  which  the  aitenut 
was  broadly  based.  The  new  design  took  account  of 
Harrier  I  test  and  in-service  dafa.  an  AV-XA  service 
life  extension  programme  (designated  AV-XC)  and 
exiierience  gained  from  a  prototype  aircraft,  the 

yav-xb. 

The  te(|uircments  necess.iry  to  pnive  that  the  design 
would  meet  the  specified  fatigue  life  were  set  out  in 
Ref  i  and  were  founded  on  established  US  military 
s|iecification  requirements.  Ref  6 

The  principal  materials  used  in  the  airfr.ime  are  shown 
in  Fig  ,V  The  stnieture  ciimprised  conventional 
metallic  assemblies  complemented  by  extensive  use 
of  composite  ma'erials.  particularly  in  the  forward 
fuselage,  wing  and  tailplane.  Tne  use  of  the  new 
materials  in  major  airframe  eomponents  required  that 
.1  design  luid  elearanee  pnigramme  forcom|iosites 
was  developed  in  addition  to  the  more  tradilional 
outes  .idopted  for  the  metallic  structure 

4.1  Fatigue  Speclri. 

Data  gathered  front  USMC  operations  of  the  AV  -XA 
neel  .uid  Y.A  V-XB  aireratt  were  used  to  assemble  ;ui 


AV-XB  normal  aa-elcration  spectrum.  The  following 
key  requirements  set  out  in  the  Detail  Specification 
for  the  AV-XB  direetc-d  this  prixess: 

o  "Mean  +  3o"  normal  acceleration  speetmm 

o  9:1  ratio  of  symmetric  to  aysmmetrie  manoeuvres 

o  maximutn  wing  up-bending  moment  flight  condition 

o  a  ilight-by-night  test  sequence 

F.itigue  meter  data  were  collated  and  a  mean  normal 
.iceeleration  s[iectruin  generated  for  the  AV-XA  fleet 
KXH)  Hying  hour  AV-XB  spectrum  was  derived  by 
incre.ising  the  count  at  each  fatigue  meter  level  by 
three  times  the  sl.indanJ  deviation  for  that  level  This 
"Mean  +  3o”  s|x.-ctrum,  shown  in  Fig  4.  formed  the 
b.isis  for  much  of  the  design  and  testing  of  the 
A\'-XB  airfr.unc 

Tlie  third  rei|uiremenl  of  Ihe  S|iecification  was 
sigiiifu  ,uil  A  "worst-point-in-the-skv"  condition. 
Kiscxl  on  ihe  maximum  wing  up-bending  ease,  was 
siipul.ited  which  applied  loads  that  generally  would  he 
higher  tli.ui  those  routinely  encounlentd  m  service. 
Tills  osiensihly  conservative  approach  enables  a 
reduction  in  duration  of  qualification  testing  .uid  is 
the  major  dilferenee  between  US  and  UK 
pliilos4)phies  A  test  f.ictor  of  two  -  .ind  <0  a  duration 
of  12(XK)  hours  -  was  agreed  by  the  customer's 
lechiiKal  authority.  NAV AIR,  to covc*r  scatter  in 
fatigue  |>eiformance  of  the  metal  structure 

in  design  calculations  a  factor  of  four  was  applicable 
whcTc  testing  would  determine  the  true  life  of 
structure,  where  no  testing  was  scheduled  a  life  factor 
of  eight  w.is  >phc\ 

4.2  IK'sign  Uali  ulalions  -  KtDI»S  Approach 

III  Ihe  design  >4  Ihe  AV  XB.  the  resist, mce  of  Ihe 
strucllire  to  fatigue  loiatings  was  a  major 
coiisider.itioii.  Numerous  f.itigue  c.ilciilations  were 
perfoniied  ,ukI  lorni.uiy  ounponents  fatigue 
strenglh.  r.ilher  Ih.in  si.itic  strength,  was  the  overriding 
design  Cl  iierMii.  To  .ivoid  Ihe  need  for  repetitious, 
complex  .iiid  iime-ci'iisuming  d.unage  calculations  on 
every  com|suienl  of  the  critical  structure,  a  system 
b.ised  'll  allow iible  stresses  was  emplovcxi  ITiis 
eii.ibicd  engineers  not  fully  convers.uit  with  the 
iiilric.i'  ic's  •>!  I.iiigue  .inalvsis  to  apply  a  chevking 
procedure  smiil.ir  to  that  used  in  routine  static 
sliessing 

(■om|>oiienl  sticss  sjicvtra  and  .illowahle  stresses  were 
generally  develij'ed  by  Ihe  process  shown  in  Fig  5 
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for  eitch  crilical  component  of  the  airframe.  Table  I , 
The  iillowable  stresses  were  derived  as  "KtDLS" 
values  (Dl^  -  Design  Limit  Stress)  to  provide  a 
measure  against  which  the  combined  stress 
concentration  (Kt)  at  a  notch  and  peak  nominal  stress 
in  the  region  eoiild  be  compared, 

TABLK  I;  A V-SB  COMPONENT  FATIGUE 
SPECTRA  I,OCATIONS 


Wing/Fuselage 

Flap 

Aileron 

Inboiird  pylon  forward  wing  back-up  fitting 
Forward  Fuselage 
Cockpit  crosstie 
Lids  fence 

Aft  Fuselage  -  Frame  40  to  4.3  area 

Rudder  top  hinge 

Stabilator 

Vertical  tail 

Main  landmg  gear 

Nose  landmg  gear 

Outrigger  landing  gear 

Speed  brake 

Outboard  pylon 


The  futiitue  analysis  used  in  the  calculation  of  these 
allowables  was  based  on  local  strain  analysis,  using 
Neuber’-  rule.  Ref  7.  supported  by  a  stzeable  series 
of  laboratory  fatigue  testing  U)  establish  stress-strain 
and  strain-life  data.  Further  element  testing  provided 
substaniiation  of  the  fatigue  life  prediction 
calculations. 

The  use  of  local  strain  methodology  in  preference  to 
tniditional  S-N  based  data  for  fatigue  analysis  was 
.uiother  area  of  divergence  from  UK  (HSA) 
procedures  But  ui  this  case,  the  difference  was  matter 
of  company  methtxlology.  rather  than  national 
airworthiness  requirements. 

4  2.1  A  Hrief  Overview  of  the  Loeal  Strain  Method 

Local  straui  analysis  is  a  more  rational  basis  for 
fatigue  analysis  than  calculations  based  on  nomuial 
su-ess.  as  the  degradation  of  a  metal  by  fatigue  is 
initiated  by  microscopic,  irreversible,  displacements 
within  the  material.  The  analysis  attempts  to  model 
the  strains  of  the  material  at  a  notch,  taking  account 
of  local  yielding  and.  if  the  load  history  is  preserved, 
residual  stresses  from  previous  cycles. 

The  input  data  required  to  estimate  the  time  to  crack 


initiation  (assumed  when  crack  reaches  0  2S  mm) 
are: 

o  nominal  stress  history 
o  elastic  stress  concentration  factor 
o  stres.s-strain  parameters 
o  strain-life  p.iramcters 

Strain-life  data  are  obtained  from  tests  of  plain 
specimens  under  .strain  controlled  conditions.  The 
method  as.sumes  that  the  .specimen  is  representative 
of  the  behaviour  of  material  at  the  root  of  a  notch  in 
actual  structure 

By  solving  Neuber's  equation  and  the  stress-stfain 
relationship  for  each  reversal  in  fhe  nominal  stress 
history,  a  local  strain  sequence  at  the  notch  root  is 
generated  Tlie  assiK'iiUed  local  stress  at  each  strain 
point  is  also  rc-corded,  A  hysterisis  loop  identification 
routine  is  then  used  in  conjunction  with  the  strain-life 
equation  to  calculate  damage  values  for  each  strain 
cycle  in  sequence  A  simple  summation  of  the 
diunage  values  gives  the  total  damage  due  to  the  stress 
history. 

Fig  6  shows  these  stcqis  ui  graphical  form 

4  2.2  Delerntinaiton  of  Stress  Com  en!' ation  Factors 

A  key  parameter  m  local  strain  and  conventional 
fatigue  analyses  is  the  geometric  stress  concent'':ition 
factor  It  was  noted  previously  that  HSA  found  that 
fatigue  life  predictions  often  tended  to  be  unreliable 
due.  in  part,  to  uncertainties  concerning  the  local 
stress  dtstribution  at  the  critic,  ■  feature.  In  the  design 
of  the  AV-8B  much  effort  was  dedicated  towards 
ensuring  accurate  values  of  stress  concentration 
factors  were  usc’d  in  the  calculations  Allowances 
w'cre  made  for  a  number  of  parameters,  mcluding: 

o  thickne.'s 
o  countersink 
o  bearing  stress 

o  variation  of  Io.hI  direc'.ion  in  lugs 
o  edge  distaiKC 
o  interference  fit 
o  cold  working 
o  surface  treatment 

This  attention  to  local  stress  condition,  allied  with 
accurate  field  stresses  obtained  from  finite  element 
modelling,  removed  a  significant  source  of 
inaccuracy  which  h,id  prevented  satisfactory  life 
prediction  calculations  on  the  H.in  ierl 

Nevertheless,  while  major  improvements  in  fatigue 
analysis  can  be  m.ide  by  the  use  i,f  modem  analysis 
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techniques,  scalier  in  fatigue  performance  will 
always  prevent  accurate  predictions  of  when  an 
individual  part  will  fail. 

4.2. .1 A  Cursory  Conipari.son  of  Local  Strain 
oral  S-N  Analyses 

Although  differences  in  MCAIR  and  BAe  fatigue 
analysis  methodology  were  not  directly  related  to  the 
US  and  UK  airworthiness  requirements,  it  is 
interesting  to  compare  briefly  the  principles  and 
benefits  of  the  methods. 

In  both  l(X:al  strain  analyses  and  more  tr.iditioiial  S-N 
methods  the  lite  to  crack  initiation  is  considered 
Furthtr  similarities  exist  between  local  strain  .tn.ilysis 
and  the  S-N  method  used  by  BAe  Kutgston  Indeed, 
the  principle  proposed  by  Heywood  of  relating 
notched  material  behaviour  to  plain  specimen  life 
data  is  very  similar  to  the  lix'al  strain  methcxi. 
Heywocd  stales  that, 

"For  allernalinii  stresses  the  cyclic  plastic  strain 
reduces  the  theoretical  ntaximum  stress  in  the  notch, 
and  it  is  reasonable  to  assume  that  the  reduced  cai  <e 
corresponds  precisely  to  the  stress  in  the  plain 
.specimen,  for  the  same  cycles  to  failure. " 

Where  Heywcaxl  used  stress  as  the  basi 
read-across  fbecause  of  the  vast  mass  of  data 
available),  local  strain  methodology  uses  strain, 

A  major  argument  often  advanced  lor  using  local 
strain  analysis  over  stress-based  mcthixis  is  the 
ability  to  account  for  residual  stress  effects  at  the 
notch  root.  This  is  not  possible  with  S-N  analysis,  bul 
in  many  cases  it  is  debatable  whether  this  shortfall  is 
important.  Often  the  load  history  is  not  available  - 
and  where  it  is.  the  sequence  effects  usually  servo  H 
cancel  each  other.  Unlike  transport  aircraft,  for 
example,  fighter  aircraft  experience  extremely 
complex  load  histories  where  high  positive  and 
negative  loads  ixcur  often  and  evenly  throughout  ihe 
aircralf’s  life. 

Local  sliaiii  aiuilysis  dots  have  a  distinct  l>t'iieli<  m 
coiiiponenls  which  do  not  experience  this  random 
mix  of  loading,  where  one  load  dirivtion 
protimiixic-^  with  iu,'ai»fia|  signifiuKi  chan-v-  ai 
sign  Components  subjected  to  up|x;r  wing  loading- 
can  fall  into  this  category. 

The  generalized  S-N  equations  do  not  allow  such 
refinement,  bul  some  significant  benefits  are  gaiiieil 
hy  Iheir  use  A  vast  amount  of  S-N  d.il.i  h.c-  hcvii 
compressed  inio  a  number  of  equations  covering  the 
entile  range  of  mean  and  alternating  stress,  and  Ihe 


effects  of  stress  concentration,  notch  sensitivity. 

II'.  '■  ize  and  fretting.  This  enables  fatigue 
calculations  to  lie  carried  out  on  most  aluminium  and 
steel  alloys  without  recourse  to  expensive  laboratory 
fatigue  tests. 

The  treatment  of  mean  stress  is  a  notoriously  difficult 
problem  and  outside  the  scope  of  this  Paper,  but  it 
receives  a  rational  treatment  in  the  generalized  S-N 
equations  with  the  tntroduciion  of  a  mean  stre-s 
reduction  factor.  Km,  This  enables  due  allowance  for 
mean  stress  effects  to  be  m.)de  automatically  in 
routine  analysis.  The  treatment  of  mean  stress  in 
Neuber’s  analysis  varies,  two  rules  are  in  regular  use: 
Ihe  Morrow  correellon  and  the  Smith-Watson-Top|ier 
parameter.  Both  have  been  tried  in  the  MCAIR 
.inalysis  system  and  the  latter  is  currently  favoured. 

The  question  of  Ihe  relative  accuracies  of  the  local 
strain  and  S-N  appniaches  is  difficult  to  .cssess.  The 
diffemnt  applications  of  the  melliods  (design  and 
in-service  read-across)  by  the  BAe  and  MCAIR 
preclude  a  direct  comparison  In  any  event,  the 
"accuracy"  of  fatigue  calculation  is  a  rather  notion.il 
concept  as  fatigue  data  are  obscured  by  scatter  in 
results  and  a  profusion  of  secoiid.iry  environmental 
and  physical  effects. 

A  subjective  asse.ssmenl  suggests  that,  when  sensibly 
a|iplied.  there  is  little  to  choose  between  Ihe  two 
methods.  In  both  cases  the  nominal  accuracy  depends 
on  the  suitability  of  the  fundamental  materials  data. 
Tlie  local  strain  methivd  is  comparatively  new  .ind  so 
the  library  of  strain-controlled  test  data  is  not  as 
extensive  as  that  available  for  S-N  data  Conversely, 
the  generalized  S-N  equations  were  derived  over  .^0 
years  ago  and  must  he  re-v.il idaled  w  hen  applied  to 
materials  now  m  common  use. 

4.2.4  The  KTDLS  Method  in  Operation 

To  date,  evidence  from  the  AV-XB  indicates  th.ii  the 
KtDLS  method  has  been  iiistrunienlal  in  |irodiiciiig  a 
rugged,  well  designed  aircraft  This  mu-i  he  Ihe 
tiindamcnlal  me.csure  ot  ihe  worth  of  the  sysieiii.  .is  in 
lx  cost-cfTccIllc  it  Idusl  icsull  III  .tllelici  |l.oduct  A 
sigiiifieiuil  benetil  |s  .ilso  denied  from  ils  use  a-  a 
routine  stressing  I.kiI.  A  wide  spread  awareness  of 
lafnnie  i-  pTolu-XiaJ  at'M  p-t  etigUttST-  cVtc-'Hr.ij-in;’ 
Ihe  control  ol  fatigue  to  he  an  inlegral  I'.trt  ot  ihe 
design  prtKcss 

ll  IS  not  a  panacea,  though.  Fuiid.imeiilal  difl  iciillies  in 
f.itigue  analysis  are  not  removed,  iiarticul.irly  lhal  of 
prediciiiig  where  cr.Kking  wil|st,irt  A  re-desigii  w  ill 
attend  to  those  .treas  which  .ui.tlysis  shows  to  he 
deficient  in  fatigue  streng’h,  bul  il  is  almost  inev liable 
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that  the  areas  which  eventually  give  rise  to  fatigue 
problems  will  be  those  that  were  overlooked  in  the 
design  review, 

A  gixxl  example  of  this  dilemma  is  provided  by  the 
original  design  of  the  fin  forward  attachment  fitting 
of  the  AV-8B,  Fig  7  shows  a  sketch  of  the 
component.  The  front  spar  of  the  fin  is  attached  to  the 
two  lugs  grown  out  of  the  fitting.  Clearly,  this  is  a 
cmcial  joint  and  naturally  its  fatigue  strength  was 
assessed  using  the  KtDLS  method.  The  lugs  were 
identified  as  potential  fatigue  initiation  poinLs  and 
subsequent  fatigue  analysis  indicated  that  they  had 
been  efficiently  designed  with  adequate  fatigue 
strength.  However,  on  the  AV-8B  Full  Scale 
Development  Fatigue  Test  a  failure  of  the  port  fitting 
occurred  at  about  a  third  of  the  required  life. 

The  failure  originated,  not  from  the  lug  bore,  but  fntm 
the  comer  root  fillet  radius,  causing  complete 
separation  of  the  lug  from  the  fitting  A  retrospective 
KtDLS  analysis  of  this  section,  which  involved  a 
special  detailed  finite  element  analysis  to  quantify  the 
stress  concentration,  showed  that  the  fatigue  strength 
was  indeed  inadequate  and  premature  failure  might 
be  expected. 

This  experience  showed  that  the  KtDLS  methtxl  is  a 
reliable  guide  to  fatigue  perlormance  (the  lug  and  the 
fillet  were  correctly  identified  as  non-critical  iuid 
critical,  respectively),  hut  that  detail  designers  must 
remain  alert  to  the  often  insidious  nature  of  stress 
concentrations, 

4,3  CkaratKc  of  Composite  Structures 

The  use  of  carbon  fibre  composite  material  on  the 
AV-8B  was  the  result  of  an  accumulation  of 
experience  gained  on  F-4,  F-15  and  F-18  aircraft.  As 
confidence  and  knowledge  grew,  the  extent  of  CFC 
components  increased,  from  the  mdder  on  the  F-4  to 
the  AV-8B,  where  about  257r  of  the  stmctural  weight 
is  CFC  material. 

A  comprehensive  description  of  the  development  of 
CFC  structure  for  the  AV-8B  is  given  in  Ref  8.  The 
design  and  clearance  of  the  wing  box.  the  primary 
CFC  component  of  AV-8B,  will  be  briefly  examined 
here. 

The  torque  box  comprises  eight  CFC  spars  and  a 
mixture  of  CFC  and  metal  rihs  (where  out-of-plane 
loads  are  high )  attached  to  monolithic  upper  and 
lower  skins.  As  is  typical  for  composite  construclions 
of  any  complexity,  a  "building  block"  approach  was 
used  in  the  design  and  clearance  of  the  structure. 
Throughout  the  programme,  summarized  in  Fig  8, 


particular  attentktn  was  paid  to  the  reduction  in 
matertal  pnrperties  resulting  from  adverse 
environmental  conditions  and  inadvertent  damage. 

The  progressive  build-up  from  simple  elements,  to 
joinLs.  to  sub-assemblies  also  allowed  examination  of 
the  structura!  interaction  effects  which  frequently 
result  tn  the  complex  and  unpredictable  failure  of 
composite  stmetures. 

Except  for  the  centre-line  wing  joint  (see  Fig  9), 
fatigue  was  not  a  principal  criterion  in  the  design 
prtvess.  It  is  well  known  that,  unlike  metals,  an 
ade<|uate  sialic  load  carrying  capability  in  CFC 
structures  normally  confers  satisfactory  fatigue 
strength.  The  use  of  conservatively  low  design  strains 
ensured  that  cyclic  loads  encountered  in-service, 
even  in  conjunction  with  barely  visible  impact 
damage,  would  not  cause  propagation  of  damage. 

Anotlier  noted  properly  of  composite  construction,  its 
sensitivity  to  oul-of-plane  loads,  attracted  special 
consideration  in  the  design  of  the  wing  box.  Where 
point  loads  were  intrtxiuced  into  the  structure,  at 
pylon  attachments  for  example,  carefully  designed 
metal  fittings  were  used  to  minimize  out-of-plane 
loads  in  the  CFC  suucture.  At  the  wing  centre-line, 
quite  high  "kick"  loads  were  caused  by  the  wing 
anhedral  and  the  design  allowables  were  reduced  in 
this  area  m  compensation.  A  sub-assembly  fatigue 
test  of  the  joint  was  carried  out  to  validate  the  design 

The  AV-8B  Full  Scale  Development  fatigue  lest, 
although  part  of  the  overall  qualification  of  the 
airtrame.  was  aimed  principally  at  clearing  the 
metallic  components.  The  combined  full  clearance  of 
mixed  metal  and  CFC  structure  hy  a  single  test  is 
veiy  difficult  to  achieve  and  was  unnecessary  in  this 
case.  For  the  CFC  components,  the  stress  factoring 
required  Incomplete  the  test  in  an  economic 
time-scale  increa'-es  the  risk  of  premature  and 
unrepresentative  failure  of  the  metal  components. 

The  CFC  components  had  been  qualilied  by  the 
rigonrus  building -block  series  of  tests  and  on  the  full 
scale  lest  their  mam  purpose  was  to  obtain  the  correct 
loading  distribulKms  on  the  metal  components. 
Nevertheless,  the  completion  of  testing  without 
incident  on  the  CFC  components  pmvided  further 
confidence  in  the  overall  integrity  of  the  design. 

In  summary,  the  key  axioms  in  the  philosophy 
adopted  in  the  design  and  clearance  of  the  AV-8B 
CFC  structure  may  be  summarized  as  follows: 

o  establish  a  sound  database  by  extensive  testing 
of  elements  and  sub-structures,  including 
environmental  effects 
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()  design  for  stalic  strength  and  keep  design  limit 
strains  low 

o  he  alert  to  the  threat  posed  by  out-ot-plane  loiidings 

4.4  The  AV-8B  Full  Scale  DevelopnH-nt 
FatigM  Test 

The  fatigue  life  of  the  AV-XB  airframe  wa»  proved  by 
a  Full  Seale  Development  Fatigue  Test  (FSDFT) 
which  was  commissioned  in  early  1982.  before  the 
AV-8B  aircral't  went  into  service. 

A  series  of  metallic  component  fatigue  tests  was 
carried  out  to  verify  critical  design  featums  before 
full  scale  testing  was  undertaken,  A  list  of  these 
componenus  is  given  in  Table  2,  Each  component  w  as 
subjected  to  24000  hours  of  the  spectrum  loading  that 
would  be  experienced  on  the  full  scale  test. 

TABLE  2:  AV-SB  METAL  COMPONENT 
FATIGUE  TESTS 


Centre  wing  back-up  fittings 
Centreline  rib  radius  block 
Flap  link 

Inboard  Hap  hinge 
Inboard  aileron  hinge 
Pylon  fitting  seal 
Cross  tie 

Horizontal  stabilator  attach  lug 


For  the  FSDFT.  a  near  structurally  complete  test 
article.  FTV I .  was  installed  in  a  free-standing  lest 
frame  The  most  notable  missing  component  v.  a-  the 
tailplane.  which  was  subject  to  a  separate  full  scale 
fatigue  test. 

The  test  was  scheduled  for  12000  hours  of  loading 
based  on  the  1000  hour  flight-by-llight  "Mean  +  o" 
spectrum.  The  test  loadings  were  applied  .is  a 
nindomized  sequence  and  comprised  positive  and 
negative  ’g’  excursions  with  a  lO'J  asymmetric 
content.  The  symmetric  loads  were  ba.sed  on  the 
"worst-point-in-thc-sky"  maximum  wing  up  bending 
design  condition,  known  as  WBOt.  a  7'g'  symmetric 
pull-up  Hown  at  0,95M  at  9000  ft. 

During  the  derivation  of  fatigue  load  spectrum  an 
analysis  of  USMC  wing  stores  usage  showed  th.n  ihe 
lo.kls  associated  with  ihe  WBOt  design  case  wa- 
overly  conservative.  It  was  agreed  with  NAVaI  i  that 
the  test  symmetric  iiending  moments  should  be  H.iced 
on  the  "worst-point-in-the-sky"  flight  condition,  hut 
combined  with  a  more  representative  store- 


configuration  This  decision  reduced  Ihe  fatigue  le-l 
symmetric  lo,id  case  to  XgiX  of  the  basic  WBOt 
design  case.  Supporting  aiudysis  confirmed  th.it  the 
lest  loadings  remained  coiiserv.ilivc  with  rc-pcct  lo 
average  USMC  usage.  The  AV-XB  le-l  condition  i- 
summarized  in  Table 

TABLE  J:  AV-XB  TE2vT  CONDITION 


Conliguralion 


Aiicralt  Mass  :  22950  lb 
Fuel  Slate  ;  60'(  iiitenial  fuel 

Fu-clagc  Stores  :  Guns  and  ammo 
Centre-line  pylon  -r-  Mk  X2  SF, 

Wing  Stores  :  Inboard  pylon  -i-  2  x  Mk  X2  SE 
Intermediate  pylon  +  Mk  X2  SE 

Flight  Condition 

Mach  No,  Altitude  eg 

0,95  9(XK)ft  I2..m  MAC 


4.4, 1  Test  Results  and  Conclusion 

The  lest  reached  250  hours  by  22  March  19X2  and 
was  completed  on  2  August  the  same  year.  Apart 
from  failures  at  Ihe  uiboard  and  intermediate  wing 
pylons,  the  failure  of  the  port  fin  attachment  lug  was 
the  only  major  incident  to  occur  during  the  te-l.  It 
was  concluded  from  this  exceptionally  favourable 
outcome  that,  subject  lo  appropriate  structural 
modification  to  rectify  these  areas,  the  main 
components  of  the  .AV-XB  airframe  were  structurally 
adequate  to  nicvl  the  safe  life  requirement  of  Ihe 
aircraft  in  USMC  service. 

4.4  2  Motor  Component  haliitue  Testing 

A  fuil  scale  lest  of  an  .nrlr.inie  aim-  to  pros  ide  a 
gener.ll  cle<irance  of  the  principal  structural 
component  However. constraints  imposed  by  Ihe  rig 
.uid  mclhixl  of  load  applicMiion  and  contnil  inevitably 
limn  the  extent  ol  clearance  obtained  To  overcome 
till-  dilficulty  on  the  AV-XB  a  -erie-  of  auxiliary  te-t- 
were  c.irried  out  The  components  arc  identified  in 
Fig.i. 

4.5  FatigiK  Moiiitorin)!  In-Service 

Tlie  culniinalion  ol  elfort  -iK-nl  in  Ihe  design  and 
testing  phases  nininnving  Ihe  risk  ol  f.itigue 
problems  i-  reached  when  the  aircrall  enters  service. 
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To  maintain  this  low  probability  of  structural  fatigue 
failure,  the  fatigue  life  consumption  of  every  AV-8B 
is  monitored  hy  a  software  simulation  of  the 
conventional  aircraft  fatigue  meter  resident  on  each 
aircraft’s  mission  computer.  Data  from  the  inertial 
navigation  system  arc  converted  to  an  equivalent 
normal  acceleration  signal  at  the  nominal  fatigue 
meter  location.  Cumulative  normal  acceleration 
exceedances,  displayed  post-flight  on  the  cockpit 
digital  display  unit,  are  read  off  and  fatigue  index 
values  calculated  hy  application  of  a  fatigue  meter 
formula. 

The  limitations  of  fatigue  meter  based  systems  arc 
well  known  and.  for  the  AV-8B.  an  improved  fatigue 
tracking  system  was  proposed  by  MCAIR  to  extend 
the  ;irea  of  monitored  structure  and  so  reduce 
conservatism  in  fatigue  life  calculations. 

Five  stpjctural  control  points  were  selected.  Fig  10.  to 
monitor  fatigue  usage  on  the  wing,  tailplane,  fin  and 
main  landing  gear.  The  proposed  system  favoured 
calculation  of  com|xinent  loads  from  aircraft 
trajectory  parameters  rather  than  direct  load 
measurement.  The  ease  of  retrofit,  zero  weight 
penalty,  reliability  and  llexibility  of  the  parametric 
solution  were  sc-en  as  its  key  advantages  over  the 
strain  gauge  based  alternative. 

To  reduce  the  amount  of  on-board  pnxessing  -  load 
equations,  derived  with  the  aid  of  llight  load 
measurement  programme  data,  were  optimized  by 
removal  of  less  significant  terms.  The  on-board 
priKcssing  proposed  also  contained  a  peak -trough 
identification  routine  to  reduce  the  load  histories  to 
their  turning  point  values  in  preparation  for  transfer  to 
a  grrtund-based  fatigue  index  computation  routine. 

4.6  Summary  of  A  V-8B  Fatigue  I.lfe  Clearance 
Philosophy 

Base  design  on  suc'ce^^ful  AV-XA  Harrier  slrccturc 

Derive  fatigue  design  loads  from  Mc.ui  +  in  AV-XA 
normal  acceleration  ilat.i 

Design  to  comprehensive  set  of  faligiie  allowahle 
stresses 

For  composites,  carryout  rigorous  "building  block" 
development  test  programme 

Prior  to  full  scale  fatigue  test  carry  out  comprrneni 
tests  on  critical  areas 

Test  full  scale  article  to  2  lifetimes  of  "worst-poinl- 
in-the-sky"  maximum  wing  up  hemting  ca-e.  with 


excursions  beyond  DLL 

Carry  out  supplemental  lesis  of  major  sub¬ 
components  not  cleared  hy  llic  lull  .scale  test 

Monitor  usage  in-service  on  an  individual  aircratl 
basis 


5.  CLEARANCK  AtJAINST  FATKJHE 
-  HARRIER  (;R.r4k.5 

The  AV-8B,  re-named  the  Harrier  GR  Mk. 3.  was 
purcha.scd  by  the  Royal  Air  Force  as  a  repl.icemenl 
for  its  Harrier  GR  Mk., 1 1^x1  BAe  w  a- de-ignated  as 
prime  contractor  to  the  UK  Ministry  of  Defence  lor 
the  supply  and  m-service  support  ol  ilie  aircr.ift.  With 
the  exception  of  some  detailed  structural 
modifications,  the  airtrame  was  that  of  the  AV-XB 

As  the  GR.Mk.5  was  purchased  as  an  existing  design 
there  V'as  no  slated  fatigue  life  requirement  lor  the 
airframe,  hut  this  did  not  discount  the  nevd  for  the 
safe  life  to  be  established  in  its  mieiided  role  in  llie 
RAF, 

The  optimum  clearance  route  was  coiilcmptaled  at 
considcTable  length  hy  ihe  UK  Ministry  ot  Defence 
and  its  technical  advisor.  RAE(F)  From  the  outset,  it 
was  the  opinion  of  the  UK  Authorities  th.il.  though 
much  of  Ihe  clearance  programme  of  the  AV-XB 
would  contribute  to  the  prixcss.  iheie  were  such 
marked  differences  in  US  and  UK  pnvednr.il 
requirements  that  the  results  of  the  ,\V-XB  FSD 
fatigue  test  could  not  be  used  liirectly  to  clear  the 
GR.Mk.5.  This  opinion  was  hirgely  ini'ormnd  by 
experience  gamed  from  the  RAF  Ph.mlom  F4  aircraft 
programme 

5.1  The  Phantom  Experh-nce 

Three  full  scale  fatigue  tests  h.ut  bivn  earned  out  to 
US  requirements  before  the  I’hanloni  entered  service 
with  Ihe  RAF  The  UK  requirements  for  the  design  of 
aircraft. contained  in  Ref  1.  stipulated  III. it  liill  sc.ile 
fatigue  testing  of  an  aircr<tli  should  be  done  under 
realistic  load  conditions  for  a  dur.ilion  ol  up  to  five 
limes  the  specified  fatigue  life  C'le.irly,  such  ,i  test  is 
costly  and  for  an  aircratl  previously  designext  and 
tested,  albeit  to  foreign  airworthiness  reqiiireiiieiits,  n 
was  reasonable  loexamuie  Ihe  possibility  of 
obtaining  clearance  from  exliuil  d.il.i.  However,  iii  Ihe 
case  of  the  Phantom  the  differences  in  US  .nid 
predicted  UK  load  s]ieclra.  particularly  the  deliberate 
inclusion  in  the  US  tests  ol  loads  higher  Ih.ui  would 
be  expected  in  normal  operations,  led  Ihe  UK 
Authorities  to  conclude  that  a  UK  f.il  igue  lest  w  as 
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esscnlial . 

The  comp.irison  of  "hard"  US  and  "siilt"  UK  normal 
accclcralion  spectra  in  Fig  1 1  shows  the  significant 
high  load  content  of  the  US  s|)ectrum.  The  pettlc  loatl 
in  the  US  test  was  I ISCF  DLL  against  95'if  DLL  in 
the  UK  test.  The  omission  of  low  lottd  level  cycles 
from  the  US  spectrum  is  tuiother  im|iort;uit 
difference. 

The  decision  to  pnKeed  with  tin  additional  UK  test 
was  vindicated  by  the  value  of  tlie  inforillation  it 
produced.  Most  suqirisingly,  where  failures  occuircd 
on  both  tests,  the  UK  test  tended  to  experience  lower 
lives,  even  under  the  iqtparcntly  more  benign  load 
spectrum.  The  test  lives  of  two  key  failures  of  the 
wing  are  given  in  Table  4  The  relative  severity  of  the 
two  spcctni  is  taken  into  account  in  the  ratio  of 
Fatigue  Index  (FI)  values  at  failure  in  the  right  hand 
column.  (I(X)  FI  is  ei|uivalcnt  to  45(X)  hours  of  US 
spectrum  testing.)  This  shows  that  in  the  wor.a  case 
the  UK  specimen  had  a  safe  life  of  only  one  fifth  of 
that  demonstrated  by  the  US  lest. 


TABI.K4:  PHANTOM  .  COMPARISON  OF 
US/tK  WINd  FAII,URK-S 


FEATURE 

FAILURE  TIME 

FI  RATIO 

UK  TEST 

US  TEST 

US  :  UK 

f)LTHR  Wise 
SKIN 

7.526 

1I8(J0 

.1,7 

ChMKK  Wise. 
PYI.ON  iioi.i: 

5258 

1 18P() 

>5 

These  results  highlighted  the  iiiabilily  of  simple 
cumulative  d..unage  calculations  to  mad  across 
between  ..pecira  of  markedly  diffeieiit  shape.  It  may 
be  speculated  that  the  increased  number  of  low  load 
level  cycles  in  the  UK  lest  pniinoled  fretting  f.iligue 
aclioiis.  while  the  high  loads  in  the  US  lest 
rnmiduced  beneficial  compressive  stresses  which 
retarded  crack  gniwlh, 

Coin|vlling  evidence  of  the  benefits  ol  testing  to  a 
representative  s|vetrum  is  given  in  Table  V  This 
strongly  indicates  that  the  UK  lest  prov  ided 
inlonnation  more  characteristic  oi  the  ni  scrv  ice 
la'iguc  performance  of  the  strucliire 


TABLES:  PHANTOM  WING  FAII.URES 
SERVICE  VS  TFSTS 


SKKVICl:  I'All.L'Ri:  l.OC  Al  lON 

OL  IliR  WIS(; 

I'K  iTST  US  n-sr 

SKIN  AT35"f  SPAR  A  I'rAOl 

Yi:s 

NO 

SKIN  AT  41"/  SPAR  ATI  ACIl 

Yi:s 

YKS 

SKIN  ATROOTRIB  A  nACIl 

YI-sS 

NO 

SKIN  ATRIVItlliDRlB  AriACII 

Yi:s 

NO 

SKIN  IM\\\  ii<)Ij:s 

YUS 

NO 

SPARH.ANr;i:(59'J^SI».\R) 

YUS 

NO 

RKAR  SPAR  l.rK  K \.IG  Rr  )Ri; 

YI;S 

NO 

RHARSPARI.<K.Ki.L'(tRtK)|  RADIUS  YIvS 

Yi:s 

(l-NIWWIVC. 

VtINCIOl.DRIBII.n.l C,  HORi: 

Yi;s 

NO 

WI.Vi  1  Ol.l)  RIB  HU  I.L  (I  ROOT  RAI ) 

Yi;s 

NO 

Bl.  PYI.ON  lli>|.i; 

YKS 

YhS 

ci  :n  |■Rl  J.lNl  :  spi  .io  :  pi  a  h; 

Yi;s 

NO 

5.2  (iR.Mk.5  Main  Airframe  Fatigue  Test  (MAFT) 
Philosophy 

The  possibility  that  undesirable  life  enhancement 
elTecIs  may  be  inlnxluced  by  the 
"worst -point-in-lhe-sky"  spectrum  had  been 
revognized  by  NAVAIR  at  the  time  of  the  AV-8B 
lest,  hut  the  high  loads  in  the  "Mean  +  3o"  spectrum 
wcTC  considered  to  occur  with  sulTicieni  freijuency 
not  to  produce  these  effects. 

The  UK  Authorities  were  clear,  though,  that  a  second 
fatigue  lest  of  the  .structuie  was  necessary  to  UK 
rcquiieincnts  and  to  a  RAF  normal  acceleration 
spectrum.  In  1980.  Bfse  and  its  subcontractor. 
MCAIR.  began  work  on  the  initial  pn)|U)sal  for  the 
new  fatigue  Ic.st  scheduled  to  start  in  June  1 985.  The 
lest  would  be  carried  out  at  MCAIR  St  Louis  and 
ulilire  much  of  the  AV-8B  FSDFT  hardware. 

While  work  progressed  towards  the  test  set  up.  the 
MoD  hecanK;  alliacled  to  the  idea  of  postponing  the 
test  start  dale  for  several  years  to  allow  time  for 
in-service  loads  to  he  obtained  from  the  early  years  of 
ojierations.  This  strategy  held  a  further  benefit  in  that 
more  consideration  could  be  given  to  the  cle.iraiice 
route  lor  the  CFC  structures  of  the  airframe. 

It  was  estimated  that  a  del.iy  in  testing  ol,  say.  b  years 
would  rcviu ire  .ui  interim  clear.uice  ol  at  least  I5(X) 
safe  hours  to  allow  RAF  0[’x.‘rations  to  prixteed 
without  inleiTuption  To  this  end.  a  detailed  study  w.is 
undertaken  by  the  RAE(F)  toijuantily  tiie  read-acniss 
that  migF'  be  obtained  from  USMC  Hying  luid  the 
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AV-8B  FSDFT. 

Unfortunately,  at  that  stage  RAE(F)  could  underwrite 
an  interim  of  1000  safe  hours  only  and  the  case  for  a 
delay  in  testing  was  severely  undermined.  In  the  light 
of  this  constraint,  the  MoD.  RAE(F)  and  BAe  agreed 
that  the  test  should  proceed  without  waiting  for 
in-service  load  data.  The  thorough  US  development 
programme  for  the  CFC  components  was  deemed 
sufficient  to  qualify  the  structures  in  RAF  usage  and 
modification  of  the  test  loads  for  this  purpose  was 
judged  neither  desirable  or  necessary.  The  test  would, 
therefore,  be  to  traditional  UK  conditions,  namely; 
realistic  loads,  a  duration  etjuivalent  to  five  times  the 
required  safe  life  and  clear  metallic  components  of 
the  airframe  only. 

Further  reappraisal  of  the  test  programme  led  to  the 
transfer  of  the  test  from  its  proposed  site  ui  St  Louis 
to  the  new  BAe  Structural  Test  Facility 


5.3  Cieneration  of  the  GR.Mk.5  MAFT  laradings 

5.3. 1  Normal  Acceleration  Spectrum 

The  normal  acceleration  spectrum  was  derived  from 
RAF  usage  data  of  the  Harrier  GR.Mk. 3  fleet.  The 
RAF  had  compiled  a  draft  Statement  of  Operating 
Intent  (SOI).  Ref  9.  which  set  out  the  planned  usage 
of  the  GR.MIt.5  in  terms  of  13  sortie  profile  codes 
(SPCs).  The  SPC  descriptions  in  the  SOI  were 
compared,  according  to  flying  intensity,  with  the 
seven  SPCs  flown  by  the  existing  GR.Mk. 3  fleet  and 
an  approximate  read-across  table  generated  This 
correlation  of  SPCs  is  summarized  in  Table  6. 

TABLE  6:  HARRIER  GR.Mk J  and  GR.Mk.5 
SPC  CORRELATION 


GRJ 

SPC 

SPC 

GR.5EgLIVAI,ENT 

GROLFING  DKSCRIPTIO 

SR.5  GRJ* 

1 

A 

Display 

0.5 

05 

2 

BCJ 

AtrTnt,  Gentrai  HandUng,  IP 

lOii 

8.9 

3 

DM 

Ferry.  VSTOL  Practice 

3.5 

12J 

4 

EK 

LL  Nav/RcccrarSAP,lli-lo>avn 

30.5 

26.9 

5 

FF.H 

SAP,  T»<:  Recce  ««1th  bounce. 
Weapon  Tmtiring 

42.0 

28.0 

6 

I 

Air  Combat  Manoeuvring 

5.0 

21.8 

7 

G 

L'hra  Low  Level  Flying 

8.0 

1.0 

The  'g‘  spectra  for  each  Harrier  GR.Mlc.3  SPC 
coupled  with  the  GR.Mk.S  utilizations  in  Table  6 
were  used  to  assemble  an  overall  normal  acceleration 
spectrum  for  the  GR.Mk.S.  In  contrast  to  AV-XB,  the 
exceedance  values  at  each  ’g’  level  in  the  overall 
specUum  were  purely  'mean'  values  with  no 
allowance  for  variation  in  the  sample. 

It  will  be  seen  that  approximately  SOCf  of  the 
GR  Mk.5  usage  comprised  low-level  and/or  ground 
attack.  This  coupled  with  minor  adjustments  to  the 
'g'  spectrum  to  account  for  predicted  performance 
improvements  of  the  GR.Mk  5  in  ground  attack  and 
combat,  led  to  the  severe  normal  acceleration 
spectrum,  which  is  shown  in  Fig  '2  and  compared  to 
spectra  from  related  aircraft. 

5.3.2  Generation  of  Manoeuvre  Sequence  anti  Loads 

As  with  the  AV-8B  FSDFT.  the  MAFT  load  sixictrum 
was  to  be  a  flighl-by-flight  .sequence.  Extensive  use 
of  the  technology  developed  for  the  Hawk  T.Mk  .  1 
fatigue  test  was  employed  in  its  derivation 

The  exceedances  in  the  cun'ulative  normal 
acceleration  spectrum  were  de-accumulated  and  the 
counts  sub-divided  into  com|xrnent  flight  profiles.  It 
was  known  that  a  typical  RAF  sortie  would  consist  of 
climbs,  descents,  cruise  at  various  heights  and  an 
active  phase  comprising  ground  attack  and' or  air 
combat.  For  each  flight,  the  'g'  counts  were  arranged 
in  a  sequence  according  to  these  phases  of  the  sortie 
and  manoeuvres  assigned  to  each  count.  The 
manoeuvre  set  was  an  adaptation  of  those  developed 
for  the  Hawk  T.Mk.  I  full  scale  fatigue  test 

A  typical  manoeuvre  sequence  is  shown  in  Table  7 

An  awareness  of  the  need  to  formulate  a  spectrum 
which  would  simulate  m-service  conditions  as  tar  as 
pr.'ssiblc  directed  all  stages  of  the  speclrum 
development  process.  An  example  of  this  philosophy 
was  the  retention  of  a  large  number  of  gust  loads  in 
the  manoeuvre  sequence,  in  spite  of  damage 
calculations  which  indicated  they  would  not  cause 
fatigue  problems  to  the  structure. 

Once  the  manoeuvre  sequence  had  been  finalized,  the 
major  component  loading  generated  hy  each 
manoeuvre  was  determined  from  flight  simulation 
and  loads  model  data.  Again,  the  degree  to  which  loiul 
sequences  were  idealized  for  test  purposes  w.is 
guided  by  the  need  for  a  representative  spectrum. 


TABI.K  7:  TYPICAL  MAFT  MANOEUVRK 
SEQUENCE 

SORTIE  CODE  C  (QFl  Check) 
■g'  Manoeuvre  Type 

-  Ground  Condition 

2  Atmospheric  Gust  (Up) 

0 

4  Maximum  Rale  Turn 

1 

2  Atmospheric  Gust  (Up) 

0 

5  Tight  Turn 
1 

Loop 

1 

0  Atmospheric  Gust  (Down) 

2 
1 

4  Roll  Oil  The  Top 
1 

4  Tight  Turn 
1 

4  Hiill  Roll  iuid  Pull  Tlirougli 
1 

.1  Vertical  Roll 
0 
t 

•1  Atmospheric  Gust  (Down) 

.1 

1 

-  Ground  Condition 

-  Ground  Condition 

-  Gn>jnd  Ci'ndilion 
END 


In  contrast  to  the  lixed.  901}  symmetric  /  10'^ 
asymmetric,  randomi/cd  load  sequence  of  the  AV -XB 
FSDFT  the  GR.Mk  5  MAFT  loading  was  based  on  a 
lull  manoeuvre  simulation  -  the  majority  ol 
manoeuvres  having  some  asymmetric  load  content. 

A  summary  of  the  derivation  procedure  is  given  in  Fig 

1.1 

5..'t..l  F7/i’hr  Condition 

The  loads  of  the  GR.Mk  5  MAFT  were  based  on  the 
night  conditions,  .stores  configuration,  mid-sortie 
mass  and  fuel  state  shown  in  Table  X.  all  of  whiih 
were  represenfafive  of  average  service  usage 


TABLES:  HARRIFTl  GR.Mk.5  TFkST 
CONDITION 


Configuration 

Ain;raltMass:2ll901b 
Fuel  State  :  6(K}  internal  fuel 

Fuselage  Stores  :  Guns  (no  amnio) 

Centre-line  pylon 

Wing  Stores : 

Inhoanl  pylon  +  CBLS  Mk  .l  +  4  \  .1  kg  bombs 
Outrigger  pylon  +  AIM-9L  +  LAU-7 
Intermediate  pykin 
Outboiud  pylon 

Flight  ConditKins 

Mach  No.  Altitude  eg 

065  Sea  Level  I0.20''i  MAC 

0X5  Sea  Level  10.20':}  MAC 


The  manoeuvre  loads  were  predominantly  based  on 
the0.65M  Bight  condition  It  was  found  that  this 
condition  resulted  in  a  very  benign  rear  fuselage  load 
spottnim  and  a  second  lest  condition  at  0  X5M  was 
needal  to  ensure  that  the  tailplane  and  rear  fuselage 
were  more  fully  exercised  by  the  test, 

Fig  12  showed  the  severity  of  the  GR.Mk ,5  normal 
acceleration  spectrum  compared  to  that  of  other 
aircraft,  including  the  AV-XB.  The  picture  is 
somewhat  different  when  the  GR  Mk  5  .ind  AV-XB 
bending  moment  spectra  are  compared.  Fig  14,  The 
0.95M  point  in  the  sky  of  the  AV-XB  results  in  far 
more  severe  wing  nsit  bending  moment  values  than 
the  more  benign  case  selecled  for  ihe  GR  Mk,5 

5,.V4  Kepeuted  Vroiiruninie  Duration 

The  length  of  the  re|>e.ited  test  loail  progr.iiiime 
chosen  for  the  GR  Mk  5  MAFT  wa^  25  equivalent 
Hying  hours  (EFH)  ■  basevl  on  Hawk  T.Mk  1 
experience.  Thi-  wav  coiividered  by  BAe  to  be  a 
suitable  length  for  lest  control  and  aii.ilysis  puq'Oses. 
while  being  of  suflicieiil  duration  t  i  restrict  the 
possibility  of  bias  due  to  the  inadvertent  intriHluction 
of  hidden  sequence  effects  It  was  consider.ibly 
shorter  than  the  KXXfhoui  re|K‘aled  spcctnnti  chosen 
lor  AV-XB  testing  .ind  some  debate  look  pl.iee  with 
RAE(F)  on  Ihe  relative  merits  of  long  .uid  short 
programmes 
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ll  was  ctTiK'ludeJ  that  li>njj  iinigrammes  are  iwtcssar) 
lor  trans|K)rt  aircraft  where  the  llighi  load  histories 
contain  Jistuicl  lo<id  events,  hut  are  tes-s  important  lor 
the  complex  load  histones  ot  conihal  aircntlt 

The  shorter  programiiK-  length  ol  the  CR  M’s  5  also 
letlects  a  subtle  difference  ui  the  aims  of  the  UK  and 
US  tests.  The  UK  test  Is  used,  not  only  to  establish 
the  sale  lile  limit  ol  the  airirame.  but  .ilso  to  provide 
a  comprehensive  basis  lor  the  support  of  the  aircrall 
in-service.  Structural  modifications  and  repairs 
identk'.il  to  those  used  in-servK'e  .uv  applied  to.  .md 
hied  hy.  the  test.  A  prolonged  test  prognuniiie 
complicates  read-acniss  to  the  Meet  -  latigue  tile 
assessments  are  more  easily  accomplished  by 
reference  to  repetitions  of  a  short  progr.iiiiine  ih.in  hy 
fractions  of  a  lengthy  programme.  As  the  emphasis  of 
US  testing  is  more  tuned  to  the  quick  .uid  e.uly 
determination  of  the  ultimate  sale  I  ife.  this 
complication  is  not  as  relevant  A  long  progianime 
may  be  adopted,  thus  avoiding  the  inevitable 
'rounding'  adjustments  caused  hy  the  use  of  a  short 
spcUTim  to  represent  all  in-serviee  llyuig 

5.4  MAFT  KxpcrieiKe 

The  MAFT  was  eventually  commissioned  in  May 
1990  and  has  now  reached  9500  equivalent  Hying 
hours  out  of  the  scheduled  .10000  equivalent  Hying 
hours.  There  have  been  a  number  of  incidents  on  the 
test  which  were  not  pre.saged  by  the  AV-8B  FSDFT 
findings. 

An  interesting  incident  was  discovered  at  7000  hours 
when  the  staiboard  wing  forward  attachment  fitting 
failed.  Cracking  in  the  aft  outboanl  base  of  the 
titanium  fining  caused  total  separation  of  one  of  the 
attachment  lugs.  Fig  15. 

It  was  readily  apparent  from  a  comparison  of  the 
fatigue  loadings  in  this  region  why  the  fitting 
remained  intact  on  the  AV-ftB  test,  while  failure  was 
more  likely  on  the  CR.Mk  5  MaFT.  The  attachment 
arrangement  on  the  wing  rib  is  shown  in  Fig  16.  The 
distribution  of  loadings  between  the  three 
attachments  for  the  CR.Mk. 5  and  AV-XB  up-bending 
cases  is  compared  in  tlie  table  In  the  lower  half  of  the 
illustration.  Under  the  AV-XB  case  the  centr;  and 
rear  attachments  are  in  tension  hut.  due  to  the  alt  CP 
position  of  WBOl .  the  front  is  in  compression  Since 
the  majority  of  positive  'g'  loadings  on  the  AV-XB 
FSDFT  were  derived  from  this  condition,  the  fitting 
was  subjected  to  a  most  benign  fatigue  spectrum.  In 
contrast,  the  CR.Mk.5  up-bending  load  condition 
placed  the  joint  in  tension  and  so  the  fitting  was 
exercised  more  vigorously. 


This  v.Tces  .t-  .i  reminder  thal  lest  lo.k!s  .ire  inevit.ibh 
kleali/alHXisof  re.tlily  ,uid  iiicolve  cen.im 
conii'Tomises.  Where  the  .uni  i»  for  .i  "worst"  rather 
than  a  reiweseiitalice c,L>e.  there  will  .ilwayv  bearisk 
thal  the  ocer-tesimg  ol  the  major  part  ol  the  airirame 
will  be  .icconipanieu  be  .in  andesiied  side-effect  ol 
local  under-lesling 

5.5  Kxlcnl  of  Ckamncr  (iuinrd  from  MAFT 

The  MAFT  IS  Ihe  comer  stone  to  the  f.iligue  cicar.uice 
oflheHaiTHir  GR  Mk  5bul.  in  cMiiiiiion  w  ith  the 
AV-XB  and  all  full  -calc  fatigue  tests,  the  extent  to 
which  Ihe  components  of  the  structure  .ire  tested 
vane’s 

Among  Ihe  major  airfr.inie  coni|viiieiils  not  fully 
cle.iied  by  Ihe  MAFT  is  the  l.utpf.ine  Unlike  Ihe 
AV-XB  FSDFT.  a  Liilpl.ine  is  fitlc’d  to  Ihe  MAFT  - 
but  the  loading  applied  is  derived  from  quasi  steikly 
stale  nvuioeuvres  only  and  cou'ains  no  allowance  for 
vibration  loading.  This  consider.ilion  is  p<irlicul.irly 
important  to  the  tailplane  which,  due  in  part  to  the 
unusual  engine  thrust  configuration  of  the  Hamer, 
experiences  significant  vibration  lo.ids 

A  large  proportion  of  the  tailplane  is  lahricated  from 
CFC  iiialerial  and.  in  common  wilh  otherCFC 
components,  this  portion  of  its  structure  is  considered 
to  have  an  infinite  life  A  sale  life  must  he  obtained, 
though,  for  the  metal  constituents  of  the  stn.cture, 

A  detailed  exammation  has  been  made  of  existing 
data  provided  by  the  development  testuig  of  the 
AV  XB.  The  differing  US  requirements  have  (iroved 
a  fundamental  barrier  to  read-across  of  lives  fmm 
AV-XB  testing.  Once  the  results  of  the  AV-XB 
FSDFT  were  deemed  inappn'priate  for  clearance  of 
the  CR.Mk.5.  then  much  of  the  supplemental  testing 
and  calculations,  which  were  also  based  on  the 
worsl-point-in-thc-sky  tenet,  were  necessarily 
un.icceptable  to  the  UK  Authorities  I  inly  ui  regions 
whcTc  testing  had  been  extended  beyond  Ihe  "two 
lifetimes"  standard  was  there  any  possibility  of 
ohi.iiniiig  a  satisf.Kitory  read-across 

Another  factor  which  toiitribiiled  to  Ihe  ddficullies  of 
read-across  on  Ihe  tailplane  was  Ihe  lack  of  reliable 
bailing  spectra  for  Ihe  CR.Mk  5  components  While 
there  was  a  high  degree  of  confidence  that  Ihe 
manoeuvre  simulations  were  accurate,  detailed 
loadings  on  contml  surfaces  were  not  known  The 
lack  of  such  data  was  a  prime  reason  for  delaying  the 
MAFT  until  such  lime  as  in-service  loading  data 
could  be  incorporated  into  the  spectrum.  Once  a 
decision  had  been  taken  to  proceed  with  Ihe  test 
without  delay  then  Ihe  possibility  of  a  more 
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».«>inp»VhciM\C  i  kMI.UKC 

A  ihirJ  pritMoni  ni  rc.kJ  .in  r* t.iktiijihMiv  .dhklcJ  i«' 
Ui'cij"in.i*  ihc  KiDl.S  .»p|T‘K*ch  !•> ik*'ij*n  vk.is 
Ihc  di)K'ult\  t!i  vh»'‘*'in>!  .tfi  .iro.i  )w»r  ).«iiguc 
Full  vt.ilc  I.jJiv’uo  lo'l'  .iiv  nccv.  tl  hivauHT  H  t"  *'> 
t.htlKUl(  i>>  proJkt  Nfchcro  vr.K'ks  tniii.ttc 

The  iV'Ul!'- . >1  AN  sJi  v-'tnp’ik.Mii  lO'iini:  Nfcerc'»l  fv 
.t"i‘‘l.iiKo  111  lh>'  re^ixM  .i'  laii^ue  l.iilurc' 

*  X  u  rrt\J 

A  pr>>^r.iiiinte  i"  n< in  h.iiul  !>>  ••Hi. mi  i<\tJiti|<  J.tt.i 
Iknii  IliL’Iii  k‘'>iiii;.*  .iju)  ii>(..irr\  «hiI  .kJJithMi.il  tc'^Mtij 

•  ’I  liu*  l.iilpl.mc  .okI  >‘llk*r  ».  >iii|''>iienl'  n.»l  o»\creJ 

MAT  r  file  lli;j|H  tO'i  nto.i'-nrcineiH-  vkill  pr'»\i.le 
iii.iifiiiliuU*'  >»!  l•*r  llic  U*'!  hul  the  .i\cr.iLV 

w»vvUTTciKe' •»!  iIioh.*  li  >.k!' Jnnne  RAF '‘iXTali' »ii' 

\Mli  lia\o  U>  N.*  e'tiniatoJ  It  i'  cxjwtciJ  that  in  "cn  u  c 
^  ita  i>»lkMod  In'tii  the  FVK  S  ( M.V  t  h  *n  ^  1 14 1 1 1 
K*  ii'oJ  t-’  cjinlnnt  the  .kvUI'.kn  -'I  the  a^uiiicvl 

'jv.  ’runt 

1  inie  '<.alo'  have  Kix*n  vniiovkliat  ni*»Tv  pml.'iiiteil 
th.ui  *iMj’inaii\  'iipj^i'^xl  am)  .us  mlcnm  cic.ir.iikc 
nnitc  hj'vvl  ''M  lalieno  pk\lkfi«'n  val».ulali*»ii'  vkill  ht* 
iit.\0".ir\  t*>  w’Nor  ionttiiueJ  ll\iii;j  ••{  ihe  aikr.ttt 
prior  I"  ciinipletion  >>|  tho  .hk)itic»n.il  toMin^  Hie 
uiKcn. lints  mhorent  it  lik*  pTvJkiion>  vkijl  he 
rellect^M  in  the  .klopthut  o|  s.i'n'ers.uiNe  '.iiets 
lactiiiN  vkhkh  vkili  lo.kl  t>i  !••!*  hut.  it  is  hopi\) 
.kvepi.ihle  liNC' 

5.6  Sunimiir>  nf  \\ •HR  ami  <rR.Mk.5  Teal 
ITiikiMiphirs 

The  l‘S  ttf'i  ot  the  .nriraiiic  vk.is  unJeriaken  priiT  t.> 
the  .iirir.!li  ' cnir>  »nji  •  M;r^  kc  vsith  the  TSMC  -uul 
e.irlv  enough  I' iilh'vk  m<  Milk  at  ions  to  pnMuction 
voni['onent'  tii  ihc  esent  ot  le't  lai!urc>  There  S4.t'  n-- 
ken klini!  kOikem  i»'r  the  rcprc'ent.itive  nature  oi  the 
IC'! 'iwtnini,  it  vk.iN  a  r.«i*)onii/eU  "vHiueiKe  ^esere 
111  leriik'sl  lo.kliiie  .ui'l  I kiurrence'.  inteiMesI  to 
hi.ehlighf  l.iti}!iie  lioi-sinU"  e.irls  enough  loasoivl 
e'»Ml>  in-Nen  ke  moJiiKatnm" 

The  (’iR  Mk  MAF'I  philoMiphs  via'  hMiikled-m 
ilillerent  priiKiple"  Ahose  .ill.  ji  ei*iilornied  t"  TK 
reiiuirctnenl'  that  entpiiaM/e  the  need  to  represent  a^ 
ex.ktl)  j'  I'o^ihle  uie  aircr.iltk  average  m-’H.’n  ke 
lo.iding  eiiMionnient  A  lull  live  [i)eiime>  ol  teNiiiie 
I'  ikke'varv  to  cove»‘  the  elleel"  of  >c.Uter  and  en'Ure 
an  aeeeptahU  low  n-'k  o|  in-serMee  lailure  Thn*.  and 
a  prevailing  de'ire  to  eii'ure  niodil  kaiion'*  .ukI 
repairs  are  intoqi«>r.itc\l  on  the  sfH\iinen  in  a  prect^e 
reHeehi’ii  I'l  iii-service  pnetice.  act  to  el'»ngaie  the 
real  time-'-calc.  fl  i'  worth  observing  that  the  AV-hB 
tesi  w,i.'  vnniplele  within  6  nionihs.  while  the  lest  »>1  a 


('.K  Mk  >  I* Her.:  »*»<•/  tile  H.urkT  T  Mk  ?  i.hA  (I.*r 

v. iriou''  re.^MUi'i  vear.  !•  *  vmiii'lete 

FAfvneiKC  tii dale  'ijgge>i'  th.n  the  TK  .tt'pru.xh 
vield'  niiue  reliable  iii|.*rn;.iiii’ii  iK-ut  ihe  tatieue 
|vrh»m.iike  •»!  ihi* 'tnktuu'  HI  'crv  ke  f  itikvl  .i' n 

w. e.  on  Ilk.-  (iK  Mk  '  I.  .liter  Ihe  .iirifalt  lia' 

en’ered  ^krvke  ii  ha' the 'igriilkant  di-.fcls  .oil.iee 
tli.'Ugh.o!  tvtne  unable  i.‘  iiilluenee  .Se'igii  >•!  Ihi* 
airetalt  hePire  luii  "vale  pr. sJikthMi  t'  well  uruK'rwav 
i  Kl.ikvl  TK  rei|uirenkMil'  Re*  Ni  ?>.»w  |a\.*ur  .ui 
eat!\  pre  pr. tkliun-’n  f  Ufj-ie  e''  i.’  apiH  xnn.iie 
KsMiiig'  withal. 'lei  Pl  fe'  ^..iif.ile  k*'!  b^»neMm.* 
(f  'ln  III  >ef\ke  iikM  :i’*  ’:ie''i  tM  -'jMi’ink' 

5.*^  Taliisttr  Mi»tNli»rin|*  lo'Vrvkr 

I  ike  il' 'I'ler  the  ’'li  ‘I.e  ( IK  Mx  '  nl^^!  vi  ,if’ .) 
'.•!tw .ire  l.itigue  nieki  Tie 'x-iieliN  -i 'Oiip^v  av 
i.*‘iixeioe»‘ve  .uni  !■  -w  •|V'.itii..'  v  •'!  'hlaiikvl  Hie 
U'e  **l  a  laligne  nwiei  .ui  iiiuleni.thlc  Nii  the  'V'leni 
I'  tk’vetihele"  nnlii'V'it  ii\  Pie  -tOiv' :'e  -  serekl  • 
liniitekl  .III.!  Mint.. e  e  ..  ;'t»ked 
•iihl’.t'ii'ti  i'r\e  p‘  s V .!  i  »  v"  'oe  Hie  nfvrir  .f'-ie 
I-  v'Trevtlv  u.ien  u'eH “x  :.i‘  e*ie  rneiei  ’  r*-  .ii 

Ihe  l.‘"  .‘I  a  R  AF  H.Kv  iikvi  as  Ifie  1  'tiegei'e.l 
tjie 'C.tTth  l.ir  .»  re('t  Henieti!  t  the  Hiveat  *ij 
t.ilignenk‘lefk\hn. *1  es  \  e  •oitihijt -rv  v.Mi'k.  • 

Ih.tl  kviklenlwi  I V  h,ui-je  III  ‘  -t  iSie  lUvi  whu  h 

h.k!  utideTniii.eknhe  'Meuiii .  ie.ir.uxe  '•^'.imekl  tr^ni 
t)U'  tnil  'iaie  W''  I  'k  '  tuple  l.iiigue  nteler 

slid  n>»l  alert  the  ■  'ivr.«l  u  t  xle'ienei  ••  *  ihe 
\ .iia''if''f>hk  inij'lk.iifUS'  .•!  ihe'V  kii  oiec' 

AvUne  »n  aIv ke  iT  uuHte  K  \F  I  i  Hie  R  AF  '|•eiltk^l 
a rc»juirenK*ni  l.’t  .i  lev  ..e  ’  ‘  e.l  t’evt  wde  ’■>  let'I.K.’ 
the  lauene  meter  wt  \f,  »«.  .i  :  «:•  •  •'  Uk.illv  ni.i 
direvfU  |T>»\nk-  t.iliene  '  ‘'it  -r  v  vei.ige  ’I  iH 
niah'f  lirtr.mie  v*iin'*f.e:':  l)‘ie  t-  nie  ..■•nvetnenils 
»tieiirreiii  imie  »k’'  't  ihe 'V 'Vn;  ,k'\ ei  'p't'ent 
.uid  am.r.Ul  pr-Hj-ivSi'-ri  Hie  ll.in  ivt  ( rR  Mk  or  '*i\' 
w.t-' V  hi»'en  the  -p  hi-  •»  t  *1  ihe.leviie 

Fn»ni  ihee.iriie'i  v  ’lkepn  u  ’  ne  I  iiie'ie 
Moniii»rine  .ukM  iiipniM.*  S'.^'eni  I  \U  s  -’‘.iik 

g. «!ge  tcehn'‘l.‘e\  w.i'  ..>i!.i.‘e»ei!  ihe  “pitinM'r, 
t'H  the  'V'lein  In  |  -  eu  "i.u  e  vpii  leiue  it'  *rii  ,i 
vonij'reheii'ive  .unt  I  n.  e  ‘.thl  Hictl  <  t|  M 
pri»granm.e,  kii.'wii  .t- si  Ms  ^  UTtek*.  m.i  . ■»,  ihe 
K  AF  '  llivi  ot  I  •  »*ii.id.'  .uT.'.tli  I',  hi  ».'n'jeiuleie-!  .• 
vt *ii\  K  lion  ih.ii  'ti.nfi  e.uiA •'  w  :  ill  I T  ide  .1  i -i'  *re 
rcli.iMe  ine.in' ■  niei'iirjii.*  •ei\-..e  l»Md'  Hi. in 
iiulirvs!  leihnMiue  a  m. j  o  »,k'v  t  i\  !  ii.mieki  H  \e 
wh«>  wcreri*'|*'Mi'ihie  h-t  ’he  mo  HI  iti'Si  '’I  the 

h. trdwarv’ on  the  <iK  Mk  ^  .veie  t.i'ke.!  •\\\  w 


liKathms  lorthc  >train 

It  wu''  known  that  the  >v>tent  would  he  limited  to  16 
>(r.un  gauge  ch«innel>.  m)  a  pnnw  con>idcratiim  in  the 
^clcvtion  »|' candidate  location>  w.b  ihe  need  to 
niea>ure  hroaJ  lo«tding  aclH>ns  rather  than  local  loads 
OT  strains  at  hot-sp»)!s.  Tins  would  uKre.ise  the 
op|>»rt unities  tor  rei<d-acn)>s  to  .irc.i'  o\  Mructure  not 
initiallv  uentitteil  latigue  critical  Quite  severe 
toiixiraiiits  were  pl.K'ed  on  the  number  oi  ^uitahle 
Itxaiions  in  this  respect  hv  the  requirentent  to  install 
gauge''  on  all  aircr.ilt  Internal  gauging  I'l  the  wing, 
tor  example,  could  not  he  ellected  within  the 
pnKtuctH>n  programme  .eid  atull  *‘Skopiiiskr* 
c.ilihration  exerciNC  on  e.xh  aircratt  wax  impr4K:tk.il 
Further  t.wttir*  which  influenced  ihe  |'»>xiiion  ol 
gaugex  were  ease  ol  .iceexx  tor  repair  .md.  somewh.il 
con\K.tiiiglv.  xccuritx  from  .tccidenUil  damage 

The  genera]  arr.uigement  ot  the  hMCS  cH|ui)Mticiil  is 
slmwn  in  Fig  17  The  I'oxition  ot  the  hnJgc 
conditioning  miKtnlox.  which  are  ne<ir  to  strain  gauge 
l»Kaiii>ns.  I'Ti'XKle  .ui  iiidkalion  •’!  ihc  xiructural 
overage 

The  prink*  pur;sixc  .a  the  FVK  S  ix  tkvl-wide  fatigue 
mi»nii‘Ting  All  prove^ing  iiece'^.irx  tor  ihi"  t.i'k  i' 
c.iTied  out  onboard  ihe  aircr.tti  Fatigue  index  values 
.tnr  computed  in  real 'link-  and  tr.uisU‘nvd  alter  flight 
it<  gn*und  h<txcsl  svxtent'  In  nu’si  mxt.mcex  lurther 
pnxe'sing  ot  data  on  the  ground  will  he  iifiiH:ce".irv, 
hut  where  re-.ui.iJvv|x  I'rcquirsxl  xuHK.ie!i! 
part- processed  data  .ire  tr.mxterrc'd  w  ith  the  FI  v  alue^ 
t«i  .tlli'w  validation  or  aMrox|x*ctive  .td(iixtmcntx  til  he 
maitc  !iu.<ses  where  ,k\C'x  to  f.»w  duit.s  h  (iOCited. 
the  l.kilitv  exisix  to  rt\‘'rd  un|*r'\e"ed  'train  gauge 

xi4n.tJs 

When  F\K  S  enter'  xcrsicc  it  i'  likclv  that  it  wit!  pl.iv 
an  imf'»>Tlant  par  in  Uie  xIc.iratKc  ’i  the  ni  ^^»r  itenix 
not  iovered  hv  the  MAFl  General  level'  't  <.*ri 
Ke  ohfaiiK*i!  tr  *in  tlight  ic'!'  Nil  until  a  J.itaKixc  ot 
in  'tTvice  Irexjuetkv  ot  ^Xiurretkc  J.iia  i' 
.Keutnulatcd.  i.icar.tnvc  will  rc'i  «n  a"unied  (I'agc  In 
ihix  .ju.txj  i  )LM  n>le.  FMt  S  wji!  prov  ule  ttw  tir'i 
Ci*ntpiehcn'ive  'Ct  of  in  n'rvkc  '!rkiiir.ij  ii'.igedata 
ever  *»htained  tor  .€iv  maik  >1  t'K  H.tfrief  aiar.ilt 

The  ehoxe  to  uxc  'tram  gauec'  *11  FM<  S  wa'  h,»xv»l 
on  the  expericnve  •»!  tikir  uxe  ••n  I  ‘ni-fcl  "  where 
thev  havepmved  reliable  verx.itile  .»id  durable 
Tliea*  .re  dillerence"  ;n  the  two  x\xter  though 
wlikh  lead  to  vertam  .ircaxoi  rixk  tor  I  NK  S  The 
Tornado  SUMS  xvxicm  is  lullv  c.ui6f,»tisl  which  h.i' 
allowed  m«viv  gauged  to  he  pl.iied  m  arc.!'  awav  troni 
vulnerable  attachment  poxnionx  1  )iiiv  eight  aircraft 
arc  instpjmenled  xo>ervice  perx.*npel  aa*  able  to  take 


extra  eaie  with  these  aircratt  without  adversely 
affecting  overall  servicing  times.  The  system  itself  is 
maintained  hy  BAe  petMatnel  .so  there  has  been  no 
need  for  strain  gauge  expertise  in  the  RAF.  Data 
generated  hy  the  SUMS  system  .tre  also  pnicessed 
exclusively  hy  BAe. 

In  these  respects  FMCS  is  a  different  prospect  for  the 
RAF.  A  knowledge  .tnd  awareness  of  str^un  gauge 
technology  1.'  under  dcvciopnwni  and  atlctioon  is 
now  being  paid  to  the  suirage  and  analysis  of  the  vast 
aniikinl  ot  data  th.it  will  be  generated  hy  FMCS. 
(.thimaiely.  there  ix  Inile  douht  ih.it  FMCS  will  be  the 
RAF's  nioxt  p»>werlu)  f.itigue  in.inagement  uwl 

6.  UKSHiN  ANDCI.KARANCK  AGAIN.ST 
FATI<;ilK  -  HARKIKR  r.Mk.lO 

The  RAF  openitcd  a  number  of  two-seat  H.irrier 
vari.ints  alongside  the  MamerGR.Mk..^  aircr;dl  in  a 
derrianding  dual  lighter  trainer  role  Keen  to  maintain 
this  operational  format,  the  RAF  has  ordered  1.^ 

T  Mk  10  two-xeat  denvaiivex  of  the  Harrier 
GR  Mk  S 

There  tx  a  high  degree  ot  con>nt«nialitv  bc*iween  the 
T  Mk  10  and  the  GR  Mk  5.  hiii  thix  pnvurement 
diflerx  m  that  the  new  xinjctureol  the  1  Mk  10  has 
been  designed  to  VK  niijuiretnents,  A  direct  purchase 
“o!Mhe-xhcir'of  the  I'SMC  A\  XB  trainer,  the 
TAV-KB  was  precluded  hv  the  xignificintly  more 
exacting  role  s|'ecilied  lor  the  T  Mk  10  The  rear 
fuselage,  in  pari1cul.11.  h.is  been  strengthened  in 
rcxponxe  toGR  MK  MAFT  lexulis  .uiJ  instances 
.0  'erviceot  aiouxtic  latigue  d.tm.tgc 

A  full  'H.ale  taligue  icsi  i»(  ilic  T  Mk  10  w  ax  deemed 
unneccsx^iry  due  to  the  hro.nJ  nimi»nahlv  of 
'iruvtua*  with  ihelfR  Mk  ^  The  moxi  cxieiixivclv 
ih.tngcd  xtnjctua*  1-  \he  Iron!  tii'elage  wliu.h  is 
t.tbricaled  l.irgelv  Inmi  t  K  matenal  .ind  h,ix  been 
fudged  cle.ired  by  elenkiil  testing  carried  o»ii  tor  the 
TAV  mB  aiar.U?  Ihc  renuinder  ot  the  ‘iiei.illic 
'inivturc  h.ix  been  ..le.ired  by  BAe  ii'ing 
Neuber  b.txeil  KiDLS  c.ilculatioiix  incor]x>r.tiing 
fatigue  hie  hkiors  •  1  live  lor  are.is  'hared  with  the 
GR  Mk  ^  aircratt  .eid  10  lor  new ,  enhancetl  xtnictiire 


7  COM  1 1  SIGNS 

Whatever  laiigno  an.ilyxix  .irnl  test  technu)uex  are 
.xfoptcxl  in  the  dc'i^  and  vlear.ince  ot  ntetallk 
'ir.kturex  .m  underlying  voum.  iou'IV"  inu'i  be 
retained  •»!  the  imp»'xxibihiy  of  .xciirate  la’iguc  life 
prediciKMi  Mixlem  stress  .uialysjx  technupics  h.ive 


removed  some  areas  of  uncertainty  which  had 
previously  rendered  many  fatigue  calculations 
worthless,  hut  scatter  in  fatigue  performance  can  not 
he  eliminated. 

The  introduction  of  stressing  procedures  which 
incorporate  allowable  fatigue  stresses  has  provided 
an  excellent  ttwans  of  promoting  a  general 
recognition  amongst  stress  engineers  of  the  threat 
metal  fatigue  poses  to  simctural  integrity.  But  the 
principle  adopted  by  HSA  in  the  original  design  of 
the  Harrier  that  high  stress  concentrations  should  he 
avoided  rather  than  siuictioned  hy  cideulation  must 
remain  a  priority  in  tiircr.ift  design. 

The  experience  from  the  early  dtiys  of  the  Harrier 
through  to  AV-8B  and  GR  Ml(.5  has  shown  the 
overriding  importance  to  successful  f  atigue  resist.mt 
designs  of  experience  gained  from  forerunners, 
prototypes  and  full  scale  fatigue  testing.  For  Uie 
foreseeable  future,  testing  will  be  invaluable  in 
liKating  those  areas  of  the  structure  which  tire  prone 
to  fatigue  crticking.  Experience  has  shown  that 
fatigue  problems  are  fickle  and  defy  designers 
attempts  to  anticipate  them. 

Tlie  nature  of  test  lotidmgs  and  the  duration  of  the  test 
are  areas  where  US  and  UK  philosophies  diverge. 
However,  it  is  not  unreasonable  to  regard  the  AV-8B 
and  GR.Mk.5  tests  as  complementary  parts  of  an 
overall  programme  which  has  yielded  benefits  for  the 
USMC  and  the  RAF.  Depending  on  the  objective  of 
the  test  each  approach  has  its  merits.  A  short,  sharp 
test  is  useful  at  the  early  design  .stage  to  highlight 
particularly  poor  design  features  which  should  be 
deleted  before  pnrduction  i.s  underway.  A  more 
prolonged  lest,  where  every  attention  is  pttid  to  the 
simulation  of  actual  0|ierations.  i.s  es.sential  if  reliable 
indications  arc  needed  of  likely  fatigue  problems 
in-service. 

An  area  where  US  tind  UK  aulhorilies  agree  is  the 
treatment  of  CFG  components.  CFG  materials 
exhibit  a  larger  variahilily  in  mechanical  properties 
than  metals  and  are  more  susceptible  to  adverse 
environmental  conditions.  For  these  reasons  a  lull 
scale  fatigue  lest  of  the  airframe  is  not  a  viable 
clearance  route  for  GFG  structures.  Qualification  is 
achieved  incrementally  through  testing  of 
progressively  more  complex  elements  and 
subsinicturcs.  Routine  inspection  of  the  GFG 
structure  in -.service  provides  additional  assunince  that 
structural  integrity  is  not  compromised  by  this 
concession. 

There  is  also  general  recognition  that  the  fatigue 
meter  is  no  longer  able  to  monitor  fatigue  usage  on 


modem,  highly  manoeuvrable  combat  aireratt.  There 
is  no  firm  consensus,  tlioiigli.  on  the  most  suitable 
means  of  broadening  the  fatigue  monitoring 
envelope.  The  UK  Authorities  strongly  'velieve  strain 
gauges  are  essential  to  establishing  the  accurate 
loading  histories  on  major  airir.inie  conii'onents. 
while  others  consider  that  load  predictor  ec|ualions 
are  satisfactory.  Bui  there  is  no  doubt  that  cither 
option  will  reduce  the  penalty  incurred  by  the 
continued  use  of  the  fatigue  meter  -  wlieilier  it  be 
unecessarily  massive  smiclure  or  reduced  o|H.'r.iIional 
safely. 
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9.  ABBREVIATIONS 


BAe 

CFC 

DLS 

DLL 

FI 


FMCS 

FSDFT 

HSA 

Kt 

MAFT 

MCAIR 

OLM 

RAE(F) 

RAF 

S-N 

SOI 

SUMS 

USMC 


British  Aerospace 

Carbon  Fibre  Composite 

Design  Limit  Stress 

Design  Limit  Load 

Fatigue  Index.  A  non-dimensional 

number  which,  via  damage  calculation. 

is  used  to  quantify  severity  of  loading 

relative  to  a  defined  datum  (normally  a 

full  scale  fatigue  test  spectrum). 

Fatigue  Monitoring  and  Computing 
System 

Full  Scale  Development  Fatigue  Test 
Hawker  Siddeley  Aviation 
Geometric  Stress  Concentration 
Factor 

Main  Airframe  Fatigue  Test  (GR.Mk.S) 
McDonnell  Aircraft  Company 
Operational  Loads  Measurement 
Royal  Aircraft,  later  Aerospace, 
Establishment  (Famborough) 

Royal  .Air  Force 
Stress- Endurance 
Statement  of  Operating  Intent 
Structural  Usage  Monitoring  System 
United  States  Marine  Corps 


Figurt  1.  The  Hawker  Siddeiey  Kestrel 
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igure  3.  AV-8B  Material  Usage  and  Component 


Eitcttdancet/l2.000Hr 


Fati9ue  Otiign  Condition 
Maximum  Positive  Wing  Sending  Moment 


Figure  4.  AV-8B  Normal  Acceleration  Spectrum 
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Figure  5.  AV-€B  Component  Fatigue  Spectrum  Development 
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Substructure 
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S 
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Static  wing 

YAV-8B  flight  demo 

19B0 

19B1 

FSD  sutic  airframe 

19B1 

19B2 

FSO  fatigue  airframe 

19B4 

or: 

Production  deliveries 

Figure  8.  AV-8B  Composite  Wing  Development  Programme 
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Fi^urts  S  and  9  reprinted  bv  permission  of  the 
Council  of  the  Institution  of  Mechanical  En%ineers 
from  I  Mech  E  Proceedings  I98fi  Vol  200  So  SO. 
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Figure  9.  AV-8B  Skin  Test  Specimens 
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Figure  13.  GR.  Mk.  5 -Derivation  of  MAFT  Loading  Spectrum 
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FATIGUE  DESIGN,  TEST  AND  IN-SERVICE  EXPERIENCE  OF  THE  BAe  HAWK 


John  O'Hsra 
Stmctures  Unit 

British  Aerospace  Defence  Ltd., 
Brough,  Norih  Humberside  HUIS  lEQ 
United  Kingdom 


SYNOPSIS 

The  BAe  HawP  family  is  designed  primarily  to  UK 
regulations,  including  the  safe  life  S-N  fatigue  philosophy. 
S-N  data  pertinent  to  key  structural  features  was  assemble 
at  the  design  stage,  and  fatigue  coupon  /  element  tests  were 
conducted  in  confirmation.  The  Hawk  TMk.l  Full  Scale 
Fatigue  Test  (FSFT)  has  continued  to  lead  the  RAF  fleet,  and 
the  test  loading  has  been  validated  by  a  major  Operational 
Loads  Measurement  (OLM)  exercise.  Incidents  arising  on 
the  FSFT  or  in-service  are  handled  by  several  approaches 
including  S-N  and  fraenue  mechanics  calculations,  testing, 
statistical  analysis,  and  modirications  and  /  or  routine 
inspections  ate  inmxluced  when  necessary.  The  development 
of  the  fatigue  life  clearances  of  the  BAe  Hawk  family  is 
discussed  with  particular  emphasis  on  the  confirmatory 
testing  and  in-service  loads  measurement  necessary  to  ensure 
and  maintain  fleet  aircraft  fatigue  life  clearance. 

1.  INTRODUCTION 

The  current  new  derivatives  of  Hawk  ate  developments  of  a 
successfully  established  aircraft,  the  Hawk  TMk.l. 
Developments  in  engine,  airframe,  and  avionics  technology 
have  enabled  the  design  to  progressively  meet  market  and 
customer  requirementsfor  ever  greatercapability.reliability, 
and  low  maintenance  costs.  The  design  has  evolved  to 
include  a  naval  version  with  carrier  capability,  together  with 
operationally  capable  single  seat  and  twin  seat  variants.  The 
structural  problems  posed  encompassed  both  the  static  and 
fatigue/fractureaspects.oftenleadingtotheneedforextensive 
analysis  and  confirmatory  test  programmes.  The  Hawk  Full 
Scale  Fatigue  Test  (FSFIl  has  to  date  proved  successful  in 
identifying  areas  requiring  modification  and/or  routine 
inspection,  and  it  is  noteworthy  that  no  Hawk  aircraft  has 
been  lost  due  to  structural  faihire.  Validatior  of  the  FSFT 
loading  spectrum  wa.<  obtained  from  the  Hawk  TMk.l 
Operational  Loads  Measurement  programme  which 
comprised  more  than  400  flights  covering  the  range  of 
aircr^t  utilisation.  This  paper  discusses  the  treatment  of  the 
fatigue  life  clearance  of  the  Hawk  TMk.l.  by  calculation, 
test,  modification,  inspection,  and  monitoring.  The  fatigue 
clearance  of  the  naval  T-4S  Goshawk,  designed  to  Mil  Spec 
regulations  and  presenting  different  structural  challenges,  is 
also  discussed. 

2.  HAWK  T-Mk.I  DESIGN  REQUIREMENTS 

Specification  281  D&P  was  issued  by  the  Controller  for 
Aircraft  in  March  1972.  aiid  was  strongly  based  on  tfie 
requirements  of  (1 ).  It  called  for  a  new  tandem  seated  jet  to 
cover  the  course  of  training  between  basic  and  OCU 
(operational  conversion  unit)  stages,  encompassing  general 
haling,  instrument  flying,  navigation,  formation  flying 
and  weapons  training. 


Emphasis  was  placed  upon  the  need  for  low  operating  costs 
and  high  reliability,  and  this  was  reflected  by  the  stringent 
fatigue  requirement  for  the  primary  structure  of  6000  flying 
hours,  factor  S,  to  the  spectra  of  Figure  1 ,  with  a  design  aim 
that  this  be  inspection  free.  Furthermore,  it  was  specified  that 
all  aircraft  equipment  should  comply  with  the  vibration 
requirements  of  (2). 


Counts  per  Hying  hour 
Figure  la 

Hawk  T-Mk.l  Normal  Acceleration  Design  Spectrum 


Figure  lb 

Hawk  T-Mk.l  Fin  Fatigue  Load  Design  Spectrum 


Presented  at  an  AGARD  Meeting  on  An  Assessment  of  Fatigue  Damage  and  Crnek  Growth  Predietion  Techniques’, 
.September  1993. 
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3.  HAWK  T-Mk.l  DESIGN  PROCEDURE 

The  struciural  analysis  of  Hawk  followed  rales  and  employed 
methodologies  which  are  current  today,  of  note  was  the  early 
use  of  finite  clement  modelling  in  the  form  of  the  force 
method. 

Fatigue  was  an  important  coasidcration  in  the  suuctural 
design  and  special  attention  was  paid  to  the  selection  of 
materials  possessing  good  resistance  to  crack  initiation, 
sUess  corrosion  and  crack  growth.  Titanium  interference-fit 
fasteners  were  specified  inkey  wingandfinareas, particularly 
skin  to  spar  connections,  and  the  one  piece  integrally  machined 
wing  skins  minimised  the  number  of  possible  aack  initiation 
locations.  Furthermore,  the  low  wing  configuration  placed 
the  wing  to  fuselage  attachment  links  principally  in 
compression  during  flight,  thus  conferring  good  fatigue 
rcsisumcc. 

Fatigue  analyses  were  based  on  uaditional  Miners  S-N 
methodology,  combined  with  elastically  calculated  bolt  load 
disuibutions  where  appropriate.  Design  spectra,  including 
those  of  Figure  1,  were  derived  from  detailed  data  and 
operating  experience  on  RAF  Gnat.  Hunter  and  Harrier 
aircraft,  covering  the  planned  RAF  Hawk  training  schedule 
ranging  from  general  handling  and  low  level  navigation 
exercises  to  advanced  weapons  training  and  air  comhat 
practice.  Fatigue  element  and  coupon  tests  were 
commissioned  to  confirm  the  •'■-tigue  design  of  key  structural 
features  such  as  the  wing  centre  line  joint.  Figure  2.  including 
assessment  of  life  sensitivity  to  possible  build  tolerances  and 
the  effect  of  interfay. 

Vibration  analyses  were  performed  to  the  Category  4  levels 
of  (2).  which  were  reflected  in  all  pertinent  aircraft  equipment 
procurement  specifications. 


Fig.  2  ■  Wing  Centre  Line  Joint  Fatigue  Test  Specimen 
commissioned  during  the  design  stage 


4.  TE.ST  CONFIRMATION  OF  HAWK  T-Mk.l  DESIGN 

Static  suength  testing  of  the  airframe  was  performed  on  a 
TMk.l  aircraft  structure,  with  the  tailplane  and  aileron  tested 
separately.  Figure  3  shows  the  tc.st  wing  and  fuselage  at  the 
preparation  stage  prior  to  as.scmbly.  Note  the  fitment  of  load 
pads  toenabic  load  application  via  hydraulic  jacks  and  witi'ic 
uees.  Over  700  suain  gauges  were  fitted  to  the  test  article  to 
enable  maximum  information  to  be  derived,  including 
comparison  of  theory  with  practice  and  assessment  of 
variation  in  structural  response  with  load  level.  In  general, 
the  test  article  denionsuated  more  than  adequate  static 
strength,  indicating  substantial  scope  for  future  growth. 

The  TMk.  1  Full  Scale  Fatigue  Test  (FSFT)  indicated  that  the 
design  was  sufficient  to  meet  the  design  requirements,  whilst 
suggesting  that  fatigue  enhancement  of  the  wing  was 
necessary  to  provide  scope  for  significant  service  life 
extension,  and  for  the  mass  growth  that  would  ensue  from 
uprating  the  aircraft’s  capability.  Figure  4  shows  the 
installation  of  tlie  FSFT  for  the  naval  Hawk  version,  the 


T-45AGoshawk,  in  the  Brough  SuucturalTestFacility.'nie 
Hawk  TMk.l  FSFT  configuration  is  along  similar  lines. 


FigJ  -  Hawk  T-Mk.I  Static  Strength  Article  prior  to 
assembly  and  test,  at  British  Aerospace.  Kingston 


Fig.4  -  Installatioh  of  Goshawk  full  scale  fatigue  test 
article,  at  British  Aerospace.  Brough 


S.  HAWK  r-Mk.!  VIBRATION  OLM  PROGRAMME 

Thirty-four  accelerometers  were  fitted  to  the  first  production 
Hawk.  XX154.  sec  Figure  5.  Recordings  were  taken  over  a 
twelve  flight  programme,  and  power  spectral  densities  derived 
for  particular  flight  conditionsatdiffcrciit  structural  locations 
for  a  variety  of  aircraft  configurations,  sec  Figure  6.  This 
work  led  to  the  construction  of  equipment  procurement 
vibration  spccua  for  different  /.ones  of  the  aircraft,  and  these 
are  still  in  use  today. 


FigJ  ■  V'ieiv;,  .showing  the  aaelerometer  locations  for 
the  vibration  trials  aircraft 


•) 
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FigJfia  -  HoMk  Vertical  Vibration  PSD  during  turn  into  Buffet 
Note:  Window  4  Hz 


Tailplane  Tip 


Figjba  -  Hawk  Vertical  Vibration  PSD  during  turn  into  Buffet 
Note:  Window  4Hz 


6.  HAWK  TMk.l  OPERATIONAL  LOAD  MEASUREMENT 

The  TMk.  1 OLM  programme  was  one  of  several,  including 
Tornado,  Jaguar  and  Buccaneer,  lo  be  commissioned  by  the 
UK  MintsU’y  of  Defence  in  the  early  1980’s.  The  principal 
aims  were 

(a)  to  compare  the  Hawk  TMk.l  FSFT  loading  with  in- 
service  loading  at  specified  suuctural  localions.including 
conTirmation  of  the  efficacy  of  the  wing  fatigue  meter 
formula. 

(b)  to  identify  particularly  damaging  flight  regimes. 


<1  OLM  lastrumentatioB 

The  programme  employed  two  instrumented  aircraft  and 
encompassed  more  than  400  flights  covering  the  range  of 
Hawk  TMk.l  utilisation.  A  Plessey  Structural  Usage 
Monitoring  System  (SUMS)  was  installed  in  each  aircraft, 
recording  14  strain  gauge  bridge  outputs  (see  Figure  7)  and 
16aircraftparameters(seeTable  l)onone(}90cassettetape. 
Flight  durations  are  typically  one  hour,  and  the  following 
measures  were  inirodu^  to  maximise  the  amount  of  useful 
recorded  data  ;- 

(a)  the  recording  system  start-up  wasdelayed  until  selection 
of  95%  throttle  angle  setting,  as  opposed  to  engine 
switai-on.tominimise  pre-flight  expenditureof  recording 
time,  which  was  limited  to  67.5  minutes  at  full  sampling 
rates. 

(b)  a  dau  compression  facility  was  incorporated,  with  the 
SUMS  equipment  automatically  selecting  either  fast  or 
slow  recr^ing  rates  dependent  on  flight  conditions.  A 
low  sampi  ing  rate  (data  compression)  was  used  for  those 
parts  of  a  flight  which  result  in  structurally  insignifleant 
conditions-Thc  decision  to  switch  from  the  full  recording 
ratesofTable  1  occurred  when  relevant tn'ggerparameters 
fell  below  preset  threshold  values. 


Hg.7  -  Hawk  OLM  Strain  Gauge  Locations 

Refer  to  Table  i  for  delaiis 


The  suain  gauges  of  Figure  7  were  located  as  for  the  Hawk 
TMk.  1  FSFT  to  provide  readacross  and  to  facilitate  meeting 
the  two  priiKipal  aims  6(a)  and  6(b)  above.  The  low  stress 
gradient  nature  of  the  gauge  locations,  together  with  the 
good  accuracy  of  properly  instal  led  modem  day  strain  gauges, 
the  checks  provided  by  two  identically  gauged  aircraft,  and 
consideration  of  cost  led  to  the  decision  not  to  load  calibrate 
the  OLM  aircraft.  This  decision  proved,  in  the  main,  to  be 
reasonable.  However,  the  collection  and  analysis  of  a  very 
large  body  of  data  often  involves  dealing  with  surprising  or 
conflicting  information,  which  only  strain  gauge  load 
calibration  may  be  able  to  resolve.  One  of  the  conclusions  of 
the  programme  was  that  load  calibration  should  be  included 
in  future  OLM  exercises. 
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Symbol 

Location  /  Parameter 

Sampling  Rate 

SOI 

Tailplane  Port  Top  Skin 

32 

S02 

Tailplane  Starboard  Top  .Skin 

16 

S03 

Tailplane  Jack  Hor 

16 

S04 

Fin  Front  Spar  Root 

16 

SOS 

Fin  Rear  Spar  ftooT 

16 

S06 

Port  Wing  Auxiliary  Spar ,  Web 

8 

S07 

Port  Wing  Front  Spar ,  Rib  1-2 

8 

SOS 

Port  Wing  Rear  Spar ,  Rib  1  -2 

8 

S09 

Port  Wing  Front  Spar ,  Rib  7 

16 

S10 

Port  Wing  Rear  Spar ,  Rib  8-9 

8 

S11 

Starboard  Wing  Front  Spar ,  Rib  7-8 

8 

Si  2 

Starboard  Wing  Rear  Spar ,  Rib  8-9 

8 

S13 

Top  Longeron  Port ,  Frame  t2-14 

8 

S14 

Top  Longeron  Port .  Frame  20-21 

8 

SIS 

Fin  Front  Spar  Root  -  Reversed 

- 

SI  6 

Fin  Rear  Spar  Root  -  Reversed 

S17 

Tailplane  Flinge  Port 

- 

S18 

Tailplane  Flinge  Starboard 

NAC 

*  Normal  Acceleration 

8 

IAS 

'  Indicated  Airspeed 

2 

ALT 

*  Pressure  Altitude 

4 

LAC 

'  Lateral  Acceleration 

8 

TPA 

*  Tailplane  Angle 

8 

AAP 

*  Aileron  Angle  -  Port 

8 

AAS 

Aileron  Angle  -  StarPoard 

8 

RUD 

*  Rudder  Angle 

8 

FLA 

*  Flap  Angle 

8 

P6 

•  P6 

8 

THA 

’  Throttle  Angle 

8 

VAS 

Vertical  Acceleration  -  Starboard  Wing 

8 

CWP 

Central  Warning  Panel  ) 

1 

UND 

Undercarriage  Down  )  _ 

1 

ABP 

Airbrake  Position  } 

1 

UNU 

Undercarriage  Up  ) 

1 

Notes:-  1 .  Sampling  rates  are  quoted  in  samples  per  frame.  The  SUMS  equipment  records  at  2  frames  per  second 
?.  The  sampling  rates  given  apply  when  the  SUMS  equipment  is  operating  in  uncompressed  mode 

3.  Gauges  SIS,  St  6.  317  and  St  8  are  strain  gauge  outputs  derived  from  other  strain  gauges, 

4.  •  ■  Parameter  which  is  part  of  the  standard  ADR  system. 

Table  I  -  Hawk  OLM  Measurement  Details 


62  Analysts  Procedure 

Comparison  of  in-scrvicc  fatigue  loading  with  that  of  the 
FSFT  was  performed  using  S-N  damage  ealculaiions  at  eaeh 
of  the  strain  gauge  locations.  Mean  S-N  curves  were  selected 
to  represent  the  structural  feature  monitored  mo.stclosely  hy 
each  strain  gauge  on  the  basts  of  shape,  such  as  high  or  low 
load  transfer.  They  were  set  to  predict  either  actual  FSFT 
arisings.  or  imaginary  incidents  upon  the  application  of  the 
next  KFF  loading  cycle,  using  rainflowcd  strain  histories. 

On  completion  of  each  OLM  flight,  the  C90  cassette  was 
despatched  to  BAc  Brough  together  with  the  appropriate 
MoD  form  725  giving  details  oi  mi.ssion  type,  aircraft 
configuration,  take-off  and  landing  weights  together  with 
fatigue  meter  readings.  The  cassette  was  replayed  and  copied 
to  disk,  and  a  quick  look  chan  containing  a  plotted  time 
history  of  each  strain  gauge  and  aircraflparamcicr  produced. 
A  ponion  of  a  typical  quick  look  chan  is  shown  in  Figure  8, 
Corrupt  data,  including  spikes  and  dropouts,  were  removed. 


a.id  each  strain  gauge  history  rainflowcd  prior  to  dedicated 
S-N  analysis.  The  use  of  S-N  curves  fitted  to  FSFT 
performance,  asdisctissed  above,  enabled  direct  comparison 
of  in-servicc  and  FSFT  damage  rates,  thus  providing 
confirmation  of  the  fleet  clearance  conferred  by  the  FSFT, 


STSw  Tims  Mm  47S«c 


FixK  -  Seumcnt  of  Hawk  OLM  quirk  look  i  hart 


Fatigue  monitoring  of  in-service  Hawk  TMk.l  wings  is 
provided  by  a  fatigue  meter,  which  cumulatively  records 
exceedances  of  discrete  normal  acceleration  levels,  and  is 
located  close  to  the  cenue  of  gravity  of  die  aircraft.  Figure  9 
indicates  the  variation  of  incremental  bending  moment  with 
wing  span  location,  due  to  rolling  during  asymmetric 
manoeuvres,  leading  to  the  lowering  of  the  allowable  wing 
fatigue  sness  in  the  outboard  direction  when  the  flight 
spectrum  is  not  solely  symmetric. 


0.0  0.4  0.8  1.2  1.6  2.0  2.4  2.8  3.2  3.6 


Wing  Span  (metres) 


Wing  Lateral  Station  (metres) 


Fig. 9  •  Effect  of  Wing  Spectrum  Asymmetric  Content 

Therefore,  since  the  fatigue  meter  records  on' y  the  symmetric 
acceleration  component,  Nz,  of  any  particular  manoeuvre,  it 
was  important  to  establish  that  the  fatigue  damage  rates  per 
F.l.  (wing  fatigue  accruement  is  measured  by  the  fatigue 
meter  in  terms  of  Fatigue  Index  units),  calculated  for  each  of 
the  FSFT  wing  suain  gauge  histories,  were  at  least  as  great 
as  those  inferred  from  the  OLM  strain  gauge  measurements. 

6  J  Analysis  Results 

The  analysis  concluded  that  the  fatigue  meter  was  in  fact 
adequately  monitoring  the  aircraft,  inferring  sufficient 
asymmetric  manoeuvre  content  for  the  FSFT  loading 
spectrum. 

The  analysis  also  showed  that  the  FSFT  fin  loading  adequately 
covered  the  most  damaging  normal  service  usage,  again 
supporting  the  degree  of  asymmetric  content  within  the 
FS^  loading  spectrum. 

The  position  regarding  the  fuselage  and  tailplane  wa.s  less 
clear  cut.  Inspeaion  of  tailplane  strain  gauge  flight  traces 
showed  significant  vibration  activity  dtiring  certain  mission 
types,  which  was  surprising  in  view  of  the  length  of  time  the 
TMk.l  had  been  in  service  bearing  in  mind  it  had  not  been 
reported  by  any  airaew.  Analysis  highlighted  three  main 
vibration  modes  and  calculation  indicated  that  such  loading, 
whilst  not  particularly  damaging  in  real  terms,  substantially 
undermined  the  then  achieved  FSFT  tailplane  clearance.  A 
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special  empennage  OLM  vibration  trial  was  commissioned, 
employing  much  higher  digital  recording  rates  as  well  as 
analogue  measurements  to  ensure  that  the  vibration 
mechanism  was  properly  understood.  Figure  10  illustrates 
the  problem  of  selecting  digital  sampling  rates  for  strain 
gauges  in  vibration  environments,  highlighting  the  possibly 
serious  underestimation  of  strain  magnitudes  produced  by 
slow  sampling  rates.  The  results  of  this  special  programme 
formed  the  basis  of  the  Interim  FSFT  which  brought  the 
clearance  of  both  tailplane  and  fuselage  up  to  that  of  the  fin 
and  wing  without  incident,  as  predicted  by  calculation. 


Digitally  tillered  and  sampled 

20  to  simulate  ULM 

]  Analogue  Data  Digitalty  titered 


^  ^  r^' 


Time  Seconds 


Fig.lO  -  Comparison  of  OLM  4 
Analogue  Derived  Response  to  Buffet 


In  general,  substantial  scatter  was  observed  betweendamage 
rates  calculated  from  notionally  similar  flights.  This  scatter 
was  evident  over  the  full  range  of  mission  types,  justifying 
the  large  number  of  400  successful  flights  specified  at  the 
outset  of  the  programme. 

It  islikely  that  the  scatter  within  specific  mission  types  arose 
priiKipally  from  two  main  sources 

a)  naturally  occurring  differences  between  similar  flights. 

b)  insufficiently  precise  mission  labelling. 

Mission  identifiers,  known  as  Sortie  Pattern  Codes  (SPC), 
may  each  encompass  variations  of  one  particular  flight  type, 
and.  bearing  in  mind  the  marked  sensitivity  of  calculated 
fatigue  damage  to  changes  in  load  levels  and  utilisation 
profile,  one  may  deduce  that  b)  above  may  contribute 
significantly  to  the  touil  scatter.  Possibly,  greater  focus  of 
mi.ssioii  descriplions  would  reduce  such  uncertainly. 

7.  POST  OLM  ANALYSIS 

Following  the  successful  conclusion  of  the  Hawk  TMk.l 
OLM  programme,  attention  was  focused  on  the  unmonilored 
structure,  which  attracts  an  additional  life  factor  of  1.5 
compared  with  shucturc  monitored  by  the  fatigue  meter.  (3). 
Since  fatigue  damage  accniemcnt  varies  markedly  with 
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Utilisation,  and  given  the  large  body  of  data  covering  key 
suueture  over  the  full  range  of  TMk.  I  utilisation,  analyses 
were  eonducted  to  establish  whether  monitoring  of  the  wing 
only  was  adequate.  These  analyses  showed  that  the  usual 
additional  unmonitored  factor  of  1.5  was  adequate  for  the 
tailplane  and  fuselage  where  stress  levels  were  sufficiently 
low.  However,  it  was  considered  prudent  to  introduce  passive 
monitoring  of  the  TMk.l  fin,  using  OLM  derived  damage 
coefficients  foi  each  SPC,  to  cater  for  those  fin  suncturcs 
which  might  be  subject  to  utilisation  spectra  markedly 
departing  from  the  design  spectrum.  Consequently,  a  SPC 
dependent  fatigue  damage  formula  has  been  issued  for  in- 
service  Hawk  TMk.l  fins. 

Current  MoD  policy  is  moving  towards  retention  of  the  1 .5 
additional  factor  in  cases  where  an  OLM  programme  has 
been  conducted  and  regularly  revalidated  (4) ,  increasing  :liis 
factor  in  the  absence  of  such  programmes.  Conversely,  (4) 
discusses  the  possibility  of  reducing  the  1 .5  factor  in  ca.scsof 
OLM  derived  passive  monitoring.  Note  however  that  this 
alleviation  has  not  been  ititroduced  for  Hawk  TMk.l  fins. 

Further  Hawk  TMk.l  OLM  programmes  are  likely  to  be 
commissioned  aseircumsumcesdictate,  either  in  response  to 
marked  changes  in  utilisation,  or  as  data  collection  exercises 
in  pursuit  of  solutions  to  specific  fatigue  problems. 

8.  TREATMENT  OF  FSFT  AND  IN-SERVICE  ARISINGS 

Where  the  test  loading  has  bccnrcprcscnuttivc,  all  significant 
fatigue  incidents  so  far  have  arisen  first  of  all  on  the  FSFT. 
One  recent  arising,  cunently  under  investigation  and 
involving  several  separate  bolt  failures,  may  be  caused  hy 
tensile  residual  stresses  induced  by  heavy  asymmetric 
landings.  This  class  of  residual  stress  problem,  induced  hy 
occasional  overloads  outside  the  scope  of  the  fatigue  design 
spectrum,  is  difficult  to  identify  on  even  the  most 
comprehensive  OLM  programme,  and  is  likely  to  remain  a 
source  of  u.ncxpcctcd  arisings  on  many  types  of  aircraft  in 
years  to  come. 

8.1  Investigation  Procedure 

Generally,  following  the  discovery  of  a  new  problem,  fleet 
structural  integrity  is  maitttaiiied  by  the  application  of  some 
or  all  of  the  following. 

a)  the  crack  may  be  removed  and  subjected  to  metal  lurgical 
examination,  including  assessment  of  the  initiation 
process  and  slrialion  counting  where  possible. 

b)  slressanalysis  of thecomponent  is  conductcd/confirmcd, 
often  involving  finite  element  analysis  and/or  .strain 
gauging,  and  appropriate  S-N  analyses  performed, 

c)  strain  tracking  crack  initiation  methodology  may  be 
employed  to  account  for  the  effect  of  spectrum  shape, 
especially  useful  in  the  case  of  compression  induced 
tensile  residual  stresses. 

d)  coupon/clemcnt  tests  may  be  performed  in  confirmation. 

e)  LEFM  is  used  to  predict  crack  growth  history. 

a),  b),  c),  d)  and  e)  above  arc  used  to  explain  the  pre.sence  of 
the  crack  and  to  specify  any  in-service  inspection  intervals. 


Stress  levelsand/or  S-Nandda/dndaiamay  be  ‘tuned’  in  line 
with  the  observed  crack  discovery  time  and  the  results  of  a) 
above.  In  eases  of  doubt  concerning  the  read  across  of  FSFT 
loading  to  in-serviee  usage,  some  ground  and/or  flight  strain 
measurements  may  be  commissioned. 

8J  Fleet  Action 

Regular  inspections  will  almost  always  be  inlrodueed.  They 
may  be  employed  temporarily  to  maintain  fleet  structural 
integrity  until  a  suitable  repair  or  modification  is  embodied, 
or  included  in  routine  inspection  schedules  if  aphilosophy  of 
repair  or  modification  on  condition  is  adopted. 

8J.I  Inspection  Reauirements 

Inspection  specifications  usually  comprise  the  following. 

a)  an  inspection  procedure  /  tc'^hnique. 
h)  an  initial  in.spcction  time  /  life  point, 
c)  a  regular  inspection  interval. 

b)  and  c)  above  depend  critically  on  the  efficacy  of  the 
method  specified  in  a).  Additional  factors  of  safely  above 
those  usually  .specified  are  incorporated  where  the  inspection 
method  is  considered  to  he  less  than  normally  reliable, 
owing,  for  example,  to  poor  access  or  low  sensitivity. 

The  initial  inspection  point,  after  which  regular  inspection  is 
required,  may  be  set  solely  by  consideration  of  incident 
times.  However,  it  is  often  more  efficient  to  first  of  al  I  inspect 
on  a  flectwidc  basis  to  esuiblish  the  population  values, 
obtaining  the  current  lives  of  both  affected  and  unaffected 
components,  and  employ  statistical  techniques  to  predict  a 
'safe'  initial  inspection  point  based  on  a  nominal  level  of 
confidence. 

Following  such  a  flectwidc  inspection,  let 

X,,  .Xj . x^  be  the  lives  of  cracked  components 

/.j . be  the  lives  of  uncracked  components 

Let  y  =  f  (x,  jj),  X  >  0.  be  the  probability  dens  ty  fimetion  of 
time  to  cracking  X  of  the  component,  where  U  is  the  vector  of 
distribution  parameters. 

(eg.  B  =  fF'.er)  in  the  case  of  a  normal  disuibuiion) 

Then  B  may  be  estimated  by  maximising  the  Likelihood 
function 

m  ri  -w 

L  =  n  l(x  JJ)  n  g(/.,.JJ)  where  g/x.^i)  =  J  l(s,Ji)  ds 
1=1  )=1  '  r 

and  the  maximum  likelihood  estimate  of  the  ‘safe’  first 
inspection  point  .S^  is  then  obtained  from  the  solution  to 

l-g(S^.D  =  a 

where  u  istbepre.set  level  of  risk  (often  of  the  order  of  10  ’). 

l.og-normni  and  two  pttiameter  Weibull  distributions  have 
been  successfully  employed  on  Hawk  problems  in  setting  the 
value  of  .S  .  Note  however,  that  whilst  both  distributions 
oficn  yield  very  similar  values  ot  S^,  the  hazard  function,  or 
age  specific  failure  rate. 

h(t)  =  liin  Probft  <  X  <  t  +  At  t  <  X) 

Al  >11  At 


« 
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of  the  log  nomial  distiibution  is  non-monoionic,  suggesting 
that  the  distribution  may  not  in  certain  cases  be  suitable  for 
predicting  future  population  behaviour,  restricting  its  use  to 
the  estimation  of  S^. 

Prt^ble  errors  in  the  estimates  of  Q  and  may  be  derived 

from  likelihood  theory. 

9.  T-45  GOSHAWK  FATIGUE  DESIGN 

The  T-45  A  Goshawk  is  a  naval  version  of  the  Hawk  TMk.l, 
and  has  been  designed  by  BAe  and  MDC  to  be  crack  free  for 
14400  flying  hours,  factor  4. 

The  structural  analysis  procedures  follow  US  Mil  Spec 
regulations,  as  opposed  to  UK  Av  P  and  DEF  STAN 
requirements,  including  the  use  of  the  Neuber  crack  ini'iaiion 
method  to  establish  adequate  fatigue  life. 

Fatigue  allowable  stresses  were  derived  from  minimum  life 
spectra  determined  by  truncation  analysis,  as  shown  in 
Fig.ll.  A  comprehensive  coupon/element  fatigue  test 
programme  was  commissioned  in  support  of  the  initial 
fatigue  calculation  effort,  including  checks  on  spectrum 
sensitivity  to  confirm  minimum  life  spectrum  conf  igurations 
and  testing  of  alarge  wing  panel  to  conf  ^rm  damage  tolerance. 


T-45A  Lower  Wing  Skin 
to  Front  Spar  Connection 


Truncation  Level 


T-45A  Undercarriage 
Attachment  Lugs 


Fig.  1 1  -  Typical  Life  v  Truncation  Level  Analyses 

Particular  attention  was  paid  to  the  influence  of  the  much 
greater  landing  loads  encountered  during  carrier  operations 
on  spectrum  shape  and  severity.  The  incorporation  of  the 
effects  of  residual  suesscs  on  time  to  crack  initiation  proved 
to  be  particularly  beneficial,  especially  in  cases  of  tensile 
rcsidutl  sUcss  which  can  profoundly  affect  the  initiation 
time  ?t  features  considered  to  be  experiencing  mainly 
compressive  applied  sucsscs. 


This  latter  point  was  amply  demonstrated  during  the  design 
of  the  wing.  Calculations,  shown  in  Fig.  1 2,  indicated  early 
crack  ini  tialion  in  the  upper  wing  skin  at  certain  access  panel 
attachment  holes,  caused  by  substantial  tensile  residual 
suesses  induced  by  high  Nz  manoeuvres.  Simple  coupon 
tests  were  commissioned.  Fig  13,  and  confirmed  the 
calculations  which  indicated  that  a  30%  reduction  in  notch 
stress  level  was  required  in  order  to  meet  the  specification. 
The  option  of  instiling  titanium  mterferenre  fit  fasteners 
was  not  available  owing  to  the  need  for  routine  in-service 
paiKl  removal,  and  hole  cold-working  is  not  efficacious  in 
such  compression  problems.  Several  different  designs  of 
steel  bu^  were  evaluated,  and  cracked  a  30%  to  50%  of  the 
life  requirement  with  the  skin  still  uncracked,  thus  not 
meeting  specification.  Following  further  investigations, 
Copper-Bcrylium  interference  fit  bushes  were  tested  and 
complied  with  specification. 

T-4SA  Wing  Upper  Skin  Crack  Initiation  Analysis 


Fig.  12  -  T-4SA  Wing  Upper  Skin 
Crack  Initiation  Analysis 


Holes  'A'  &  'B'  unbushed  in  early  tests  which  confirmed 
the  problem.  Further  tests  performed  with  bushes  to 
identify  the  fatigue  solution. 

q. 


Fig.  1 3  -  T-45  A  Upper  Wing  Skin  Coupon  Specimen  to 
Asse.ss  Cvrrtpression  Induced  Fatigue 
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T45  A  and  Hawk  aircraft  possess  many  common  structural 
characteristics.  However,  a  significant  structural  difference 
lies  in  the  method  of  undercarriage  attachment.  Compared 
with  Hawk,  much  greater  energy  absorption  capability  is 
required  of  the  T-45A  landing  gear.  In  response  to  this 
requirement,  the  wing  structure  has  undergone  some 
reconfiguration,  including  the  adoptionof  aone  piece  landing 
pick  up  rib  running  from  the  auxiliary  spar  to  the  rear  spar, 
necessitating  a  split  in  the  front  spar  shown  in  Fig,  14,  The 
structure  was  considered  less  amenable  to  accurate  analysis 
than  usual,  due  to  the  complex  imextion  of  landing  and 
flight  loads  at  several  significant  locations. 


Fig. 14  ■  View  showing  split  in  T-45A  wing  front  spar 


Fig. 15  ■  View  on  top  surface  of  T-45A  Fre-production 
Wing  Fatigue  lest  Fig 


Fig.  1 6  -  (leneral  view  of  1-45 A  Pre-production 
H'in^  Fatigue  lest  Fig 


Thus,  a  major  fatigue  test  was  commi  ssioned  and  perfonned 
b)  BAe  to  investigate  the  structural  integrity  of  this 
configuration.  Figs,  15  &  16.  and  was  scheduled  to  protect 
the  first  hatch  of  production  aircraft  in  ca.se  design  changes 
were  required  Two  important  incidents  arose  towards  die 
end  of  testing 

a)  cracking  in  the  low  er  flange  of  the  front  spar  at  the  second 
fastener  hole  just  outboard  of  the  landing  rih.  Fig  17. 

h)  cracking  of  the  lower  skin  edge  at  the  main  landing  gear 
cut-out  radius.  Fig.  18, 

Incident  a)  was  caused  hy  over- zealous  sieppingdown  of  the 
sjiar  flange  thicknessas  it  terminated  outboard  of  the  landing 
rib.  and  was  cured  hy  a  small  increase  in  thickness. 


Fig  17  -  V'leiv  showing  lower  flange  of front  spar  outer 
Crack  runs  from  2nd  fastener  hole  Outboard  of  Fib  7 
towards  free  edge 


* 
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Fig.18  -  View  showing  crack  in  lower  skin  inboard  of 
Rib  7 


Incident  b)  arose  even  though  the  inaettental  stress/g  was 
reduced  to  approximately  65%  of  the  surrounding  region 
value.  Finite  element  analysis  indicated  that  the  crack  had 
initiated  at  a  point  where  flight  induced  stresses  (mainly 
tensile)  and  landing  induced  stresses  (mainiy  compressive) 
each  concentrated  substantially,  though  not  each  at  their 
peak  concentration.  This  unusual  circumstance  led  to 
significant  stress  ranges  within  the  fatigue  spectrum.  Coupon 
testing,  Fig.  1 9,  identified  high  strain  energy  density,  due  tu 
the  shallow  stress  gradient  induced  by  the  large  notch  radius, 
as  ihcprincipal  cause  of  earlier  than  expected  crack  initiation, 
magnifyingtheeffectivefatiguesuesslevelbyapproximately 
1.3.  Research  is  cunently  underway  at  BAe  into  this 
mechanism,  which  tends  to  occur  at  holes  above  a  certain 
diameter  and  at  appropriately  shallow  notches,  and  initial 
results  are  encouraging.  Extensive  finite  element  analysis 
identified  iheneccssary  design  changes,  including  separation 
of  the  flight  and  landing  stress  concenuations,  to  the  cut-out 
profile  within  space  constraints,  which  was  proven  by 
confirmatory  fatigue  and  static  testing.  Details  are  given  in 
Fig.  20  and  Fig  21,  including  the  benefits  of  the  local 
thickening  adopted  as  part  of  the  solution. 
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Fig.  19  -  Lower  Wing  Skin  Coupon  Test  Specimen 


Spanwise  Loading 


Fig.2la  -  Cruciform  Static  Specimen 
Plot  of  Measured  Strain  v  Position  Around  Profile 


Fig.2lb  -  Comparison  of  FEM  it  Measured  Stre.ss 
from  Cruciform  Specimen  for  Spanwise  Loading 


The  above  illustrates  the  value  of  pre-production  large  scale 
tests  in  cases  of  greater  than  usual  uncenainty,  where  the  cost 
is  more  than  outweighed  by  the  potential  savings  on  post¬ 
design  freeze  modifications  and  design  changes. 

TheT45  A  has  nowentered  service  with  the  USNavy,  and  the 
Full  Scale  Fatigue  Test  is  currently  underway. 

ll.CONCLt'SIONS 

The  structural  design  of  Hawk  is  based  strongly  on  the  need 
for  good  fatigue  life,  which  has  been  achieved  by  a 
combination  of  calculation,  test,  and  flight  measurement. 
OLM  has  played  a  key  role  in  both  the  main  tainance  of  Hawk 
TMkI  fleet  fatigue  life  clearance,  and  the  current  MoD 
standpoint  on  life  factors  suggests  that  it  will  feature  ever 
increasingly  in  the  management  of  aircraft  fleets.  The  T45.A 
Goshawk  pre-production  fatigue  test  illustrated  the 
considerable  savings  that  can  be  achieved  by  identifying 
features  requiring  attention  prior  to  manufacture. 
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1.  SUMMARY 

Load  monitoring  of  the  F-I6  fleet  of  the  RNLAF  is  carried 
out  by  NLR  using  an  electronic  device  capable  of  analyzing 
the  signal  of  a  strain  gage  bridge  on  one  of  the  main  carry 
through  bulkheads.  This  k  done  on  a  sample  of  the  fleet.  By 
making  use  of  the  information  stored  in  a  large  centralized 
data  base  system,  "individual  airplane  tracking"  is  done. 

Six  times  per  year,  the  fatigue  damage  expciience  of  the  fleet 
is  repotted  to  the  air  stafl,  expressed  in  the  so  called  "Crack 
Severity  Index". 

From  the  measurements  k  is  known,  that  the  RNLAF  is 
operating  its  F-I6  fleet  in  a  very  damaging  way. 

For  this  reason,  it  was  decided  to  investigate  the  possibilities 
how  to  decrease  the  severity  of  flying.  In  this  program  much 
attention  has  been  given  to  the  "stress  per  G"  relation  during 
a  flight.  In  particular  the  influence  of  flying  with  more 
favourite  take  off  store  configuration  has  been  studied. 

2,  INTRODUCTION 

Load  monitoring  of  the  F*I6  fleet  of  the  Royal  Netherlands 
Air  Force,  RNLAF,  is  carried  out  by  means  of  an  electronic 
device  which  analyses  the  signal  of  a  strain  gage  bridge  on 
one  of  the  major  carry  through  bulkheads  of  the  fuselage. 
Beside  this  strain  gage  bridge,  also  altitude,  airspeed  and 
loadfactor  are  being  recorded.  A  debriefing  form  has  to  be 
filled  in  for  each  recorded  flight. 

"Individual  Airplane  Tracking"  is  possible  by  making  use  of 
information,  like  mission  code  and  take  off  store 
configuration,  which  is  stored  in  a  large  centralized  data  base 
system.  The  latter  information  is  available  for  all  flo\%Ti  F-16 
flighu  by  the  RNLAF. 

The  loads  department  of  the  National  Aerospace  Laboratory 
in  the  Netherlands,  NLR,  is  responsible  for  this  load 
monitoring  program  and  the  processing  and  analysis  of 
recorded  data. 

Six  timea  per  year  the  damage  experience  per  aircraft, 
squadron  and/or  air  base  is  reported  to  the  air  force.  By  using 
this  informatinn  the  RNLAF  can  closely  monitor  the  fatigue 
experience  of  the  fleet  and  take  appropriate  actions. 

The  results  over  the  last  yean  did  show,  that  a  number  of 
squadrons  within  the  RNLAF  are  operating  far  more 
damaging  with  the  aircraft  than  has  been  assumed  for  the 
maintenance  schedule  given  in  the  Fleet  Structural 
Maintenance  Plan,  FSMP. 

For  this  reason,  a  working  group  was  established  in  order  to 
reverse  the  trend  of  the  more  damaging  flying  from  year  to 
year. 


As  part  of  the  activities  of  this  working  group,  NLR 
developed  a  software  program  to  recalculate  the  damage  of  a 
recorded  flight  for  a  different  take  ofl  store  configuration 
than  the  original  one.  but  assuming  the  same  loadfactor 
history.  Further,  the  influence  of  flight  limitations  on 
loadfactor,  airspeed  and/or  altitude  can  be  studied.  As  a 
result,  advices  have  been  given  to  the  RNLAF  for  lowering 
the  fatigue  experience  of  the  fleet. 

In  the  next  chapter  of  this  paper  the  load  monitoring,  u  it  is 
carried  out  today  by  the  RNLAF,  will  be  described. 
Individual  airplane  tracking  and  fatigue  management  will  be 
presented  in  the  next  two  chapters.  In  chapter  6  a  description 
will  be  given  of  the  method  used  for  calculating  the  fatigue 
damage  of  a  flight,  in  terms  of  crack  growth.  This  is  the  s>> 
called  "Craci^  Severity  Index”  concept. 

In  chapter  7  the  different  steps,  which  have  been  taken  to 
investigate  the  possibilities  for  reducing  the  damage  of  a 
flight,  will  be  discussed.  The  paper  ends  with  some 
concluding  remarics. 

3.  LOAD  MONITORING  TODAY  IN  THE  RNLAF 
For  many  yean,  the  NLR  has  been  engaged  in  the  load 
monitoring  of  the  Lockheed  F-16  aiicraft  of  the  RNLAF. 
From  19^  on,  the  originally  available  equipment  such  as 
Mechanical  Strain  Recorder  and  Flight  Loads  Recorder,  has 
been  replaced  by  instrumentation  specified  by  NLR.  Data 
collection  and  data  analysis  is  carried  out  by  NLR.  An 
overview  of  the  load  monitoring  program  is  given  in 
reference  I. 

In  1992,  the  one  channel  version  of  the  load  monitoring 
recorder  has  been  replaced  by  a  more  modem  four  channel 
version  of  the  sy^m,  which  has  been  manufactured  in 
Switzerland  by  Spectralab,  see  figure  I . 

The  new  system  has  the  advantages  of  more  memory 
capacity,  a  higher  resolution  and  a  real  clock.  The  additional 
channels  in  the  new  system  are  used  for  recording  loadfactor, 
altitude  and  airspeed.  The  signals  for  altitude  and  airspeed 
are  taken  from  the  data  bus  in  the  aircraft.  Sofar,  the  signal 
for  the  loadfactor  ha<  been  provided  by  an  adoitional 
acceleration  sensor  (m  top  of  the  instrumentation  package. 
These  additional  tlirec  signals  sre  needed  for  a  recalculation 
of  the  fatigue  damage  of  a  flight  which  will  be  discussed  later 
on. 

The  Spectrapot  Data  Collector  performs  a  dau  compression 
during  flight  by  searching  for  peaks  and  troughs  in  the  signal 
of  the  strain  gage  bridge.  This  bridge  i.s  located  on  one  of  the 
major  load  carrying  bulkheads  in  the  airframe  and  therefore  a 
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good  measure  o^  the  fatigue  loading  of  the  wing  and  the 
centre  section  of  the  fuselage. 

At  the  moment  cf  occurrence  of  a  peak  or  a  trough,  also  the 
values  in  the  signal  of  the  loadfactor,  airspeed  and  altitude 
are  recorded.  This  is  a  result  of  the  so  called  master/slave 
recording  method.  !n  figure  2  the  data  flow  in  th^  RNLAF  F- 
16  load  monitoring  program  is  given. 

In  the  last  years  also  the  number  of  ai^raft  wivli  "provsions 
for*  has  been  increas>'.d  ii'um  5  to  7  per  squadron. 

Diseussions  are  being  held,  to  further  inc^ea-fe  the  number  of 
aircraft  with  "provisions  for"  and  the  number  of 
instrumentation  packages  per  squadron. 

4.  INDIVIDUAL  ArxPLANE  TRACKING 

As  mentioned  before,  the  load  monitoring  program  itself  is 
only  carried  out  on  a  sample  of  the  fleet.  For  the  RNLAF  it 
wu  found  that  there  is  no  need  for  a  fleet  wide  installation, 
Dectute  in  general  the  aircraft  are  used  randomly  in  a 
squadron  by  all  pilots  and  for  all  mission  types. 

In  this  set  up  it  is  essential  that  long  term  "non  standard" 
operation  of  an  aircraft  is  monitored  separately.  Over  the  last 
years  there  is  an  increase  of  this  kind  of  operation,  mostly 
outside  the  Ncihcrlands.  Examples  are  the  low  altitude 
operation  in  Goose  Bay.  Canada,  the  pilot  training  in  Tucson, 
USA  and  the  "Deny  flight"  operation  from  Villa  Franca, 
Italy.  Also  "special  flying"  in  exercises  like  "Red  Flag"  and 
during  "Air  Display"  flights  has  been  recorded.  In  the  load 
monitoring  program,  these  "nen  standard"  squadron  flights 
are  being  handled  at  special  mission  types  for  the  RNLAF. 

"Individual  Airplane  Tracking"  can  be  done  by  a  combination 
of  recording  in  a  sample  of  the  fleet  and  by  a  usage 
monitoring  "on  paper"  for  the  total  fleet,  see  reference  2. 
From  the  measurements  and  debriefing  forms  in  the  load 
monitoring  program  the  fatigue  damage  per  mission  tvne  per 
sQuadron  and  per  time  o«*riod  becomes  available.  The  fatigue 
damage  is  expressed  in  the  so  called  "Crack  Severity  Index", 
which  is  explained  in  more  detail  in  reference  3. 

The  individual  mission  mixture  ocr  tail  number  in  a  squadron 
is  known  from  a  centrali/.cd  maintenance  data  base  system. 
CAMS.  In  this  data  base  system  information  like  mission 
code,  squadron,  flight  duration  and  take  off  store 
configuration  is  stored  for  each  F  I  6  flight  made  by  the 
RNLAF.  Each  month  the  data  are  sent  to  NLR  by  means  of  a 
modem  connection  with  the  air  force. 

For  individual  airplane  tracking,  the  severity  of  flying  per 
mission  type  per  squadron  has  to  be  combined  with  the 
mission  mixture  of  an  individual  aircraft.  In  this  way  the 
fatigue  damage  or  CSl  value  per  (ail  number  is  calculated  for 
a  given  time  period. 

5.  FATIGUE  MANAGEMENT 

For  the  air  staff  of  the  RNLAF.  management  of  the  load 
monitoring  program  it.sclf  is  carried  out  by  NLR.  In  (he 
sample  program  it  it  essential  that  a  sufficient  number  off 
flights  for  each  mission  type  are  recorded  for  each  half  year 
and  for  each  squadron.  It  is  the  task  of  the  squadrons  to  fill 
in  the  associated  debriefing  forms  and  also  to  change  the 
Spectrapot  equipment  into  another  aircraft  with  "provisions 
for"  in  case  of  long  term  maintenance  of  lh  aircraft.  There  is 
t  continuous  effort  from  the  air  staff  and  NLR  personal  to 
increase  the  number  of  recorded  flights. 

The  results  of  the  fatigue  damage  calculation  per  tail  number 
arc  presented  six  times  per  year  to  the  air  staff  of  the 


RNLAF.  Of  course,  it  is  possible  to  provide  the  information 
more  often.  However,  for  management  paiposes  a  two 
monthly  interval  seems  to  be  suffieient. 

Thu  results  are  given  in  "standard"  tables,  which  together 
give  an  overview  of  the  fatigue  damage  experience  of  the 
fleet. 

In  the  first  plaee,  a  comparison  is  being  made  between  the 
flown  mission  mixture  of  a  squadron  in  the  last  two  month 
and  the  last  three  years,  with  the  assumptions  made  for  the 
F5MF.  From  figure  3  it  is  clear  that  in  actual  operation  large 
differences  occur. 

>Arith  respect  to  the  take  off  store  configuration,  per  squadron 
a  comparison  is  being  made  between  the  actually  flown  take 
o.T  store  configurations  and  the  "most  preferable  take  off 
store  eonflguntions"  as  defined  by  the  RNLAF. 

In  figure  4  the  variation  of  the  CSl  value  over  dc  total  life  of 
each  aircraft  is  given.  For  each  aircraft  the  history  is  known 
in  terms  of  flight  hours  flown  in  each  squadron.  Since  1985 
also  the  individual  mission  mixture  flown  in  each  squadron  is 
available.  In  this  way  a  cumulative  damage  or  CSl  value  over 
the  w4iole  life  of  the  aircraft  is  calculated. 

From  flgure  4  it  is  clear  that  there  is  a  need  fur  mission 
mixture  management  per  aircraft  within  a  squadron.  Of 
course,  the  information  can  be  presented  per  squadron  and 
per  air  base.  An  example  is  given  in  figure  5. 

The  air  staff  uses  all  this  information  to  supply  the  air  bases 
and  squadrons  with  their  own  fatigue  damage  results.  Sudden 
changes  in  the  experienced  fatigue  damage  are  raising 
questions  and  do  initiate  additiona!  investigations  into  the 
cause  of  the  increase  of  the  fatigue  damage  experience. 

6.  CRACK  SEVERITY  INDEX  CONCEPT  (CS!) 

An  important  "tool"  in  the  calculation  of  the  fatigue  damage 
of  a  flight  is  the  so  called  "Crack  Severity  Index"  concept, 
which  has  been  developed  by  NLR  some  years  ago.  In 
reference  3  more  detailed  information  is  given  about  the  CSl 
development  and  the  specimen  tests  which  have  been  carried 
out  for  validation  of  the  concept. 

The  CSl  value  is  used  for  quantification  of  the  fatigue 
damage  of  recorded  stress  spectra  in  terms  of  crack  growth 
potential  The  concept  is  based  on  modem  concepts  with 
regard  to  crack  growth  prediction,  including  crack  closure 
and  associated  crack  growth  retardation.  An  important 
quantity  is  the  minimum  crack  opening  stress.  This  opening 
stress  is  a  function  of  the  maximum  and  the  minimum  stress 
in  the  spectrum  under  consideration.  It  is  important  to  realize 
that  the  calculated  CSl  value  i.s  a  relative  damage  future  for  a 
specific  location  and  loading  spectrum. 

In  the  F'I6  load  monitoring  program  of  the  RNLAF,  ihe  CSl 
concept  has  been  applied  to  the  location  of  the  strain  gage 
bridge  used  in  the  program.  As  a  reference,  a  batch  of  488 
RNLAF  F-I6  flights  recorded  in  1985,  have  been  taken 
As  mentioned  before,  the  minimum  cra  .’k  0]>ening  slrc.ss  is  of 
major  importance  for  taking  into  account  the  intcruclion 
effect  caused  by  the  large  load  cycles.  It  is  based  on  the  load 
cycle  which  occurs  once  in  thirty  flights. 

In  (he  reports  to  the  air  slaiT  a  dislincliun  has  been  made 
between  the  so  called  mirmali/ed  CSl  or  nCSl  and  spectrum 
CSl  or  sCSI.  The  nCSl  is  based  on  the  minimum  crack 
opening  stress  of  the  reference  batch  of  flights  flown  in  1985. 
In  the  case  of  the  sCSl,  the  crack  opening  stress  is  calculated 
for  all  the  flights  flown  in  the  last  half  year  by  a  squadron. 
The  resulting  crack  opening  stress  is  used  for  calculating  the 
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severity  per  flight  and  per  mission  type.  In  this  way  load 
interaction  effects  between  mission  types  are  taken  into 
account.  In  figure  6  an  eaample  is  given  of  the  importance  of 
such  an  approach.  For  example,  a  50/50  percent  mixture  of 
severe  ACT  and  RANGE  flights  has  a  combined  fatigue 
damage  per  hour  of  about  half  that  of  the  ACT  mission  type 
alone.  This  effect  is  caused  by  the  high  crack  opening  level 
resulting  from  the  ACT  mission  type.  As  a  result,  the  Urge 
number  of  load  eycles  in  the  RANGE  mission  type  hardly 
eontribute  to  the  erack  growth.  See  also  figure  7. 

7.  DECREASE  OF  FATIGUE  DAMAGE 
CONSUMPTION 

As  mentioned  before,  a  number  of  squadrons  are  operating 
more  severely  with  its  F‘16  aircraft  than  has  been  assumed 
for  the  Fleet  Structural  Maintenance  PUn.  It  may  be  added 
that  in  comparison  with  other  air  forces  the  RNLAF  also  is 
flying  more  severe.  In  terms  of  maintenance  this  means  that 
more  fatigue  cracks  are  found  during  inspections  and  (hat 
there  is  more  additional  downtime  of  the  aircraft. 

In  order  to  reduce  the  fatigue  experience  of  the  RNLAF  F-16 
fleet,  a  working  group  has  been  established.  First  priority  has 
the  reduction  of  the  fatigue  damage  to  the  one  assumed  for 
the  FSMP.  This  means  that  the  trend  of  an  increasing  load 
experience  over  (he  Ust  years  has  to  be  reversed. 

For  the  RNLAF  it  is  important  that  the  operational  (raining 
value  for  the  pilots  will  not  be  reduced.  This  means  (hat 
reducing  (he  loadfactor  load  experience  is  not  (he  first  choice. 

In  the  last  year,  most  work  has  been  done  on  reducing  the 
"stress  per  G  relation",  mostly  by  making  use  of  more 
favourable  take  off  store  configurations.  This  work  will  be 
described  in  chapter  7.2.  First,  however,  (he  effect  of 
reducing  the  maximum  allowable  loadfactor  will  be 
discussed. 

7.1  LimiUtk>n  of  maximum  loadfactor 

One  of  the  "standard*  answen  to  the  question  of  how  to 
reduce  the  fatigue  damage  experience,  is  a  limitation  of  the 
maximum  allowable  loadfactor  during  operation  of  the 
aircraft.  From  ehaptcr  6  it  may  already  be  clear  that  one  has 
to  be  very  careful  if  the  Urge  load  cycles  within  a  load 
spectrum  are  being  changed.  This,  because  of  the  Urge 
influence  of  those  cycles  on  the  crack  opening  stress  level. 
Instead  of  increasing  the  crack  growth  life  of  the  structure, 
the  result  may  be  a  shorter  crack  growth  life.  Specimen  tests 
have  been  carried  out  by  NLR  makmg  use  of  recorded  load 
sequences  during  normal  operational  flights.  In  figure  8  the 
results  are  shown.  By  reducing  the  maximum  allowable 
loadfactor  from  9  G  to  about  8  G,  it  was  found  that  the 
"truncated"  load  sequence  was  about  25  percent  more  severe. 

In  figure  9  the  results  are  shown  of  an  analysis  of  the 
influence  of  the  maximum  allowable  loadfactor  on  the  crack 
growth  life  of  the  reference  batch  of  488  flights.  By  reducing 
the  maximum  allowable  loadfactor,  the  fatigue  damage  of  the 
bad  sequence  increases  to  a  maximum  at  a  maximum 
allowable  loadfactor  of  about  5.5  G.  For  a  lower  maximum 
loadfactor  the  damage  decreases,  but  it  is  only  at  about  4  G 
that  the  original  damage  is  reached  again!  It  is  clear  that  this 
is  not  the  right  way  to  go. 

7.2  Reducing  the  "stress  per  G"  relation 

Most  attention  has  been  given  to  the  reduction  of  the  crack 
growth  damage  by  manipulating  the  take  off  store 


conflgur^ion.  The  streas  per  G  ratio  is  very  variid^le  as  a 
resuk  of  ehanging  aircraft  mus  by  burning  fuel  and  mass 
distribution,  wiiich  means  store  and  fuel  location. 

Of  course,  there  are  more  parameters  influencing  the  stress 
per  G  relation.  For  example  Mach  number  and  roll  speed.  In 
figure  10  the  variation  of  stress  per  G  is  shown  in  a  batch  of 
about  250  recorded  flights.  For  the  same  loadfactor,  a  large 
variation  of  stress  can  be  seen.  It  has  to  be  mentioned  here, 
that  the  stress  is  taken  at  the  location  of  the  strain  gage 
bridge  used  in  the  load  moni.jring  program. 

Figure  !I  gives  an  example  of  the  stress  per  G  variation 
during  a  flight  with  an  external  centreline  fuel  tank.  During 
flight,  the  fuel  in  th’u  tank  is  the  first  to  be  used.  Next,  the 
fuel  in  J>e  internal  wing  tanks  are  burned  and  the  remaining 
part  of  the  flight  is  flown  on  fuel  from  the  untemal  fuselage 
tanks. 

During  the  first  part  of  the  flight  the  stress  per  G  relation  is 
not  changing  so  much,  there  after  the  ratio  is  decreasing 
slowly  as  a  result  of  burning  fuel  from  the  internal  fuselage 
fuel  tanks.  The  more  or  less  constant  stiess  per  G  in  the  first 
part  of  the  flight  is  caused  by  a  little  decrease  of  the  stress 
per  G  from  (he  external  centreline  tank  followed  by  the 
counteracting  effect  of  burning  fuel  from  the  internal  wing 
fuel  tanks. 

Most  aaention  in  (he  project  sofar  has  been  given  to  the 
reduction  of  the  stress  per  G  relation  by  changing  the  take  off 
store  configuration.  For  this  reason,  NLR  developed  a 
computer  program  for  calculating  loads  in  a  few  sections  of 
the  wing.  The  formulae  used  have  been  received  from 
Lockheed,  the  former  General  Dynamics. 

The  formula  for  calculating  the  stress  at  the  location  of  the 
strain  gage  bridge  used  in  the  load  monitoring  pnigram,  has 
the  following  form: 

Stress  (at  location  of  strain  gage  bridge)  « 

Cl  *  shear  force  (in  wing  root) 

+  C2  •  bending  moment  „  ., 

+  C3  •  torsion  moment  ,,  ., 

Each  of  these  sectional  loads  is  a  function  of  loadfactor, 
mass.  Mach  number;  angle  of  attack  ,  roU  and  yaw 
velocity/sceeleration,  etc.  This  computer  program  has  been 
used  u  a  "tool"  for  comparing  different  take  off  store 
configurations. 

In  figure  12  an  example  is  given.  For  a  Urge  number  of 
"points  in  the  sky",  which  are  combinations  of  airspeed, 
altitude  and  ftiel  quantity,  the  stress  is  calculated  for  two 
different  take  off  store  configurations.  Clearly  visible  for  all 
"points  in  the  sky”  is  the  favourable  effect  from  the  additional 
external  stores.  From  this  investigation  "most  favourable  take 
off  store  configurations"  have  been  selected  for  the  most 
important  mission  types. 

Although  (he  "point  in  the  sky"  calculation  did  promise  some 
improvei^ent,  it  still  was  a  question  how  much  of  this  would 
happen  under  artual  operational  conditions.  In  order  to 
investigate  (his,  the  computer  program  for  calculating  the 
"points  in  the  sky"  was  extended  in  order  to  recalculate 
actually  recorded  load  sequences. 

From  the  load  monitoring  program  the  sequence  of  peaks  and 
troughs  in  the  stnin  gage  signal  of  a  flight  is  available.  At 
each  peak  and  trough  also  airspeed,  altitude,  mass  and  mass 
distribution  are  knowm 

A  few  usumptions  have  to  be  made.  In  the  first  place  the 
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imoun!  of  strew  resulting  from  uymmetrie  minoeuvring  is 
kept  the  same.  Also  the  flight  duration  is  taken  as  a  constant. 
In  principle  it  is  also  possible  with  the  computer  program  to 
recalculate  a  flight  with  limitations  on  ainpecd,  ahitude 
and/or  badfactor. 

For  the  resuhing  new  lot^  sequences,  the  fatigue  damage  is 
calculated  using  the  CSI  method.  In  figure  13  results  are 
given  of  a  recalculation  for  a  batch  of  ACT  flights.  In  this 
example  only  external  stores  are  replaced.  The  external  tank 
configurations  are  kept  the  same.  Tlie  favourable  cfTects  are 
clearly  visible.  Based  on  these  results,  "most  preferable  take 
off  store  configurations”  have  been  selected. 

As  a  begin,  the  RNLAF  has  decided  to  fly  as  much  as 
possible  with  four  missiles  or  dummy  missiles  at  the  outboard 
wing  stations. 

More  investigations  are  planned  for  the  near  future.  The 
effect  of  Mach  number  and  the  time  at  which  manoeuvring 
takes  place  uall  be  studied  in  more  detail. 

In  the  end,  the  favourable  effects  of  changes  in  the  take  off 
store  configuration  usage  should  be  seen  in  the  results  of  the 
load  monitoring  program. 

From  the  recorded  flights,  which  are  stored  in  the  data  base, 
it  can  already  be  seen  that  use  of  a  more  favourable  take  off 
store  configuration  gives  indeed  a  lower  nCSl  value.  An 
example  is  given  in  figure  14. 


8.  CONCLUDING  REMARKS 

•  An  overview  has  been  presented  of  the  load  monitoring  of 
the  F-16  fleet  of  the  RNLAF.  By  making  use  of  a 
combination  of  a  sample  measuring  program  and  the 
information  stored  in  a  centralised  data  base,  fatigue 
expehestee  per  individual  tailnumber  becomes  available. 

-  A  description  hu  been  given  of  the  "tools”  which  are 
preaeru  for  detailed  calculation  of  the  fatigue  damage  of  a 
flight  and  the  recalculation  of  a  flight  for  another  take  off 
store  configuration. 

-  More  research  is  needed  to  investigate  the  possibilities  of  a 
further  reduction  of  the  fatigue  severity  of  operational 
usage.  For  example  effects  of  Mach  number  and  time  of 
manoeuvring  in  a  flight. 
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AGARD  W  orkshop  held  in  Bordeaux. 


Introduction  to  F-16  Airframe 

The  F-16  Airframe  Has  Been  Designed  According  to  the  Latest  USAF  Philosophy  which 
was  Adopted  in  the  l^TOs 

It  has  a  Modular  Structural  Arrangement  and  Maximum  Use  Has  Been  Made  of 
Aluminum 

It  is  the  First  Aircraft  Designed  for  Fracture  Requirements  in  Mind,  from  its  Inception 

It  is  the  First  Aircraft  Designed  to  Withstand  9.0g  Loads  ana  it  is  Certified  to  8,000 
Service  Hours 

It  Has  Completed  Flight-By-Flight  Durability  and  Damage  Tolerance  Test  Programs  with 
No  Catastrophic  Failures 

Fracture  Control  Program  Has  Been  Implemented  for  Designated  Critical  Parts 

Force  Management  Program  in  Place  to  Monitor  Crack  Growth  and  Enable  the  USAF  to 
Maintain  Operational  Readiness 

Capability  Additions  Have  Grown  Basic  Flight  Design  Gross  Weight  from  22,500  Pounds 
(1975)  to  28,750  Pounds  (1992) 

Maneuverability  and  Pilot  Comfort  Features  Have  Contributed  to  Significant  Increase  in 
Maneuver  Activity  Levels  by  All  Users 

Vu-(Jraph  I 
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F-16  Requirements  for  Airframe  Structurai 
Durabiiity  and  Safety 


•  MIL-A-1530A  -  Aircraft  Structural  Integrity  Program  (ASIP) 

-  Defines  Overall  Requirements  to  Achieve  Structural  Integrity 

•  MIL-A-8866B  -  Airplane  Durability  Requirements 

-  Identifies  Durability  Design  Requirements  Applicable 
to  Airplane  Structure 

•  MIL-A-83444  •  Airplane  Damage  Tolerance  Requirements 

-  Identifies  Damage  Tolerance  Design  Requirements  Applicable 
to  Airplane  Safety  of  Flight  Structure 

•  MIL-A-8867B  -  Airplane  Strength  and  Rigidity  Ground  Tests 

-  Identifies  Ground  Tests  Required  for  Substantiation 
of  Aircraft  Structural  Integrity 


As  Interpreted  by  F-16  Structural  Design  Criteria  Documents 
V _ _ _ J 
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F‘16  Design  Approach 


•  "Safe  Life"  Approach  Abandoned  by  USAF 

-  Does  Not  Account  for  Initial  Flaw 

-  Poor  Correlation  Between  Test  and  Service 

•  Safety  and  Durability  Requirements  Decoupled 

•  Safety  -  Damage  Tolerant  Design 

-  Fall-Safe 

-  Slow  Crack  Growth 

-  Fracture  Mechanics 

•  Durability  -  Designed  Such  That: 

-  Economic  Life  >  Required  Design  Life 

-Time to  Functional  Impairment  >  Required  Design  Life 

•  Resulted  In: 

-  Use  of  Tougher  Materials 

-  Lower  Operating  Stresses 

-  Improved  NDI  Procedures 

-  More  Realistic  Testing 


•  • 
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Fatigue/Fracture  Bulkhead  Web  Analysis 

Coarse  Grid  Model  -  a/C  Cemerime - 1  rSemi-Fine  Grid  Model  - 
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Test  Policy  Comparisons 
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Tolerance  Plus  Residual  Strength  Loading 
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Test  Duration 
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Post  Test 
Inspection 

•  Teardown  Inspection 

•  Fractography 

•  Final  Analysis  Using  Test  Results 

•  Economic  Lite  >  Design  Lite 

•  Meets  Damage  Tolerance  Reqmts 

4  LItetImos  Without 

Fatigu#  Feiiura 
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Fatigue  and  Fracture  Control  Plan 
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F-16  Force  Management  Approach 
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F’16  Fleet  Management  Recording  Systems 


•  Crash  Survivable  Flight  Data  Recorder  (CSFDR) 

-  Signal  Acquisition  Unit  (SAU)  on  Every  Airplane 

-  Crash  Survivable  Memory  Unit  (CSMU)  on  Every  Airp‘ane 

-  Performs  Onboard  Data  Compression  and  Data  Storage 

•  Type  1  -  Data  fcr  Mishap  Investigation  Analysis 

-  Last  15  Minutes  or  More  of  Flight  Data 

-  Up  to  5  Special  Events 

-  Baseline  Data  at  Liftoff 

-  Data  Extracted  as  Required 

•  Type  2  •  Data  for  Individual  Airplane  Structural  Tracking 

-  A  Nz  W  Exceedances  and  Other  Usage  Information 

-  Data  Extracted  at  75  and  150  Hour  Phased  Inspections 

•  Type  3  -  Data  for  Structural  Loads  and  Service  Life  Analysis 

-  Retains  Data  for  Last  7  to  10  Flights 

-  Data  Extracted  at  75  and  150  Hour  Phased  Inspections 

‘  Type  4  -  Data  for  Engine  Usage  Analysis 

-  Retains  Data  for  Last  7  to  10  Flights 

-  Data  Extracted  at  75  and  150  Hour  Phased  Inspections 

•  Standard  Flight  Data  Recorder  (SFDR) 

-  Baselined  Off  of  CSFDR 

-  Replaces  Z8002  Microprocessor  with  MIL-STD-1750 


Vu-Graph  9 
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Lessons  Learned  Summary 


1.  Assume  Realistic  Effectiveness  for  Removable  Panels  and  Covers 

2.  Insufficient  Edge  Distance  a  Recurring  Design  Detail  Problem  with 
Today's  Compact  Fighter  Designs 

3.  Do  Not  Ignore  Effects  of  Residual  Stress  for  Structure  Loaded 
Primarily  in  Compression 

4.  Keep  Load  Paths  Straight.  Eliminate  Section  Changes.  Both 
Frequently  Ignored 

5.  Design  Connectors  for  Systems  Routing  to  Provide  Adequate  Edge 
Distance  for  Satellite  Holes  (2  to  3D).  Position  Satellite  Holes  Out 
of  Maximum  Tension  Stress  Field.  Locate  Routing  Holes  in  Low 
Stress  Areas.  Use  Single  Large  Routing  Hole  Instead  of  Multiple  Holes 

6.  Hard  to  Inspect/Difficult  to  Replace  Structure  Should  Be  Designed 
with  an  "Upper  Bound"  Usage  Spectrum 

7.  Program  Memorandums  Must  Be  Used  to  Establish  Design  Criteria/ 
Guidelines  for  Service  Life  Just  as  They  Are  for  Static  Strength 

8.  Fine  Grid  FEM  Stress  Analysis  Is  Required  to  Accurately  Predict 
Stress  Equations  for  Service  Life  Analysis  in  Areas  of  Complex 
Load  Sharing  and  Areas  Having  Stress  Gradients 

9.  Use  of  Extruded  Shapes  and  Forged  Shapes  in  Primary  Structure 
Should  Be  Fully  Investigated  with  Respect  to  Fracture  Properties 

10.  Material  Properties  Testing  and  Development  Testing  Must  Be 
Accomplished  Early  in  the  Design  Process 

11.  Use  of  Generalized  Allowable  Stresses  Okay  for  Design  with  Light 
to  Moderate  Usage.  Overrated  for  Tough  Requirements.  Detail 
Allowable  Curves  or  Detail  Analysis  Required 

12.  Full  Scale  Testing  Must  Be  Scheduled  to  at  Least  Be  Concurrent  with 
Final  Design  Release 

13.  Still  Difficult  to  Out  Guess  Weight  and  Usage  Changes  as 
Systems  Mature 

Vu-Graph  10 
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Still  A  Challenge  -  Combined  Impact  of  Weight 
and  Maneuver  Activity 

Peak  Load  Exceedance  Comparison 
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